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RISK  ANALYSIS  OF  FATIGUE  CRACKING  IN  lAF  F-16  AIRCRAFT 

R.  Halevi,  J.  Weihs,  H.  Cohen,  D.  Bar-Shalom 
Structures  Branch 
Israel  Air  Force 
M.O.B.  2I58(CT) 

I.D.F. 

ISRAEL 


ABSTRACT 

A  statistical  risk  analysis  of  fatigue  failures  in  a 
major  F-16  fuselage  bulkhead  and  it’s  implications 
for  the  current  maintenance  policy  are  presented.  A 
risk  analysis  based  on  the  Weibull  distribution  was 
performed.  The  distribution  was  constructed  using 
known  in-service  failures  and  estimated  failures 
extrapolated  using  fatigue  analysis.  This  distribution 
was  in  turn  used  to  estimate  the  failure  rate  for  the 
remaining  aircraft  in  service.  Correlation  with  planned 
maintenance  action  for  preventive  repairs  of  the 
bulkhead  yielded  an  expected  number  of  failures  for 
several  different  maintenance  scenarios.  Safety  of 
flight  issues  were  also  addressed  using  the  derived 
failure  distribution. 

INTRODUCTION 

The  Lockheed-Martin  F- 16  fighter  was  designed  for  an 
economical  structural  fatigue  life  of  3000  Flight 
Hours.  However,  in-service  crack  findings  and  results 
of  updated  Damage  Tolerance  Analysis  indicate  that 
certain  major  structural  components  will  need  to  be 
repaired  at  half  of  the  design  life.  The  most  critical 
major  component  is  a  fuselage  bulkhead  at  station 
341.8  (Fig.  1).  The  order  in  which  aircraft  enter  the 
modification  line  is  determined  from  the  severity  of 
the  cracks  detected  using  NDI  (Non-Destructive 
Inspections).  Implementation  of  this  modification  is 
in  progress  on  the  lAF  fleet. 

Modification  of  this  bulkhead  entails  the  disassembly 
of  the  aircraft,  and  replacement  of  the  lower  half  of 
the  bulkhead  with  a  redesigned  bulkhead.  The  upper 
half  of  the  bulkhead  is  checked  for  cracks  originating 
from  fastener  holes  in  the  upper  half  of  the  bulkhead 
(Fig.  2).  The  repair  of  these  craeks  can  be  achieved  in 
one  of  two  ways,  depending  on  crack  size: 

If  the  crack  is  small  enough,  the  fastener  hole  is 
reamed  until  the  crack  is  removed.  The  hole  is  then 
cold-worked,  an  oversize  fastener  is  installed  with  a 


radius  block.  Depending  on  aircraft  model,  a  special 
bolt  may  be  fitted. 

When  the  crack  length  exceeds  the  allowable  reaming 
diameter,  repairing  the  bulkhead  requires  cutting  the 
cracked  area  and  splicing  a  new  part  to  it  (Fig.  3). 
These  repairs  are  costly,  and  present  a  fire  hazard  as 
the  bulkhead  is  also  a  fuel  tank  wall. 

The  splice-type  repair  can  only  be  performed  at  D- 
Level,  while  the  ream  repair  is  performed  at  I-Levcl. 
The  splice  type  repair  eosts  over  $50,000  per  aircraft 
side  (up  to  two  per  aircraft).  The  ream  repair  costs 
several  hundred  dollars. 

The  eurrent  maintenance  policy  calls  for  a  certain 
number  of  aircraft  to  be  modified  every  year,  over  a 
span  of  several  years  (under  a  program  dubbed 
“Falcon-Up”).  The  entire  fleet  is  to  be  modified. 

lAF  management  commissioned  a  report  to  quantify 
the  economic  and  safety  aspects  of  the  current  and 
proposed  maintenance  policies,  which  would  increase 
the  number  of  aircraft  modified  each  year.  A  model 
would  have  to  be  developed  to  predict  when  the 
fatigue  cracks  in  the  upper  part  of  the  bulkhead  would 
transition  from  short,  easily  repairable  lengths  to 
splice  type  repair  lengths.  The  results  of  such  a 
model,  when  combined  with  a  maintenance  policy, 
would  yield  an  estimate  of  the  number  of  splice  type 
repairs  incurred  by  that  policy.  These  results  will  also 
be  applied  towards  a  safety  of  flight  assessment  of  the 
maintenance  policies. 

TRANSITION  PREDICTION  MODEL 

Attempts  to  estimate  the  erack  lengths  in  each  aircraft 
using  fatigue  tracking  measurements  failed,  due  to 
fatigue  tracking  model  limitations  (the  models  will 
not  account  for  differing  ream  sizes).  Therefore, 
conventional  methods  that  would  rank  the  aircraft 
according  to  the  severity  of  usage  G-spectra  or 
aeeumulated  fatigue  damage  could  not  be  applied. 
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A  model  based  upon  known  failure  distributions  can 
be  created  using  a  technique  called  “risk  analysis”  (see 
Appendix).  This  method  consists  of  estimating  a 
failure  probability  distribution  using  known  failures 
and  maximum  likelihood  calculations.  The  integral  of 
thi;;  distribution  multiplied  by  a  fleet  flight  hour 
distribution  yields  an  estimated  number  of  failures. 
lAF  has  developed  an  in-house  software  package  to 
perform  risk  analysis,  which  was  used  to  create  all  the 
following  data  [8].  The  tenn  “failure”  as  used  here 
denotes  a  splice  type  repair,  also  defined  as  an 
“economic  failure”. 

A  database  of  NDI  results  of  the  critical  fastener 
holes  for  the  fleet  was  available.  A  sample  of  this 
databa.se  is  presented  in  Fig.  4.  The  data  available 
included  date,  accumulated  flight  hours  and  crack 
length.  Most  of  the  fleet  aircraft  had  discernible 
cracks.  This  database  was  assembled  over  a  period  of 
several  years,  therefore  requiring  extrapolation  of 
crack  sizes  for  the  current  aircraft  flight  hours. 

Since  the  pending  decision  was  of  a  binary  nature 
(ream/  splice  repair),  the  data  was  filtered  to  include 
data  for  splice  type  repairs  only.  These  repairs  were 
labeled  as  “failures”  -  a  change  of  state  from  ream  to 
splice  repair. 

The  number  of  “failures”  was  small  compared  with 
the  number  of  reamed  holes.  A  large  as  possible 
sample  of  failures  is  required  for  achieving  tight 
confidence  bounds.  The  number  of  “failures”  was 
extended  by  estimating  the  “failure”  flight  hours  for 
aircraft  that  had  cracks  of  known  sizes.  This  estimate 
was  accomplished  by  adding  to  the  llight  hours  at 
which  the  crack  size  was  known,  the  remaining  flight 
hours  to  failure  (as  predicted  by  fatigue  crack  growth 
analysis  for  this  crack  size).  The  remaining  flight 
hours  to  failure  are  known  at  a  high  confidence  level 
[1].  For  every  additional  150-200  flight  hours  the 
crack  grows  by  one  ream  over-size.  Multiplying  this 
value  by  the  number  of  remaining  over-size  ream’s 
(to  splice  ream  size)  yield  the  remaining  flight  hours 
to  failure.  These  extrapolations  are  valid  as  crack 
growth  predictions  for  these  crack  lengths  are 
con  sidered  accurate. 

estimated  failure  flight  hours  =  NDI  F.H.  + 
remaining  no.  of  reams  *  F.H.  per  ream 

Prior  to  the  calculation  of  the  failure  probability 
distribution,  an  attempt  was  made  to  classify  the  fleet 
into  distinct  populations  with  particular  failure 


distributions.  Four  populations  were  recognized, 
distinguished  by  differing  structural  configuration  (F- 
16  model  A,B,C,D)  and  unique  usage  spectra  (lAF  / 
USAF  usage).  The  populations  were  designated  as  no. 
1  through  4. 

For  each  population,  a  failure  probability  distribution 
was  created  (see  Appendix  eq.  4  &  Fig.  5).  Current 
fleet  accumulated  flight  hours  were  used  to  create  a 
flight  hour's  probability  distribution  (Fig.  6)  for 
aircraft  that  haven’t  undergone  modification. 

The  results  of  the  risk  analysis  (predicted  number  of 
failures  for  certain  future  fleet  flight  hours)  for  each  of 
the  four  sub-populations  are  presented  in  Figs.  7  &  8. 
A  graph  of  these  results  is  presented  in  Fig.  9. 

VERIFICATION  OF  RESULTS 

Once  a  failure  distribution  has  been  calculated,  the 
estimated  number  of  failures  may  be  determined  for 
any  fleet  flight  hours'  distribution.  To  test  the  failure 
distribution’s  accuracy,  an  estimate  of  the  failures  for 
the  current  flight  hours  distribution  was  made.  This 
estimate  was  then  compared  to  current  crack  sizes 
known  from  NDI.  Summary  of  this  comparison  is 
presented  in  Fig.  10. 

The  risk’s  analysis  predication  is  slightly  higher  than 
currently  known  failures.  This  may  be  accounted  for 
in  the  long  time  that  has  passed  since,  many  of  the 
inspections  were  performed.  The  cracks  may  have 
propagated  to  failure  length  by  the  date  this  analysis 
was  perfoimed.  An  attempt  to  estimate  the  number  of 
currently  failed  aircraft  according  to  time  since  the 
in.spection  was  made,  and  good  correlation  was 
achieved.  The  analysis’s  results  therefore  may  be 
considered  accurate. 

INTEGRATION  OF  MAINTENANCE 
POLICY 

The  predicted  number  of  failures  does  not  take  into 
account  aircraft  modified  in  the  “Falcon-Up”  program. 
Thus,  the  estimate  of  the  number  of  aircraft  that  will 
be  spliced  is  not  readily  retrieved  from  tbe  results  of 
the  risk  analysis. 

A  method  was  developed  that  integrates  risk  analysis 
and  maintenance  policy  data  to  yield  an  estimate  of 
the  number  of  overall  splices  expected. 

As  risk  analysis  is  a  statistical  method,  no  inference 
may  be  made  from  the  overall  fleet  results  of  the 
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analysis  on  the  condition  of  a  certain  aircraft. 
Therefore,  no  assumption  can  be  made  on  the  crack 
size  of  an  individual  aircraft  at  the  date  that  it  will 
undergo  modification. 

The  following  basic  assumptions  are  made; 

1 .  Aircraft  entering  the  modification  line  are  those 
known  to  be  the  most  severely  cracked. 

2.  If  the  number  of  aircraft  that  have  undergone 
modification  is  less  than  the  number  of  predicated 
failures  (for  a  certain  population),  those  aircraft 
are  spliced. 

3.  If  there  are  more  aircraft  modified  than  predicted 
failed,  no  more  splices  are  required. 

Obviously,  these  assumptions  will  not  hold  for  the 
individual  dispersion  of  crack  findings  on  every 
aircraft  entering  the  modification  line.  Some  aircraft 
satisfying  assumption  #2  will  not  be  spliced,  and 
some  fulfilling  assumption  #3  will  have  to  be 
spliced.  However,  for  estimating  the  overall  number 
of  splices  required,  this  method  will  provide  a 
reasonable  estimate.  At  worst,  this  estimate  may  be 
used  to  grade  different  maintenance  policies  in  respect 
to  the  current  policy  (overall  no.  of  aircraft  per  year  / 
distribution  between  sub-populations). 

The  estimate  is  made  using  a  graphical  technique.  The 
horizontal  axis  is  the  time  scale  (in  years),  and  the 
vertical  axis  depicts  number  of  aircraft.  Two  lines  are 
drawn  on  the  graph  (Fig.  11),  one  representing  the 
number  of  expected  failures.  The  other  line  depicts 
the  number  of  aircraft  that  have  undergone 
modification.  The  intersection  point  of  the  two  lines 
is  the  total  number  of  failures  expected,  given  that  the 
lines  do  not  intersect  more  than  once. 

RESULTS 

The  failure  rates  for  sub-populations  1  &  2  arc  lower 
than  those  for  sub-populations  3  &  4,  but  the  current 
overall  number  of  failed  aircraft  is  larger  for  sub¬ 
populations  1  &  2.  This  is  because  they  have 
accumulated  a  significantly  higher  number  of  flight 
hours. 

Currently  there  are  about  20  aircraft  which  will 
require  a  splice,  and  by  the  end  of  the  year  there  will 
be  40  aircraft  requiring  splices. 

The  results  of  the  maintenance  policy  integration  are 
presented  in  Fig.  12  &  13.  Several  different  options 


for  changing  the  current  maintenance  policy  of 
modifying  17  aircraft  a  year  were  studied,  llic 
resulting  number  of  splices  is  presented  in  Fig.  12.  A 
plot  of  the  number  of  splices  vs.  no.  of  aircraft 
modified  each  year  is  introduced  in  Fig.  1 3. 

Obviously,  increasing  the  number  of  aircraft  modified 
yearly  lowers  the  number  of  splices  required. 
However,  the  fleet  has  accumulated  so  much  flight 
hours  that  many  aircraft  already  must  be  modified. 
The  number  of  splices  declines  with  increased 
modification  rates,  until  it  reaches  a  level  from  which 
on  the  decline  tapers  off  At  infinity  (all  aircraft 
modified  today),  the  number  of  splices  equals  the 
number  of  currently  failed  aircraft. 

An  assessment  of  funds  saved  for  every  modification 
line  rate  is  presented  in  Fig.  14.  The  sums  presented 
are  a  bottom  limit,  as  they  are  calculated  for  one 
splice  per  aircraft.  Some  aircraft  will  probably  require 
two  splice  repairs. 

CONCLUSIONS 

The  probability  distribution  for  the  failure  of 
bulkhead  341.8  (actual  failure,  not  the  reaching  of 
splice  crack  length)  and  the  subsequent  failure  of  the 
aircraft  cannot  be  detennined,  since  to  date  non  of 
these  failures  has  oecurred.  An  estimate  of  the 
distribution  may  be  made  by  shifting  the  splice  repair 
distribution  mean.  The  mean  should  be  shifted  by  the 
difference  in  fatigue  life  between  a  crack  growing  to 
splice  length  and  a  cracking  growing  to  bulkhead 
failure  length.  The  magnitude  of  this  difference  is 
indeterminate,  due  to  the  “lack”  of  in-service  failures 
to  correlate  to.  Due  to  this,  no  estimate  may  be  made 
of  the  risk  of  complete  failure  of  the  aircraft.  As  the 
“complete  bulkhead  failure"  rale  is  identical  to  the 
“economical”  failure  rale,  an  estimate  may  be  made  of 
relative  risk  amongst  the  four  sub-populations. 

At  the  current  aircraft  modification  rate,  most  of  the 
licet  will  require  at  least  one  splice.  Once  the 
modification  rate  is  increased  for  a  minimum  period 
(to  modify  all  the  “backlogged”  aircraft  which  must 
be  spliced)  and  afterwards  kept  at  a  certain  minimum, 
the  lAF  will  be  modifying  aircraft  before  the  cracks 
reach  splice  lengths. 

Increasing  the  modification  rates  will  enable  the 
modification  of  aircraft  with  small  cracks  and  save  the 
splice  repairs  for  these  aircraft. 


561 


r 


Of  the  four  sub-populations  identified,  two  are  the 
currently  critical  with  many  splices.  However,  the 
splice  rates  for  these  two  populations  will  remain 
conslanl  during  the  coming  years,  and  the  other  two 
populations  (which  to  date  have  had  few  splices)  will 
start  require  a  lot  of  splice  repairs. 

At  the  current  maintenance  policy,  the  current  high 
risk  level  of  “complete  bulkhead  failure”  will  remain 
throughout  the  implementation  of  the  modifications. 

Note 

For  security  reasons,  all  the  numbers  appearing  in 
this  paper  have  been  altered. 
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APPENDIX  -  RISK  ANALYSIS 
METHODOLOGY 


The  following  paragraphs  contain  a  detailed 
description  of  the  methodology  employed  in  structural 
failure  risk  analysis.  This  methodology  is  not  limit 
to  structural  failures.  A  Weibull  distribution  is  used 
to  fit  the  combined  failure  data  set  due  to  the 
following  reasons:  The  Weibull  distribution  is 
broadly  applicable,  it  provides  a  simple  graphic 
solution,  it  can  be  used  even  when  data  is  insufficient 
for  other  distributions  (e.g.,  sample  size  is  small), 
and  it  usually  provides  the  best  fit  for  the  type  of  data 
encountered  in  structural  fatigue  failure  [3]. 

The  form  for  the  three-parameter  Weibull  probability 
distribution  function  for  hazard  is  as  follows: 


Fcr(t)  =  1  -  exp 


(f  —  tOcr'^ 
{ricr  —  fOcr) 


-\Pcr' 


(1) 


where  t„„  is  the  minimum  expected  failure  time,  ri„ 
is  the  characteristic  failure  life  and  is  the  Weibull 
slope  parameter  for  failure  life. 

Median  cumulative  distribution  function  associated 
with  a  ranked  failure  was  used  in  our  computations 
because  it  is  independent  of  any  distribution  [4].  An 
good  approximation  for  the  median  cumulative 
function  can  be  shown  to  be: 


(A^  +  0.4) 


5.  Nelson  W.,“Appllied  Life  Data  Analysis”  ,  John 
Wiley  and  Sons,  New  York,  1982. 

6.  Salzer  H.E.,  Zucker  R.,  "Table  of  Zeros  and 
Weight  Factors  of  the  First  Fifteen  Laguerre 
Polynomials",  Bull.  Ainer.  Math.  Soc.,  55, 
1949,  pp.  1004-1012. 
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where  i  is  the  i-th  ranked  failure,  N  is  the  total 
number  of  failures  in  data  set  and  tj  is  the  i-th  ranked 
failure  life.  The  two  parameters  for  Weibull 
distribution,  |3„  and  ri„,  are  determined  (assuming  t„„ 
=  0)  using  two  methods  are  estimated  first 

by  Median  Rank  Regression  (MRR),  and  then  by 
maximum  likelihood  estimators  [5]  using  MRR 
estimation  of  the  two  parameters  [3]. 

Safety  considerations  in  aerospace  operations  require 
corrective  action  based  on  a  very  small  sample  of 
failure  data.  Since  this  is  unusual  compared  to  other 
Weibull  applications,  Monte  Carlo  simulation  was 
used  to  study  the  accuracy  of  Weibull  analysis  when 
applied  to  data  from  a  fleet  of  several  thousand 
successfully  operating  components  and  very  few 
(three  to  ten)  failures  [3].  Both  rank  regression  and 
maximum  likelihood  tend  to  overestimate  P‘s  with 
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small  failure  samples  (the  slope  on  the  Weibull  plot 
is  too  steep).  This  positive  bias  decreases  as  the 
number  of  failures  increases.  1)  is  typically 
underestimated.  Rank  regression  risk  forecasts  are 
conservative  (overestimate  the  risk)  and  less  precise 
when  computed  with  few  failures  and  many 
suspensions,  maximum  likelihood  risk  forecasts  are 
more  accurate  and  precise  than  rank  regression  risk 
forecasts  with  small  failure  samples. 

The  third  parameter  for  Weibull  distribution,  t„„,  is 
determined  by  an  iterative  method  using  and  ri„. 
Once  |3„  and  r|„  are  determined  (assuming  t„„  -  0),  we 
can  compute  t,,^,,; 


tOcr  —  t'2f  — 


{t3-t2)-{t2-tl) 


where  tl  is  the  first  failure  time,  t3  is  the  last  failure 
time  and  t2  is  the  time  corresponding  to  the  linear 
halfway  distance  on  the  Weibull  plot  vertical  axis 
calculated  by  : 

t2  =  exp{w  +  f5cr  *  In(ncr)} 

where: 

w  =  y  1  +  0.5*(y3-y  1) 
yl  =  ln{ln[iy(l-F(tl))]} 
y3  =  ln{ln[V(l-F(t3))]} 

After  subtracting  t„„  from  each  failure  time  of  the 
combined  failure  data  set,  the  two  parameters  of  the 
Weibull  distribution  (Per  ilcr)  are  re-determined 
using  the  "new"  combined  failure  data  set.  t„„  is  re¬ 
computed  using  re-determined  P^r  and  r|er.  Those 
iterations  are  repeated  until  convergence  of  t„„  is 
achieved.  A  Weibull  distribution  is  also  used  to 
characterise  the  current  aircraft  lives.  The  probability 
of  failure  of  an  aircraft  component  within  the  fleet 
after  the  next  6t  flying  hours  (assuming  a  uniform 
fleet  flight  hour  accumulation  rate)  is  determined  by 
the  following  integral  expression  [2]  : 

Probability  of  failure  after  the  next  5t  hours  = 


J  exp(-x) • exp 


{j]cr  —  tOc-r)  ' 


tOci  —  tOpI - 


Tjpl  —  tOpI 


where  top,  is  the  minimum  expected  actual  aircraft 
flight  hours,  rjp,  is  the  characteristic  flight  hours  and 
Ppi  is  the  Weibull  slope  parameter  for  actual  aircraft 
flight  hours.  It  should  be  noted  that  the  integral 
expression  in  (4)  presents  the  probability  of  failure 
after  the  next  5t  hours,  as  long  as: 


kicr  -  kipl  +  St 


If  the  lleet  docs  not  accumulate  flight  hours 
uniformly,  then  historical  data  can  be  used  to  estimate 
the  number  of  flight  hours  of  each  aircraft  in  the  next 
z  years.  A  Weibull  distribution  will  be  used  to 
characterise  the  aircraft  expected  lives  for  the  next  /. 
years.  The  integral  expression  in  (4)  will  then  be: 

Probability  of  failure  after  the  next  z  years  = 


Jexp(-x)' 


(^TJer  “  /Oa)  ■  X'^'  +  tOcr  —  tOpl(z) 


T]p/(z)  -  top:{z} 


where  Pp|(z),  ripifz),  l„p|(z)  are  the  three  Weibull 
parameters  for  expected  flight  hours  for  next  z  years. 
The  integral  expressions  (4)  and  (6)  are  computed 
numerically  using  a  fifteen  point  Laguerre-Gauss 
quadrature  [6],[7] : 


J  exp(-x)  •  fix)dx  =  f{xi)  ■ 


(liscrctizaiiim  error' 


where  Xj  is  the  i-th  zero  of  m-th  Laguerre  polynomial 

and  H|  is  the  i-th  weight  factor  while  m=l . 13. 

Based  on  several  structural  risk  analyses,  we  found 
that  f(x)  approaches  zero  very  quickly  (ftxj)  =  0.0  for 
Xj>l),  making  only  the  first  two  terms  in  the  above 
sum  significant.  The  accuracy  of  the  numerical 
integration  is  controlled  by  computing  the  error 
between  two  consecutive  sums,  e.g.  : 


Once  the  probability  of  failure  is  determined  as  a 
function  of  6t  (eq.  (4))  or  as  a  function  of  years  (eq. 
(6)),  the  number  of  components  expected  to  fail  at 
any  time  can  be  detennined.  For  a  large,  complete  (no 
suspensions)  failure  data  set  of  size  N,  the  confidence 
intervals  for  and  rj,,  can  be  approximated  by  the 
following  expressions  [3]  : 
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„  f-0.78  ro.78-Za^ 

Per-  - -= -  <  Per  <  Per-  - (8) 

V  a/A'  y  V  a/A^  / 

T^er  •  (- 1 .05  ■  Za)  ^ ^  ^  r]er  ■{]. 05 -Za) 

- - - P= -  ^  Tier  Is  -  7=  yy) 

Pr-4N  Pr-4N 

where  Z„,  the  upper  a/2  point  of  the  standard  normal 
distribution,  depends  on  the  confidence  level  chosen. 
Z„‘s  for  various  (typical)  confidence  levels  arc 
presented  in  many  statistical  handbooks.  The 
confidence  bands  are  computed  by  expressions  (4)  or 
(6),  using  the  values  derived  by  inequalities  (8)  and 
(9)  A  failure  data  set  may  contain  more  than  one 
mode  of  failure.  In  this  case,  two  distinct  failure 
distributions  will  appear  on  the  Weibull  plot.  In  order 
to  detect  this  phenomenon,  only  measured  lives  for 
failed  components  should  be  incorporated  into  the 
failure  data  set.  Risk  analysis  should  be  performed 
for  each  separate  mode  of  failure. 
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Figure  2.  Bulkhead  341.8  detail 


Figure  3.  Bulkhead  341.8  splice  repair 


Figure  1.  F-16  structral  breakdown 
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Figure  6.  Sub-population  life  distribution  example 
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Figure  10,  Compari.son  of  estimate  to  known  failures 


Figure  1 3.  No.  of  splices  vs.  falcon-up  rate 
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■  Increasing  mod  rate  for  several  years  will  lower 
the  risk  of  bulkhead  failure  and  keep  it  low. 
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■  This  trend  was  validated  lately  by  many 
splices  required  by  those  sub-populations. 
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Larger  Doubler 
With  Field  Rivets  Cracks 
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-  Critical  Frequencies 
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-  Provide  Tools  in  Addendum  to  Sonic  F^fiaue  Design  Guide 


APPLICATION  OF  THE  MECSIP  PROCESS 
TO  THE  B-2  GROUND  REFUELING  SYSTEM 


EDWIN  J.  WELLS 
FUEL  SYSTEM  ENGINEER 
B-2  SYSTEM  PROGRAM  OFFICE 
UNITED  STATES  AIR  FORCE 
WRIGHT-PATTERSON  AIR  FORCE  BASE  OH 


Abstract 

This  paper  discusses  the  application  of  the 
MECSIP  process  to  the  design  and  analysis  of  a 
fuel  system  control  valve  on  the  B-2.  The 
ground  refuel  manifold  isolation  valve  as  applied 
resulted  in  a  single  point  failure  in  the  fuel 
system.  Failure  under  high  flow  conditions  could 
have  caused  high  system  surge  pressures  in 
excess  of  the  system  yield  and  burst  strength. 
The  MECSIP  process  was  employed  to  assess 
possible  design  solutions  to  prevent  this 
condition.  Ultimately,  the  valve  was  removed 
and  a  man  in  the  loop  was  used  to  control  the 
fuel  system. 

I.  Description  of  the  B-2  Fuel  System 

The  B-2  fuel  system  contains  eight  integral 
fuel  tanks  symmetric  about  the  centerline  of  the 
aircraft.  The  tankage  system  is  categorized  as  a 
main  and  three  auxiliary  tanks  (inboard,  aft,  and 
outboard).  The  total  capacity  of  the  system  is 
over  165,0(K)  pounds  or  about  25,000  gallons. 
Aerial  and  ground  refueling  are  accomplished 
through  common  transfer  lines  that  connect  each 
tank.  Aerial  refueling  inlets  are  connected  to  the 
transfer  system  from  the  aerial  refueling 
receptacle  slipway  installation  (ARRSI)  located 
on  the  top  surface  of  the  aircraft  near  the  aircraft 
CG.  Ground  refueling  inlets  are  connected  to  the 
transfer  system  from  two  single  point  receptacles 
(SPR)  located  in  the  left  hand  main  landing  gear 
wheel  well. 


FUEL  TANK  ARRANGEMENT 


Maximum  flow  rates  for  aerial  refueling  can 
achieve  1100  gallons  per  minute  (gpm)  at  55  psi 
and  ground  refuel  rates  can  achieve  950  gallons 
per  minute  at  55  psi.  Control  of  fuel  into  a  fuel 
tank  is  controlled  by  two  level  control  valves 
(LCV)  assembled  in  parallel  so  that  failure  of 
one  LCV  will  not  prevent  refueling  from  being 
completed. 


Fuel  management  is  accomplished  through 
the  fuel  measurement/management  system 


613 


(FM/MS)  computers.  There  are  four  general 
features  of  the  control  system  and  are  rank 
ordered  in  priority:  Feed  engines,  control  CG, 
keep  main  tanks  full  and  thermal  balance.  Fuel 
is  actively  transferred  during  a  mission  to 
minimize  control  surface  movement  for  low 
observable  purposes.  The  transfer  system  used 
for  in  flight  fuel  movement  is  the  same  system 
used  for  aerial  and  ground  refueling.  An 
independent  feed  system  is  used  for  engine  feed. 

II.  Ground  Refuel  Subsystem 

The  ground  refueling  subsystem  is  capable  of 
accepting  ground  source  fuel  at  rated  conditions 
of  950  gpm  at  55  psig  from  two  independent 
single  point  ground  refueling  receptacles  (SPR). 
Each  SPR  independently  can  supply  600  gpm  at 
55  psig.  Non-linear  reduced  flow  capability  from 
both  SPRs  is  caused  by  the  downstream 
plumbing  consisting  of  tubing  and  a  ground 
refuel  manifold  isolation  valve  (GRMIV).  The 
ground  refuel  manifold  assembly  immediately 
downstream  of  the  SPRs  contains  a  sharp  bend  at 
each  SPR  and  the  bifurcated  flow  is  combined 
through  another  sharp  bend.  The  changes  in  the 
velocity  vectors  create  high  turbulent  flow 
conditions.  Soon  after  the  flow  is  recombined 
the  fuel  is  controlled  by  the  GRMIV. 


Transfer  ManHofd 

LH  Tanka  RH  Tanka 


Single  Point  Receptacle  Single  Point  Receptacle 

The  GRMIV  is  a  butterfly  valve  configuration 
that  positions  the  valve  disk  in  the  flow  stream. 
Mechanical  control  of  the  valve  is  achieved 
through  a  1/25  HP  DC  motor  connected  to  a  gear 
assembly  and  drive  shaft.  The  purpose  of  the 
GRMIV  is  to  provide  automatic  shut  down  of 
ground  refueling  operation  in  the  event  of  a 
failed  open  level  control  valve  (LCV)  or  other 
safety  critical  failures.  Open  failure  of  an  LCV 
would  allow  a  fuel  tank  to  fill  to  capacity  and 
overflow  into  the  surge  tank  located  on  the  wing 
tip.  The  surge  tank  would  then  overflow  and 
result  in  fuel  spillage  through  the  vent/dump 


outlet.  A  second  feature  of  the  GRMIV  was  to 
provide  a  tertiary  fuel  seal  between  the  fuel 
system  and  potential  leakage  past  the  SPRs  into 
the  landing  gear  bay.  The  primary  and 
secondary  seals  are  provided  by  a  check  valve 
and  a  locking  cam  in  the  SPR. 

III.  Failure  of  GRMIV 

Original  design  requirements  did  not 
account  for  the  high  cyclic  loads  generated  by  the 
high  velocity  flow  field.  The  original 
requirements  were  based  on  a  static  requirement 
of  nominal  (120  psi),  proof  (240  psi)  and  burst 
(360  psi)  pressures.  The  fatigue  requirements 
were  established  based  on  the  number  of  cycles 
the  component  was  expected  to  encounter.  If  the 
valve  were  operated  less  than  10  times  per  flight 
the  valve  was  qualified  to  10,000  unloaded  open 
and  close  cycles.  If  the  valve  were  operated  ten 
times  per  flight  or  more  the  valve  was  qualified 
to  100,000  unloaded  open  and  close  cycles.  This 
type  of  approaeh  did  not  consider  the  system 
application  of  the  valve.  The  expected  operation 
of  the  valve  was  less  than  10  times  per  flight 
since  the  valve  was  only  operated  during  ground 
refueling  and  less  than  10,000  cycles  were 
expected.  However,  because  of  the  cyclic 
loading  due  to  turbulent  flow  this  design  criteria 
was  inadequate.  Consequently  the  valve  and 
drive  train  assembly  were  undersized. 

The  effect  of  the  LCF  condition  was 
manifested  during  testing  of  the  fuel  system 
simulator  (FSS)  which  is  a  full  scale  fuel  system 
test  article.  The  FSS  simulates  fuel  tank  volume, 
refuel,  engine  feed  plumbing  and  components  as 
well  as  the  fuel  control  system.  Although  not 
identical  to  the  air  vehicle,  correction  models 
could  adequately  predict  operational 
performance. 

The  original  design  was  constructed  of 
aluminum  alloy  materials  with  a  predicted  duty 
cycle  based  on  typical  ground  refueling  missions. 
The  turbulent  loads  associated  with  the  high 
pressure  drop  conditions  in  the  ground  refuel 
manifold  were  not  considered.  Tests  conducted 
at  850  GPM/50  PSIG  resulted  in  an  expected  life 
of  less  than  5  minutes. 

Cyclic  loads  caused  by  the  turbulent  flow 
resulted  in  failure  of  the  drive  shaft  at  a  radius 
location.  Without  restriction  of  the  valve,  the 
unsteady  flow  forced  the  valve  disk  to  rapidly 


close.  Estimated  time  of  closure  was  0.002  to 
0.010  seconds.  Closure  of  this  rate  was  judged 
to  be  a  fast  closing  valve  which  creates 
considerably  higher  surge  pressures  than  a  slow 
closing  valve.  Measured  surge  pressures  during 
the  failure  were  estimated  to  be  above  600  psig. 
Surge  pressures  near  1500  psig  were  estimated  at 
full  rated  design  conditions  of  55  psig/1200  gpm. 
However,  the  system  resistance  of  the  refuel 
subsystem  limited  maximum  flow  rates  to  about 
950  gpm.  At  these  velocities  max  surge 
pressures  were  estimated  at  1000  psig,  which 
were  still  above  nominal,  proof  and  burst 
allowables.  The  concern  about  this  failure  mode 
was  that  high  surge  pressures  would  cause  failure 
of  aircraft  components  and/or  ground  support 
equipment.  Likely  rupture  would  occur  and 
result  in  a  hazardous  condition  for  the  ground 
crew. 

IV.  System  Safety  Analysis 
Formal  assessment  of  the  GRMIV  failure  was 
accomplished  using  the  System  Safety  Real 
Hazard  Index  (RHI)  analysis.  This  analysis 
assesses  the  hazard  severity  coupled  with 
probability  of  occurrence.  Each  hazard  category 
and  probability  of  occurrence  is  assigned  a 
numerical  value  that  is  shown  in  parenthesis  after 
each  .  There  are  four  hazard  categories: 

•  Category  I:  Catastrophic  (4) 

•  Category  II:  Critical  (3) 

•  Category  III:  Marginal  (2) 

•  Category  IV:  Negligible  (1) 

Probability  of  occurrence  is  separated  into  6 
categories  sorted  by  rough  order  of  magnitude  of 
expected  failures  per  flight  hour.  These 
categories  are  defined  as: 

•  Frequent  (1  E-3  flight  hour)  (6) 

•  Reasonably  Probable  (1  E-4  flight  hour)  (5) 

•  Occasional  (1  E-5  flight  hour)  (4) 

•  Remote  (1  E-6  flight  hour)  (3) 

•  Extremely  Improbable  (1  E-7  flight  hour)  (2) 

•  Impossible  (<  1  E-8  flight  hour)  (1) 

For  the  specific  failure  of  the  GRMIV  the  hazard 
category  was  Category  I,  Catastrophic  and  the 
probability  of  occurrence  was  remoter.  The 
resultant  RHI  of  1/12  was  calculated.  The  italics 
in  following  table  defines  conditions  that  are 
considered  Safety  Critical.  If  a  Safety  Critical 
condition  exists,  limitations,  workaround  or 


redesign  is  necessary 
from  being  recurring. 

to  prevent  the  condition 

HAZARD  CATEGORY 

PROBABILITY 

I 

II 

III 

IV 

Frequent 

24 

18 

12 

6 

Probable 

20 

IS 

10 

5 

Occasional 

16 

12 

8 

4 

Remote 

12 

9 

6 

3 

Improbable 

8 

6 

4 

2 

Impossible 

4 

3 

2 

1 

Workarounds  for  this  condition  limited  ground 
refueling  to  300  gpm  based  upon  the  finding 
during  failure  simulations.  At  flow  rates  equal  to 
or  less  than  300  gpm,  failure  of  the  GRMIV  was 
unlikely  and  peak  surge  pressures  would  be  less 
than  proof  pressure  in  the  event  of  a  failure. 

V.  Failure  Simulations 

Initial  failure  mode  testing  on  the  fuel  system 
simulator  were  not  conclusive  in  determining  the 
loading  spectrum  on  failed  parts.  Failure  mode 
information  was  necessary  to  confirm  analysis  of 
failed  parts  as  well  as  for  definition  of  a  solution. 
A  test  set  up  was  developed  that  duplicated  the 
aircraft  manifold  and  single  point  receptacles  and 
simulated  the  refueling  pantograph  and  refueling 
sources.  Pressures  were  established  at  55  psig 
and  the  flow  rates  were  increased  incrementally 
by  50  gpm.  Flow  conditions  were  tested  for  two 
single  point  refueling  locations  as  well  as  one 
single  point  refueling  location  to  assess  the 
effects  of  non-symmetric  refueling.  Data 
collected  included  shaft  torque,  fluid  flow  rate, 
fluid  velocity,  steady  state  and  transient  pressure. 

The  drive  train  of  the  valve  was  disassembled 
and  replaced  with  a  retaining  pin  that  held  the 
valve  disk  in  a  fixed  location  in  the  flow  stream. 
Steady  flow  was  established  and  maximum 
positive  and  negative  torque  values  were 
recorded.  Drive  shaft  failure  was  simulated  by 
rapidly  removing  the  valve  retaining  pin. 

The  failed  part  on  the  isolation  valve  was  the 
radiused  section  of  the  drive  shaft.  Torque  and 
peak  surge  pressure  were  recorded  during  the 
rapid  closure  of  the  valve.  Analysis  of  the 
weakest  section  of  the  GRMIV,  radiused  shaft 
section,  indicated  max  allowable  torque  of  108 
in-lbs.  Failure  mode  tests  indicate  that  level  of 
torque  was  encountered  at  about  700  gpm 
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VI.  Service  Life  Assessment 


After  the  failure  simulation  tests  were 
completed,  a  duty  cycle  for  the  GRMIV  was 
generated.  The  duty  cycle  was  created  by 
determining  the  number  of  hours  that  would 
accumulate  during  the  life  cycle  of  a  B-2.  Most 
of  the  loads  were  generated  by  the  turbulent  flow 
associated  with  ground  refueling,  however, 
additional  loads  such  as  fuel  system  transients 
during  flight,  proof  pressure  checks  and 
mechanical  bending  from  structural  movement 
were  also  considered.  Only  the  open  and  close 
cycle  with  no  fuel  flow  loads,  and  dynamic 
loading  associated  with  the  unsteady  turbulent 
flow  were  included  in  the  design  duty  cycle. 

VII.  Redesign  Options 

Because  operation  of  the  valve  was 
considered  safety  critical,  damage  tolerance 
criteria  was  applied  to  the  design.  Material 
changes  from  aluminum  to  SS  were  evaluated 
with  surface  treatment  and  radius  changes. 
However,  predicted  loads  derived  from  failure 
simulations  suggested  that  the  loads  were 
excessive  for  the  proposed  changes.  The 
physical  envelope  for  the  GRMIV  was  fixed  and 
did  not  allow  any  expansion  without  affecting 
two  castings.  For  this  reason,  simple  cross 
section  increases  of  critical  areas  could  not  solve 
the  limited  life  problem  without  excessive  cost. 

Process  Control:  Material  and  mechanical 
properties  were  not  considered  since  a  DT 
approach  was  not  taken.  However,  control  of 
properties  and  processes  would  have  been 
reasonable  and  straight  forward.  This  would 
have  been  economically  feasible  only  because  of 


the  limited  number  of  parts  that  a  redesign  would 
have  replaced. 

Once  it  was  determined  that  the  straight 
forward  (obvious)  solutions  would  not  meet 
requirements,  two  other  options  were  assessed. 
The  first  redesigned  the  butterfly  disk  for  better 
hydrodynamic  performance.  A  contoured  disk 
was  devised  that  would  reduce  the  large  pressure 
drop  associated  with  the  baseline  design.  The 
second  option  employed  a  spring-mass-damper. 

All  three  options  were  deselected  for  the 
following  reasons: 

Option  1 :  Design  of  the  contoured  disk  was 
sensitive  to  fuel  properties  e.g.,  viscosity, 
density,  and  shear  forces.  Because  JP-8  had  a 
wide  range  of  these  properties  around  the  world 
worst  case  conditions  for  fuel  properties  were 
applied  and  could  not  meet  DT  requirements. 

Option  2:  Design  of  a  spring-mass-damper 
system  presented  a  high  level  of  technical  risk 
due  to  the  compact  envelope  requirements.  The 
cost  associated  with  such  a  high  risk  design  was 
the  basis  for  rejection. 

Option  3:  This  option  applied  DT  criteria  to 
a  design  with  use  of  high  strength  materials  and 
surface  finish  improvements  and  applied  NDI 
inspection  methods  to  confirm  material  flaw  size. 
Since  two  lifetime  requirements  could  not  be 
met,  periodic  inspections  would  have  been 
required.  Life  cycle  costs  associated  with  this 
option  were  considered  to  be  too  high. 

VIII.  MECSIP  Considerations 

Because  DT  analysis  could  not  be  satisfied 
within  the  envelope  constraints,  removal  of  the 
valve  was  selected  to  resolve  the  problem. 
MECSIP  considerations  were  applied  to  this 
option  before  removal  was  finalized.  Several 
criteria  had  to  be  satisfied: 

1.  Safety  critical  condition  was  removed 
(Safety) 

2.  Performance  was  not  impacted 
(Mission) 

3.  Insignificant  impact  to  LCC 
(Economic) 

Safety  Critical  Analysis:  Removal  of  tlie 
valve  eliminated  the  failure  mode  of  high  surge 
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pressure.  However,  it  also  eliminated  the 
automatic  shut  down  feature  of  ground  refueling. 
This  risk  was  mitigated  by  requiring  ground 
maintenance  personnel  to  monitor  surge  tank 
quantity  indications  on  the  ground  refuel  panel 
located  adjacent  to  the  SPRs.  In  the  event  of  a 
failed  open  LCV,  fuel  would  flow  through  the 
vent  system  and  fill  the  surge  tank  located  in  the 
wing  tips.  Located  in  each  surge  tank  is  a  float 
switch  that  is  activated  at  about  10%  full 
quantity.  Activation  of  the  float  switch 
extinguishes  a  light  on  the  ground  refuel  panel. 
After  extinguishing  of  the  light,  the  ground  crew 
must  stop  refueling  within  about  one  minute  to 
prevent  fuel  spillage.  This  was  considered  to  be 
adequate  to  satisfy  minimum  human  factors 
response  time.  Operation  of  the  surge  tank  light 
can  be  confirmed  with  a  press  to  test  operation. 
This  effectively  required  two  independent 
“failures”  to  occur:  hardware  failed  and  human 
error. 

Since  the  GRMIV  provided  a  third  level  of 
redundancy  for  leakage,  the  applicability  of  the 
valve  was  reconsidered.  Fire  protection  design 
criteria  for  a  flammable  zone  required  two  levels 
of  redundancy  to  prevent  leakage.  Without  the 
valve  in  place,  this  criteria  could  still  be  met 
since  the  single  point  receptacle  provided  two 
levels  of  leakage  protection  into  the  MLG  wheel 
well.  The  only  consideration  was  fuel  spillage  on 
the  ground  in  the  event  of  a  failed  open  level 
control  valve  during  ground  refueling  which  did 
not  change  with  removal  of  the  GRMIV. 

Mission  Critical  Analysis:  The  four 
inch  GRMIV  contributed  a  large  percentage  of 
the  pressure  drop  budget  for  the  ground  refueling 
system.  Removal  of  the  valve  provided  a  benefit 
of  decreased  refueling  time,  which  helped 
decrease  overall  mission  turnaround  times. 
Additionally,  inherently  safer  operations  were 
encountered  based  upon  the  fact  that  shorter 
refuel  times  reduces  the  exposure  for  an  accident. 
The  failure  associated  with  this  accident  is  fuel 
spillage  during  refueling  resulting  in  potential 
fire. 

Economics  Analysis:  LCC  cost  benefits  were 
relatively  small  with  this  option.  Spare 
provisioning  was  not  required,  however,  costs 
were  incurred  with  technical  data  changes.  The 
majority  of  savings  were  recognized  by  avoiding 
the  contractual  changes  and  procurement  of  parts 
associated  with  a  redesign. 


IX.  Conclusions 

FMEA  discovered  a  safety  critical  failure  mode 
that  was  analyzed  using  methods  recommended 
in  the  MECSIP  Guide.  MECSIP  revealed  an 
error  in  definition  of  the  GRMIV  duty  cycle. 
Open  and  close  cycles  were  considered  to  be  the 
only  loading  of  the  valve  and  the  number  of  these 
applications  were  clearly  understood.  However, 
secondary  effects  caused  by  turbulent  flow  across 
the  valve  disk  created  greater  loads  and  higher 
number  of  cycles  that  became  the  overriding 
design  condition.  Thorough  understanding  of 
component  duty  cycles  is  necessary  for  adequate 
design  criteria. 

Application  of  the  MECSIP  process  was 
reapplied  to  deletion  of  the  valve  to  determine 
the  effect  on  system  safety,  mission,  and  life 
cycle  costs.  This  criteria  was  evaluated  and 
determined  to  be  too  costly  for  the  benefit  of  the 
operation  of  the  valve.  However,  the  MECSIP 
process  provided  methods  to  conduct  a  thorough 
analysis  of  failure  modes  and  trade  study  options 
to  arrive  at  a  decision  with  a  favorable 
cost/benefit  ratio. 
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FUEL  TANK  ARRANGEMENT 
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Duty  cycle  derived  from  Mil-F-8615 

Straight  pipe  configuration  vs.  high  velocity  bend  manifold 

Inaccurately  predicted  adequate  life 


ASIP  96 


H  l3  ^ 

III 

^  rR  ^ 

o  u  .. 


S'  S'  g* 

o  o  o 

W)  W3  ^ 
0)  D  W 

•H  '*i  "trt 

u  u  o 


>» 

£ 

O 

O 

o 

!p 

cd 

<D 

bO 

O 

P^ 

• 

&0 

<l> 

Vh 

2 

9 

XI  U 

,3  *2  <1^ 

g  ^  P. 

O  O  2 

R  o  3 

X'  o 

O  ^  Tl 


O 

P-i 


C/!j 

ST  03 


v-^  »> 

o  o 


H  R  w 
W  —T 

«- 1 

i  s.'S 

3  o 

^  §  2 

^  I 


3  M 


Cj  rH  >> 

P  13 

O  d)  ^ 


•  foai 

^  2  p 

o  6  ^ 

O  (D  X 

o  p<  m 


•  • 


627 


Impossible  (Less  than  1  failure  per  100,000,000  hrs) 
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Data  was  curve  fitted  and  extrapolated  to  1 100  gpm  to 
estimate  max  torque  required 

Estimated  to  be  300  in-lbs 
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-  Damper  would  become  Safety  Critical  part 
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Fault  Tree  Analysis  (FT A)  used  to  answer  question 
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process 

•  Standard  QA  limits  were  too  broad  for  adequate  definition 

•  Standard  Acceptance  Test  Procedure  data  unusable 
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Controlling  Multi-Site  Damage  by  Means  of  Design  and  Inspection 
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Abstract 


The  results  of  a  parametric  study  on  controlling  multi-site  damage  is  reported. 
The  effects  of  the  pitch/diameter  ratio,  number  of  fastener  rows,  NDI  method  and 
inspection  intervals  were  considered.  The  parametric  study  was  performed  using 
the  INSIM  computer  program  which  simulates  the  fatigue  and  inspection  process. 
Five  design  configurations  are  recommended,  with  the  aim  of  minimizing  the 
probability  of  failure  of  a  potential  multi-site  damage  structure. 

Introduction 


Multi-site  damage  (MSD)  represents  a  particularly  dangerous  configuration 
from  the  standpoint  of  structural  integrity.  Small  cracks  can  initiate  at  several  sites 
and  will  grow  simultaneously.  Eventually  the  cracks  will  link-up,  with  failure 
occurring  shortly  afterwards.  Multi-site  damage  can  be  thought  of  as  the  prelude 
to  catastrophic  widespread  fatigue  damage. 

In  order  to  design  a  potential  multi-site  damage  structure  to  have  a  very  low 
expectation  of  failure,  the  important  parameters  must  first  be  identified  These 
parameters  can  be  classified  as  design  parameters  (material,  hole  diameter,  hole 
pitch,  number  of  fastener  rows,  stress  level,  etc.)  and  inspection  parameters  (NDI 
method  and  inspection  interval).  These  parameters  can  then  be  traded-ofif  in  order 
to  achieve  the  degree  of  safety  required. 

One  important  design  parameter  is  the  ratio  of  hole  pitch  distance  to  hole 
diameter,  p/D.  As  p/D  becomes  smaller,  and  the  holes  are  closer  together,  the 
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amount  of  load  transferred  at  each  fastener  is  reduced.  As  p/D  becomes  larger, 
and  the  holes  are  further  apart,  the  amount  of  load  transferred  at  each  fastener  is 
increased.  For  a  typical  multi-site  damage  configuration,  crack  initiation,  crack 
growth  and  total  lives  were  calculated  using  strain-life  and  crack  growth  analyses 
respectively,  as  is  shown  in  Figure  1 . 


2  3  4  5  6 

PITCH  /  DIAMETER 


Figure  1:  Effect  of  p/D  on  crack  initiation  and  growth  of  an  MSD  structure 


Figure  1  indicates  that  the  crack  initiation  life  and  total  life  are  very  much 
affected  by  the  pitch/diameter  ratio.  Due  to  the  increased  load-transfer,  the  crack 
initiation  life  drops  by  nearly  an  order-of-magnitude  as  p/D  is  increased  from  3  to 
6.  This  is  consistent  with  the  observation  stated  in  Reference  6,  the  single  most 
important  feature  for  insuring  a  long  fatigue  life  in  metallic  structures  is  the  need 
for  a  low  hearing  stress  on  all  fasteners  at  critical  locations  in  the  structure”. 

Figure  1  indicates  that  the  crack  growth  life  increases  as  the  pitch/diameter  ratio 
increases.  This  is  due  to  the  longer  distance  between  holes,  which  allows  the 
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cracks  to  grow  for  many  more  cycles  before  becoming  critical.  Figure  2  shows  the 
effect  of  the  pitch/diameter  ratio  on  the  critical  crack  size  and  indicates  that  the 
critical  crack  size  is  increased  at  the  larger  values  of  p/D.  Figure  2  also  shows  that 
the  critical  crack  size  increases  from  a  virtually  undetectable  size  at  p/D  =  2,4  to  a 
readily  detectable  size  at  p/D  =  6. 


CRITICAL  CRACK  SIZE  -  INCHES 


Finding  the  optimum  value  of  p/D,  that  will  insure  maximum  safety,  is  not  at  all 
straightforward.  Should  we  select  a  small  value  of  p/D,  such  as  three,  and  rely  on 
a  large  crack  initiation  or  total  life?  Or  should  we  pick  a  large  value  of  p/D,  such  as 
six,  and  rely  on  slow  crack  growth  and  enhanced  NDI  capability?  In  order  to  help 
answer  this  question,  a  computer  simulation  method,  called  INSIM,  was  used. 

IhtlNSIM  computer  program,  which  is  described  in  detail  in  References  1-3, 
has  been  developed  in  order  to  simulate  the  entire  fatigue  environment  that  a 
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structure  must  withstand.  INSIM  simulates,  in  a  probabilistic  manner,  service  life 
variation,  service  load  severity,  time  to  crack  initiation,  crack  growth  history  and 
NDI  detection  capability. 

Cracks  initiate  at  critical  locations  of  aircraft  structures.  These  cracks 
propagate  and,  unless  detected  and  repaired,  will  eventually  result  in  a  failure. 
There  are  three,  mutually  exclusive,  outcomes  of  the  fatigue  process: 

(1)  The  aircraft  may  reach  the  end  of  its  operational  life  and  be  retired  from 
service.  The  retired  aircraft  may  or  may  not  have  undetected  cracks  at 
critical  locations. 

(2)  A  crack  may  be  detected  during  maintenance  operations.  The  affected 
part  is  usually  repaired  or  replaced. 

(3)  A  crack  reaches  its  critical  size  undetected  and  the  structure  fails  in 
service. 

INSIM  performs  a  simulation  of  a  single  critical  location  for  every  aircraft  in 
an  entire  fleet.  Cracks  initiate  at  various  times  and  grow  at  variable  rates  in  each 
aircraft.  Inspections  are  performed  according  to  a  predetermined  schedule,  using 
as  many  as  six  different  NDI  methods.  Cracks  are  detected  during  these 
inspections  according  to  the  statistical  expectation  of  detection.  As  the  simulation 
proceeds  from  aircraft  to  aircraft,  cracks  are  detected,  aircraft  are  retired  from 
service  or  failures  occur.  The  computer  acts  as  a  scorekeeper,  amasses  the 
statistics  and  summarizes  the  results.  In  order  to  provide  statistically  significant 
results,  a  large  number  of  simulations  must  be  performed.  In  a  typical  simulation, 
300,000  inspections  will  be  performed  for  a  fleet  of  100,000  aircraft,  taking  less 
than  one  minute  on  a  Pentium  equipped  computer. 

Based  on  these  simulations,  INSIM  calculates  the  probability  that  all  the  lines 
of  defense  have  been  breached,  and  failure  occurs. 

Simulation  of  a  Typical  Multi-Site  Damage  Splice 

\  ■ 

In  order  to  study  the  various  possibilities  for  trading-off  design  and  inspection 
parameters,  a  series  of  parametric  studies  were  performed  on  a  typical  multi-row, 
multi-site  damage  splice  location.  Figure  3  describes  the  loaded-hole  configuration 
that  was  studied,  with  the  variations  to  the  hole  diameter,  hole  pitch,  holes  per  row 
and  number  of  rows  noted.  In  addition,  two  NDI  methods  were  studied  at  a 
variety  of  inspection  intervals.  Actually,  three  separate  parametric  studies  were 
performed.  In  the  first  study,  the  hole  diameter  was  varied  while  the  splice  width 
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and  number  of  holes  were  kept  constant.  In  the  second  study,  tlie  hole  diameter 
and  number  of  holes  were  kept  constant  while  the  splice  width  was  varied.  In  the 
third  study,  the  hole  diameter  was  kept  constant  while  the  splice  width  and  number 
of  holes  were  varied.  All  three  studies  allowed  the  pitch/diameter  ratio  to  be 
varied.  Obviously,  quantitative  differences  were  found  in  the  three  studies,  but 
qualitatively,  all  three  parametric  studies  yielded  very  similar  results.  The  results 
quoted  in  this  paper  are  taken  to  be  representative  of  all  three  parametric  studies. 


Material:  2024-T3  Aluminum  Alloy 
Hole  Diameter:  0.20  -  0.33  inches 
Hole  Pitch:  0.6  - 1.0  inches 
Number  of  Fastener  Rows:  2-5 
Number  of  Holes  Per  Row:  4-10 
Remote  Stress:  20  KSI,  R  =  0 
Bearing  Stress:  0-60  KSI 


Figure  3:  Typical  loaded-hole  multi-site  damage  configuration 

For  each  configuration  that  was  analyzed,  the  mean  crack  initiation  life  was 
calculated  using  a  strain-life  analysis.  Crack  growth  of  the  multi-site  damage  was 
calculated  using  the  methodology  described  in  Reference  4.  These  calculated 
values  were  input  into  INSIM,  together  with  NDI  parameters,  and  the  program 
simulated  crack  initiation,  crack  growth  and  crack  detection  and  finally  determined 
the  probability  that  failure  will  occur.  In  reality,  each  of  the  many  cracks  will 
initiate  independently  of  the  others  and  will  begin  to  grow.  Simulating  the 
independent  initiation  of  each  crack  and  tracking  its  growth  was  thought  not  to  be 
necessary  because  of  the  following  reasons; 

(1)  Experience  has  shown  that  cracks  in  a  multi-site  damage  configuration 
are  usually  very  similar  in  size.  This  is  usually  referred  to  as  the  “catch¬ 
up  phenomenon”  and  is  considered  to  be  compatible  with  the  typical 
characteristics  of  multi-site  damage.  (See  Reference  5.) 
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.(2)  Since  failure  in  a  multi-site  damage  structure  usually  occurs  as  a  result 
of  “net-section  yield”,  the  worst  situation  is  that  when  all  the  cracks 
grow  simultaneously  and  are  of  equal  size.  If  this  were  not  the  case,  the 
net-section  yield  failure  would  be  delayed  until  further  crack  growth 
takes  place,  thereby  increasing  the  crack  growth  life. 

In  light  of  the  above,  it  was  decided  that  INSIM  would  treat  the  transition 
from  crack  initiation  to  crack  growth  in  an  approximate  way  —  by  assuming  that 
the  lives  for  crack  initiation  and  crack  growth  refer  to  the  mean  value  of  all  the 
cracks.  It  is  believed  that  this  assumption  adds  only  a  slight  amount  of 
conservatism  to  the  results. 

Crack  detectability  is  often  modeled  by  the  three-parameter  Weibull 
distribution, 

where  P(a)  is  the  probability  of  detecting  a  crack  of  length  "a",  cc,  ^  and  are  the 
three  Weibull  parameters  that  characterize  the  statistical  distribution  and  are  a 
function  of  the  NDI  method  used  as  well  as  the  characteristics  of  the  cracked 
location.  Figure  4  describes  this  distribution  (curve  corresponding  to  one  crack) 
for  a  liquid-penetrant  inspection  method. 

When  several  cracks  are  present,  the  laws  of  probability  state  that  the 
probability  of  detecting  at  least  one  crack  is  given  by, 

P=l-(Ql  xQ2  XQ3X . xQn)  (2) 

where  P  is  the  probability  of  detecting  at  least  one  crack  and  is  the  probability 
of  not  detecting  the  n“’  crack. 

If  all  the  cracks  are  of  equal  length.  Equation  (2)  reduces  to 

P  -  1  -  Q"  (3) 

where  Q  is  the  probability  of  not  detecting  any  one  crack.  Figure  4  has  been 
constructed,  based  on  Equations  (1)  and  (3).  Figure  4  indicates  that  as  the  number 
of  cracks  increase,  the  probability  of  detecting  at  least  one  crack  improves 
dramatically.  For  example,  a  single  0.08  inch  crack  has  only  about  a  40% 
probability  of  detection  with  liquid-penetrant  NDI.  However,  the  probability  of 
detecting  at  least  one  of  ten  such  cracks  is  nearly  100%.  Thus,  the  multitude  of 
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cracks,  which  are  so  dangerous  from  the  standpoint  of  structural  integrity,  makes  it 
possible  to  achieve  very  high  probabilities  of  detection. 

The  INSIM  computer  program  models  crack  detectability  in  a  multi-site 
damage  configuration  in  accordance  with  Equations  (1)  and  (3).  It  allows  the 
study  of  the  interplay  between  the  relatively  short  critical  crack  length  and  the 
enhanced  crack  detectability  of  the  MSD  configuration. 


PROBABILITY  OF  DETECTING  AT  LEAST  ONE  CRACK 


Figure  4:  Probability  of  detecting  at  least  one  crack  using  liquid-penetrant 


Effect  of  Pitch/Diameter  and  Inspection  Interval  on  the  Probability  of  Failure 

As  previously  described,  crack  initiation  lives  and  crack  growth  lives  were 
determined  for  each  configuration  that  was  studied.  An  aging  aircraft  scenario  was 
selected  which  assumed  that  the  mean  fleet  life  has  reached  the  design  target  life 
and  the  high-time  aircraft  has  reached  150%  of  the  design  target  life.  INSIM  runs 
were  performed  for  each  geometrical  configuration  for  a  variety  of  inspection 
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intervals  using  two  different  NDI  method.  Figure  5  describes  the  results  for  a 
splice  having  three  rows  of  fasteners.  Figure  5  indicates  the  probability  of  failure 
for  various  ratios  of  pitch/diameter  and  for  various  liquid-penetrant  inspection 
intervals. 


2  3  4  5  6 


PITCH  /  DIAMETER 

Figure  5:  Effect  of  p/D  and  inspection  interval  on  the  probability  of  failure 

When  no  inspections  are  performed.  Figure  5  shows  that  the  probability  of 
failure  increases  rapidly  with  increased  p/D,  due  to  the  increase  in  load-transfer  at 
the  large  values  of  p/D.  The  use  of  NDI  has  very  little  effect  in  reducing  the 
probability  of  failure  for  p/D  =  3  but  has  a  major  effect  at  p/D  =  6.  This  is 
obviously  due  to  the  enhanced  capability  for  crack  detection  corresponding  to  the 
relatively  large  critical  crack  sizes  and  slow  crack  growth  corresponding  to  the 
large  value  of  p/D.  (See  Figures  1  and  2.)  In  fact,  for  p/D  =  6,  and  a  liquid- 
penetrant  inspection  at  2000  flight  intervals,  the  resulting  probability  of  failure  is 
calculated  to  be  0.003%  compared  to  0.038%  for  p/D  =  3  with  no  inspections. 
This  means  that  the  minimum  probability  of  failure  can  be  achieved  at  relatively 
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large  values  of  pitch/diameter,  but  at  the  cost  of  frequent  inspections.  It  has  been 
calculated  from  the  INSIM  results  that  approximately  half  the  fleet  will  be  cracked 
at  aircraft;  retirement  under  the  p/D  =  6  configuration  with  the  2000  flight  intervals. 
This  means  that  a  significant  number  of  repairs  will  be  needed  for  the  fleet  if  this 
configuration  is  adopted. 

Figure  5  also  indicates,  for  the  2000  flight  inspection  interval,  the  largest 
probability  of  failure  occurs  at  a  pitch/diameter  ratio  of  four,  the  value  that  is 
commonly  recommended  by  aircraft  design  manuals. 


Figure  6  indicates  the  effect  of  the  number  of  fastener  rows  on  the  probability 
of  failure,  as  determined  from  the  INSIM  calculations.  Figure  6  assumes  a  liquid- 
penetrant  inspection  at  2000  flight  intervals,  but  the  results  would  be  valid  for  all 
inspection  methods  and  intervals.  The  effect  of  additional  rows  is  to  reduce  the 
amount  of  load-transfer  in  the  critical  row. 


PROBABILITY  OF  FAILURE  -  % 


PITCH  /  DIAMETER 

Figure  6:  Effect  of  the  number  of  fastener  rows  on  the  probability  of  failure 
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Figure  6  clearly  shows  that  additional  rows  tend  to  decrease  the  probability  of 
failure  for  all  values  of  pitch/diameter.  It  should  be  noted  that  additional  rows  of 
fasteners  carry  with  it  a  weight  penalty  resulting  from  the  increased  overlap  of  the 
skins. 


Effect  of  the  NDI  Method  Used  on  the  Probability  of  Failure 

Figure  7  describes  the  probability  of  failure  for  two  NDI  methods  and  compares 
the  results  to  those  with  no  inspections.  The  results  clearly  show  that  the  eddy- 
current  methdd  is  superior  to  liquid-penetrant,  especially  at  the  larger  values  of 
p/D. 


2  3  4  5  6 

PITCH  /  DIAMETER 

Figure  7:  Effect  of  NDI  method  on  the  probability  of  failure 
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Figure  8  presents  five  design  recommendations  for  minimizing  the  probability  ot 
failure  for  the  MSD  configuration  shown  in  Figure  3,  based  on  the  INSIM 
parametric  study  that  was  performed.  The  recommendations  refer  to  a  baseline 
configuration  of  p/D  =  4  and  three  rows  of  fasteners,  which  has  a  predicted 
probability  of  failure  of  0.96%.  Values  of  p/D  less  than  three  or  more  than  six  were 
not  considered.  All  five  recommendations  will  result  in  a  probability  of  failure 
significantly  better  than  the  baseline.  Solution  D,  which  features  cold-working  the 
fastener  holes,  should  be  evaluated  experimentally,  since  the  amount  of  life 
improvement  due  to  the  cold-working  can  be  very  dependent  on  stress  levels  and 
the  degree  of  load-transfer.  No  specific  recommendations  can  be  given,  since  each 
application  must  be  evaluated  individually.  The  recommendations  are  summarized 
in  Table  1,  together  with  an  evaluation  of  the  advantages  and  disadvantages  of 
each.  All  five  recommended  configurations  are  at  a  pitch/diameter  ratio  of  three 
(without  inspections)  or  at  a  ratio  of  six  (with  inspections),  instead  of  the  more 
common  ratio  of  four. 


PROBABILITY  OF  FAILURE  -  % 


PITCH  /  DIAMETER 

Figure  8:  Multi-site  damage  design  recommendations 
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Table  1:  Recommended  Configurations  for  Multi-Site  Damage  Structures 


BASELINE 


Description 


p/D  =  4 
Fastener  Rows 
No  Inspections 


p/D  =  3 

No  Inspections 


p/D  =  6 

Liquid-Penetrant 
every  2000  flights 


p/D  =  6 

Eddy-Current 
every  2000  flights 


p/D  =  3,  Holes 
Cold-\Vorked  * 
No  Inspections 


p/D  =  3 

4  Fastener  Rows 
No  Inspections 


f'alciilaled 
Probability 
of  Failure 


('omments 


0.038%  “Install  and  Forget” 


0.003% 


0.001% 


0.006% 


Frequent  inspections. 

Significant  fleet 
cracking  can  be 
expected 


Frequent  inspections. 

Significant  fleet 
tracking  Can  be 
expected 


May  be  most 
cost-effective 


Weight  increase  is 
likely 


*  -  Assumes  that  the  crack  initiation  life  and  crack  growth  life  have  been  doubled 


Summary 

The  results  of  a  parametric  study  on  controlling  multi-site  damage  by  means  of 
trading-off  design  and  inspection  parameters  was  reported.  The  effects  of  the 
pitch/diameter  ratio,  number  of  fastener  rows,  NDI  method  and  inspection  interval 
on  the  expected  probability  of  failure  were  described.  The  study  was  performed 
with  the  aid  of  the  INSIM  computer  program  which  simulates  the  entire  fatigue 
process.  Five  design  configurations  were  recommended,  with  the  aim  of 
minimizing  the  probability  of  failure.  All  five  recommended  configurations  are  at 
either  a  pitch/diameter  ratio  of  three  (without  inspections)  or  at  a  ratio  of  six  (with 
inspections)  instead  of  the  more  common  ratio  of  four. 
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Abstract 

This  paper  investigates  the  effect  of  multiple  site  damage  (MSD)  on 
stiffened  panels.  An  analytical  model  based  on  displacement  compatibility  was 
used  to  analyze  the  link  up  and  residual  strength  behavior  of  stiffened  panels  with 
lead  and  MSD  cracks.  Fifteen  inch  wide  stiffened  aluminum  specimens  with 
various  lead  and  MSD  crack  lengths  and  two  different  stiffener  configuration  were 
tensile  tested  to  determine  crack  link  up  and  panel  failure  loads.  A  tip  stress 
intensity  reduction  factor  was  verified  experimentally  through  fatigue  tests  of 
stiffened  panels,  and  used  in  two  different  link  up  and  panel  failure  criteria  to 
predict  the  lead  crack  link  up  and  panel  failure  loads.  The  ligament  yield  criterion, 
modified  for  the  stiffened  panel,  was  shown  to  accurately  predict  the  lead  crack 
link  up  load.  The  apparent  fracture  toughness  criterion  consistently  overpredicts 
link  up  loads  for  specimens  with  MSD.  The  stiffener  failure  criterion  was  shown 
to  be  able  to  predict  panel  failure  to  within  less  than  4  percent  for  specimens  with  a 
true  lead  crack.  The  net  section  failure  criteria  gives  good  results  for  specimens 
were  the  lead  crack  was  arrested  at  a  hole. 
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Introduction 

Multiple  site  damage  (MSD)  is  characterized  by  the  simultaneous  presence 
of  several  cracks  at  various  sites,  such  as  at  different  holes  in  a  Structural  element. 
MSD  may  become  significant  and  critical  when  cracks  are  of  sufficient  size  and 
density  whereby  the  structure  will  no  longer  meet  the  present  damage  tolerance 
requirements,  i.e.  it  may  reduce  the  lead  crack  residual  strength  and  fatigue  life  of  a 
structural  component  below  those  based  on  a  single  lead  crack  approach  without 
considering  the  interaction  with  the  surrounding  cracks  [1] 

Since  both  military  and  commercial  aircraft,  are  being  increasingly  used 
beyond  their  designed  lifetime,  MSD  poses  a  significant  challenge  to  those  who 
must  assure  the  structural  integrity  of  aircraft.  Most  commercial  aircraft  are 
designed  and  maintained  according  to  the  “damage  tolerance”  philosophy  based  on 
the  principles  of  fracture  mechanics  [2].  This  damage  tolerance  philosophy  is 
based  on  a  single  lead  crack  in  a  structure.  Small  MSD  cracks,  however,  can 
cause  a  structure  to  catastrophically  fail  from  smaller  lead  cracks  than  those  which 
cause  failure  when  MSD  is  not  present. 

Previous  research  at  Purdue  University  and  the  Air  Force  Institute  of 
Technology  (AFIT)  has  examined  the  applicability  of  various  simple  failure  criteria 
to  predict  crack  link  up  in  open  hole  panels  with  lead  and  MSD  cracks  [3,  4].  The 
current  work  aims  to  expand  this  model  to  include  stiffeners,  stringers  and  tear 
straps.  Another  project  is  examining  the  effects  associated  with  lap  joints. 

An  analytical  model  based  on  displacement  compatibihty  between  the  sheet 
and  the  stiffener  at  the  rivet  locations  [5,  6,  7]  has  been  implemented  here  to 
quantify  the  effects  of  stiffeners  on  lead  crack  stress  intensity  factors.  The  model 
was  verified  by  testing  15  inch  wide  panels  with  two  different  stiffener 
configurations  and  various  lead  and  MSD  crack  geometries.  The  link  up  and 
ultimate  failure  loads  were  predicted  using  simple  analytical  failure  criteria. 


Open  Hole  MSD  Background 

Previous  work  at  Purdue  and  AFIT  [3,  4,  8]  has  resulted  in  the 
development  of  a  model  capable  of  predicting  residual  strength  and  fatigue  crack 
growth  in  open  hole  panels  with  MSD.  A  number  of  different  crack  link  up  criteria 
proposed  in  the  literature  [9,  10]  were  evaluated  and  compai'ed  to  the  residual 
strength  tests.  The  residual  strength  test  specimens  were  made  form  A12024-T3, 
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0.09  inches  thick  for  the  9  inch  wide  panels,  0.04  inches  thick  for  the  15  inch  wide 
specimens.  The  specimens  contained  various  lead  and  MSD  crack  configurations, 
which  were  fatigue  cracks  for  the  9  inch  wide  specimens  [3],  and  fine  saw  cuts  in 
the  15  inch  wide  panels  [4].  The  ligament  yield  criterion  proposed  by  Swift  [9] 
was  best  able  to  predict  the  crack  link  up  leading  to  sheet  failure.  Figure  1  shows 
a  comparison  of  various  simple  analytical  failure  criteria  and  their  ability  to  predict 
residual  strength  in  9  inch  and  15  inch  wide  2024-T3  aluminum  panels  which 
contained  a  row  of  cracked  holes. 

Since  it  is  very  difficult  to  precrack  wide  panels  to  obtain  uniform  MSD 
crack  lengths,  fine  saw  cuts  or  EDM  notches  often  are  used  to  as  MSD  and  lead 
cracks  [11].  In  order  to  verify  that  the  use  of  saw  cuts  to  model  lead  and  MSD 
cracks  several  of  Moukawsher’s  residual  strength  test  [3]  were  repeated  using  fine 
saw  cuts  (0.013  inches  wide)  rather  than  actual  fatigue  cracks  to  represent  the 
MSD  and  lead  crack..  For  each  of  the  9  inch  wide  open  hole  specimens  with 
fatigue  lead  and  MSD  cracks,  two  identical  saw  cut  panels  were  tested.  The 
residual  strength  of  the  saw  cut  panels  was  within  3%  of  the  fatigue  crack  panel 
residual  strength  [4],  leading  to  the  conclusion  that  the  use  of  fine  saw  cuts  to 
model  fatigue  cracks  in  residual  strength  testing  is  acceptable.  This  conclusion  is 
also  supported  in  the  literature.  Broek  reports,  for  example,  that  the  use  of 
jeweler’s  saw  cuts  instead  of  fatigue  cracks  in  Aluminum  alloy  sheets  does  not 
effect  the  residual  strength  results  [12].  Recent  work  by  Dawicke,  et  al  [13] 
indicates  that  using  saw  cuts  instead  of  fatigue  cracks  has  a  significant  effect  on 
stable  crack  growth,  but  only  a  small  effect  on  failure  stress. 


Stiffened  Panel  Model 

The  presence  of  stiffeners  in  a  cracked  panel  has  two  basic  effects  that  need 
to  be  modeled.  First,  the  stiffeners  reduce  the  crack  tip  stress  intensity  factor  by 
increasing  amounts  as  the  crack  approaches  the  stiffener.  Second,  the  presence  of 
the  lead  crack  causes  increased  loading  in  the  stiffener  near  the  crack  plane.  The 
analysis  outlined  below  can  be  used  to  determine  the  magnitude  of  both  of  these 
effects  for  a  given  specimen  and  crack  configuration.  The  analysis  of  stiffened 
panels  is  accomplished  using  an  analytical  model.  The  model  is  based  on 
displacement  compatibility  and  has  successfully  been  used  in  the  past  to  analyze 
stiffened  panels  containing  lead  cracks  [5,  6,  7].  The  analysis  employs  the  theory 
of  elasticity  to  determine  the  displacements  at  the  rivet  locations,  due  to  the 
applied  remote  stress  and  the  unknown  rivet  forces,  in  a  center  cracked  sheet  and 
stiffeners.  The  rivet  location  displacements  Vi  in  the  sheet  can  be  written  as: 
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v,=XA,j(-Q,)+B,a 

j 

and  the  corresponding  displacements  Vj**  in  the  stiffener  are  given  by  : 


<=Ea*q,  +  b*o 

j 


(2 


The  matrix  Ay  in  Eq.  1  represents  the  displacements  at  the  rivet  location  i  in  the 
sheet  due  to  a  unit  force  at  rivet  location  j,  Bj  represents  the  displacement  at  the 
rivet  location  i  in  the  sheet  due  to  the  applied  remote  stress  o.  Similarly  The  matrix 
Aij^  in  Eq.  2  represents  the  displacements  at  the  rivet  location  i  in  the  stiffener  due 
to  a  unit  force  at  rivet  location  j,  Bi*  represents  the  displacement  at  the  rivet 
location  i  in  the  stiffener  due  to  the  applied  remote  stress  a.  The  displacements  in 
the  sheet  and  stiffener  match  at  the  rivet  locations,  therefore,  equations  1  and  2  can 
be  equated,  and  the  resulting  system  can  be  solved  for  the  unknown  rivet  forces, 
Qi..  Figure  2  shows  schematically  how  the  presence  of  the  stiffener  is  modeled 
using  the  rivet  forces  Qi.  The  stress  intensity  factor  for  the  stiffened  sheet  can  then 
be  obtained  using  superposition  of  the  stress  intensity  factor  for  a  center  crack 
subject  to  applied  stress  a,  and  the  stress  intensity  factor  for  a  Center  crack  subject 
to  the  point  loads  Qi. 

For  convenience  two  non-dimensional  parameters  are  introduced  to 
describe  the  crack  tip  stress  intensity  reduction  and  the  load  transfer  into  the 
stiffener  [7].  The  tip  stress  reduction  factor  C  is  defined  as  the  ratio  of  the  stress 
intensity  factor  of  the  sheet  with  and  without  stiffeners  (equation  3). 


C  = 


^  Stiffened 


(3 


The  stiffener  load  concentration  factor  L  is  defined  as  the  ratio  of  the 
maximum  stringer  stress,  which  occurs  in  the  crack  plane,  and  the  stress  in  the 
stringer  at  the  end  of  the  panel  (equation  4). 


L  = 


Stiffener 


(4 


Because  of  symmetry  only  one  quarter  of  the  panel  needs  to  be  analyzed. 
The  number  of  rivet  locations  that  are  considered  determines  the  size  of  the  system 
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of  equations  that  needs  to  be  solved.  A  computer  code  was  written  to  determine 
the  unknown  rivet  forces,  tip  stress  reduction  factor  C,  and  load  concentration 
factor  L,  given  the  material  and  geometric  properties  of  the  stiffened  panel.  The 
code  was  verified  by  comparison  with  the  results  obtained  by  Poe  [6],  using  the 
same  analytical  method,  and  Vlieger  [7],  using  finite  elements.  This  comparison 
showed  that  using  20  rivet  locations  per  quadrant  results  in  a  fully  converged 
solution  that  matches  both  Poe  [6]  and  Vlieger  [7]. 


Modeling  of  MSD 

The  stiffened  panel  model  outlined  above  does  not  include  the  presence  of 
MSD  cracks.  Hence  the  presence  of  MSD  in  addition  to  the  lead  crack  has  to  be 
modeled  separately.  A  more  complicated  stiffened  panel  model  proposed  by 
Nishimura  [14]  allows  for  multiple  cracks  in  the  sheet 

The  presence  of  multiple  cracks  in  a  sheet  leads  to  crack  interaction.  The 
interaction  between  the  lead  and  MSD  cracks  was  modeled  here  using  the  Kamei- 
Yokobori  interaction  factor  [15]  as  was  done  in  the  previous  unstiffened  panel 
work.  [3,  4].  Figure  3  shows  a  schematic  for  the  Kamei-Yokobori  interaction 
factor  as  well  as  the  equations  used. 

The  area  loss  in  a  finite  sheet  due  to  MSD  also  has  to  be  considered.  It  is 
modeled  using  appropriate  areas  in  stress  intensity  factor  compounding  and  load 
calculations  for  the  failure  criteria. 

Panel  Failure  Criteria 

Failure  criteria  in  this  stiffened  panel  research  refers  to  criteria  that 
determine  the  ultimate,  and  catastrophic  failure  of  the  stiffened  panels.  Two 
different  panel  failure  criteria  were  examined  in  this  project. 

Stiffener  Failure 

The  stiffener  failure  criteria  predicts  panel  failure  when  the  stress  in  the 
stiffener  near  the  crack  plane  reaches  the  stiffener  material’s  ultimate  stress.  This 
condition  can  be  expressed  by  equation  5. 


^stif  — 


^uit  St  W  ^st  Aj,  E 


Ait  E^i 


(5) 


where: 


(T, 


Ult  St 


Stiffener  ultimate  stress 
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L  =  stiffener  load  concentration  (Eq.  4) 
y/  =  geometry  factor 

=  stiffener  cross  sectional  area 
=  stiffener  elastic  modulus 

A„et  =(W-2a-nd-2n MSD cross  sectional 
area  of  sheet  (i.e.  excluding  areas  of  holes,  lead  and  MSD 
cracks) 

a  =  lead  crack  half  length 

n  =  number  of  open  holes  with  or  without  MSD 

d  =  hole  diameter 

*^Mso  -  number  of  holes  with  MSD 

a^sD  =  MSD  crack  length 

t  =  sheet  thickness 

E  =  sheet  elastic  modulus 

The  ratio  term  with  the  cross  sectional  areas  and  elastic  moduli  determines 
how  much  of  the  total  load  is  carried  by  the  stiffener,  assuming  stiffeners  and  sheet 
have  the  same  strain  away  from  the  crack  plane. 

Net  Section  Failure 

According  to  the  net  section  failure  criterion,  panel  failure  occurs  when  the 
stress  in  the  sheet  and  the  stiffener  both  reach  their  respective  ultimate  stress.  The 
expression  for  the  net  section  failure  criteria  is  shown  in  equation  6. 


p  =z  rr  A  -I _ 

*  section  '^ult^net  '  J  A 

^  ^lead 

where:  =  sheet  ultimate  stress 

A  =  sheet  gross  cross  sectional  area 

A,^^  =(W-nd-2nn,spai^sp)t  =  lead  crack  cross  sectional 
area 

W  -  Sheet  width 

n  =  number  of  open  holes  with  or  without  MSD 

d  =  hole  diameter 

>^Msn  =  number  of  holes  with  MSD 

^MSD  -  MSD  crack  length 

t  =  sheet  thickness 


(6) 
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The  ratio  between  the  sheet  cross  sectional  area  and  the  lead  crack  area 
accounts  for  the  load  concentration  in  the  stiffener  due  to  the  MSD  area  loss  in  the 
sheet. 

Link  Up  Criteria 

Because  of  the  stiffener’s  arrest  capabilities  lead  crack  extension  and  link 
up  with  MSD  cracks  is  possible  without  leading  to  panel  failure.  The  two  criteria 
discussed  below  are  used  to  determine  the  loads  which  cause  link  up  between  lead 
and  adjacent  MSD  cracks.  Depending  on  lead  crack  length  and  panel 
configuration,  multiple  link-ups  can  occur  before  final  panel  failure. 

K apparent 

The  apparent  fracture  toughness  criterion  predicts  crack  link  up  when  the 
lead  crack  stress  intensity  factor  exceeds  the  materials  fracture  toughness.  The 
lead  crack  stress  intensity  factor  is  adjusted  here  using  the  Kamei-Yokobori  factor 
to  account  for  the  presence  of  the  MSD  crack.  Equation  7  gives  the  expression 
for  the  apparent  fracture  toughness  criterion. 

P  —  ^net  ^  ^st  ^  St 


where:  =  apparent  fracture  toughness  of  sheet 

a  =  lead  half  crack  length 

Pi  I  =  Kamei-Yokobori  interaction  factor  for  lead  crack 
C  =  Tip  stress  intensity  reduction  factor 


Ligament  Yield 

The  hgament  yield  criterion  was  proposed  by  Swift  [9]  and  has  been  used 
successfully  for  unstiffened  panels  [3,  4,  10].  As  shown  in  Fig.  4,  crack  link  up  is 
predicted  to  occur  when  the  plastic  zones  ahead  of  the  lead  crack  and  the  adjacent 
MSD  crack  “touch”.  Based  on  work  by  Cherry  et.  al.  [4]  the  Irwin  plastic  zone 
radius  combined  with  the  material  yield  stress  has  been  used  to  determine  the 
plastic  zone  sizes  in  this  project.  Hence,  the  size  of  plastic  zone  is  estimated  to  be 


equal  to  Irwin’s  plastic  zone  radius  [9]. 

,2 

1 


R=  —  * 
In 


(8) 


where:  R  =  plastic  zone  size  in  front  of  the  crack 
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K  =  stress  intensity  factor  at  the  crack  tip 
Gys  =  yield  strength  of  the  sheet  material 

As  the  remote  stress  level  increases,  the  plastic  zone  sizes  of  different 
cracks  will  increase  and  will  eventually  linkup.  When  the  plastic  zones  of  the  lead 
crack  meet  the  plastic  zone  from  the  nearest  neighboring  MSD  crack,  the  ligament 
has  effectively  yielded.  Therefore,  the  lead  crack  effectively  extends  to  the  far  end 
of  the  MSD  crack.  Figure  4  shows  a  schematic  of  this  linkup  criterion  [9].  When 
the  applied  load  reaches  a  level  that  causes  the  effective  ligament  between  cracks 
to  yield,  the  ligament  will  fail. 

According  to  Swift,  the  predicted  failure  of  a  specimen  with  MSD  is  a 
function  of  the  plastic  zone  size  of  the  lead  crack  and  its  nearest  neighboring  MSD 
crack,  the  material’s  yield  strength,  and  an  interaction  factor  between  the  MSD 
crack,  and  the  lead  crack. 

The  stress  intensity  factor  for  the  lead  and  MSD  cracks  are  found  by  the 
method  of  compounding.  The  stress  intensity  factor  for  the  lead  crack  then 
becomes  (eq.  9) 


(9) 


where:  P  =  applied  load 

The  stress  intensity  factor  for  the  MSD  crack  (eq.  10)  is  based  on  a  fit  to 
the  Bowie  solution  for  a  cracked  hole  [16]  and  includes  the  appropriate  area  for 
compounding  as  well  as  the  interaction  factor  for  the  adjacent  crack  tips. 


na 


USD 


MSD 


(10) 


^MSD 


where:  =  MSD  crack  length  (from  edge  of  hole) 

=  Kamei-Yokoboii  interaction  factor  for  MSD  crack 
^MSD  ~  ■'■2a^jp)r=  appropriate  area  for  MSD  crack 

compounding 
Pi,  =  Bowie  factor 
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(11) 


r 


F2+- 


a 


•  +  F, 


MSD 


where:  r  =  radius  of  the  hole 

FI,  F2,  F3  =  hole  configuration  constants 
for  holes  with  cracks 
emanating  from  both  sides: 

FI  -  0.6865 
F2  -  0.2772 
F3  -  0.9439 


or  holes  with  only 
one  side  cracked: 
FI  -  0.8733 
F2  -  0.3245 
F3  -  0.6762 


The  predicted  failure  load  according  to  the  Swift  criterion,  then,  becomes: 


P  ■=.a  A 

*  swift  ^  ys^net 


It 


^MSoPh  fimSD 


^net 

V  ^MSD  J 


^net 

V  ^lead  J  J 


\e,  F  +  E„ 
Ane,E 


(12) 


where:  t  =  crack  tip  separation 

For  each  crack  configuration  the  link  up  and  panel  failure  loads  were 
calculated  using  the  four  criteria  described  above  (Eqns.  5,  6,  7,  12).  If  the  link  up 
load  was  below  the  panel  failure  load,  the  lead  crack  was  assumed  to  have  linked 
up  with  the  adjacent  MSD  crack  and  the  process  was  repeated.  Final  panel  failure 
was  predicted  when  the  panel  failure  load  exceeded  the  link  up  load. 


Specimen  Geometry  and  Test  Procedures 

To  verify  the  stiffened  panel  model  and  the  failure  criteria  described  above, 
a  series  of  experiments  using  wide  Aluminum  panels  was  performed.  The  sheet 
material  for  aU  tests  was  A1  2024-T3  in  the  MRS  condition,  0.063  inches  thick, 
and  aU  tests  were  performed  with  the  specimens  loaded  in  the  L-T  direction.  The 
stiffener  material  was  0.09  inches  thick  A1  2024-T3.  Stiffeners  were  riveted  to 
both  sides  of  the  specimen  to  avoid  out  of  plane  deformation  during  testing. 
Standard  aircraft  riveting  procedures  were  followed  in  bucking  the  MS20470AD-6 
rivets  using  a  pneumatic  rivet  gun  [17].  Figure  5  shows  the  basic  dimensions  for 


the  stiffened  panel  specimens  used  in  the  verification  program..  Although  most  of 
the  residual  strength  tests  employed  1.5  inch  wide  stiffeners,  a  few  residual 
strength  tests  were  performed  using  stiffeners  that  were  only  0.75  inches  wide. 
These  two  stiffener  configurations  will  from  here  on  be  referred  to  as  heavy  and 
light  stiffeners  respectively.  The  analytical  tip  stress  intensity  reduction  factors  and 
load  concentration  factors  for  both  stiffener  cases  are  shown  in  Figure  6.  Table  1 
summarizes  the  lead  and  MSD  crack  lengths  as  well  as  the  stiffener  type  for  the 
residual  strength  tests.  All  residual  strength  specimens  had  the  same  MSD  crack 
lengths  at  each  open  hole.  Both  the  lead  and  the  MSD  cracks  were  made  using  a 
jeweler’s  saw  with  a  blade  thickness  of  0.012  inches.  The  specimens  were  tested 
using  a  100  kip  servo-hydraulic  test  machine  at  the  Fatigue  and  Fracture  Test 
Facility  of  the  Flight  Dynamics  Laboratory  at  Wright-Patterson  Air  Force  Base. 
The  loading  was  a  performed  at  a  constant  load  rate  of  0.25  kips  per  second. 
Although  buckling  guides  were  ertployed  for  the  unstiffened  R-curve  tests,  they 
were  not  used  for  the  stiffened  panel  residual  strength  tests  Link  up  and  failure 
loads  were  recorded  during  the  tests. 

The  same  basic  specimen  without  stiffeners  and  holes  was  used  to  perform 
three  R-curve  tests  following  ASTM  E-561  [18].  The  R-curve  tests  were 
performed  in  the  same  WPaFB  facility  as  the  residual  strength  tests.  Stable  crack 
extensions  were  monitored  and  measured  using  traveling  microscopes.  The 
resulting  R-curve  for  the  sheet  material  is  shown  in  Figure  7. 

Two  stiffened  panels  with  a  lead  crack,  but  without  open  holes  were 
fatigue  tested  to  experimentally  verify  the  analytical  tip  stress  intensity  reduction 
factors  using  the  backtracking  method  [19].  The  fatigue  tests  were  performed  in 
the  Fatigue  and  Fracture  Lab  of  the  School  of  Aeronautics  and  Astronautics  at 
Purdue  University.  Each  panel  was  tested  at  a  different  constant  amplitude 
loading,  and  fatigue  crack  propagation  of  the  lead  crack  was  measured  using 
traveling  microscopes.  The  crack  length  versus  cycle  data  was  then  converted  to 
da/dN  versus  a  using  the  procedure  outlined  in  ASTM  E-647  [20].  Using 
established  baseline  da/dN  versus  AK  data  for  A1  2024-T3,  an  experimental  stress 
intensity  factor  Kexp  was  then  calculated  for  each  crack  length. 

The  results  of  these  tests  and  comparison  with  analytical  predictions  are 
presented  in  the  next  section. 
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Results 

The  purpose  of  the  experimental  test  program  was  to  verify  the  analytical 
model  for  stiffened  panels  with  lead  and  MSD  cracks,  and  to  determine  which  of 
the  failure  and  link  up  criteria  were  most  suitable. 

Experimental  Tip  SIF  Reduction  Factors 

The  experimental  stress  intensity  factor  obtained  from  the  two  stiffened 
panel  fatigue  tests  can  be  converted  to  experimental  tip  stress  intensity  reduction 
factors  using  equation  13. 


where;  =  experimental  stress  intensity  factor 

a  =  applied  remote  stress 

^  I  /Fa 

=  -i/sec— —  =  finite  width  correction  factor 
V  W 

W  =  width  of  sheet 


(13) 


The  comparison  between  the  experiirental  and  the  analytical  tip  stress 
intensity  reduction  factor  is  shown  in  Figure  8.  As  figure  8  shows,  the  analytical 
and  experimental  results  agree  well  with  each  other. 


Reduction  of  Residual  Strength  due  to  MSD 

The  experimental  residual  strengths  for  the  stiffened  panel  specimens  are 
shown  in  Table  2.  After  link  up  all  cracks  arrested  at  the  stiffener,  except  for 
MSD- 13,  where  crack  extension  past  the  stiffener  and  panel  failure  were  nearly 
simultaneous.  Figure  9  shows  the  reduction  in  residual  strength  due  to  the 
presence  of  MSD.  Note  that  the  presence  of  MSD  cracks  that  are  only  0.05  inches 
long  reduces  stiffened  panel  residual  strength  by  24  percent  for  specimens  with  4.5 
and  6.0  inch  lead  cracks..  MSD  cracks  that  are  0.1  inch  long  lead  to  a  residual 
strength  reduction  of  32  percent,  and  more  severe  MSD  cracks  that  are  0.15 
inches  long  lead  to  a  reduction  in  residual  strength  of  40  percent. 


Link  Up  Criteria  Comparison 

The  apparent  fracture  toughness  and  the  ligament  yield  criterion  outlined 
earlier  were  used  to  predict  crack  link  up  in  the  residual  strength  specimens.  All 
specimens  had  one  crack  link  up  before  failure,  except  for  MSD-9,  MSD- 10  and 
MSD- 13  which  had  two  separate  crack  link  ups.  The  actual  and  predicted  first 
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link  up  loads  are  given  m  Table  3.  The  ligament  yield  criterion  cannot  be  applied 
to  the  basehne  tests  (MSD-1  to  MSD-4)  because  no  MSD  crack  were  present. 
For  specin^ns  with  MSD,  cracks  the  ligament  yield  criterion  predicts  the  first  link 
up  well,  with  an  average  difference  of  3.3  percent  and  no  difference  larger  than  8 
percent.  The  apparent  fracture  toughness  criterion  works  well  for  the  baseline 
cases  (no  MSD),  but  consistently  overpredicts  the  link  up  load  for  specimens  with 
MSD.  The  actual  and  predicted  hnk  up  loads  for  the  three  specimens  that  had  a 
second  link  up  are  given  in  Table  4.  Note  that  for  the  second  link  up  the  apparent 
fracture  toughness  criterion  gives  much  better  results,  while  the  ligament  yield 
criterion  does  slightly  worse  than  for  the  first  link  up.  Neither  criteria  does  very 
well  for  the  second  link  up  on  MSD- 13.  This  was  the  only  specimen  that  had 
crack  extension  past  the  stiffener  load  line.  The  validity  of  the  plastic  zone 
expression  across  the  stiffener  load  line  is  debatable  and  could  have  influenced  the 
predictions.  Comparison  of  the  actual  and  predicted  first  and  second  link  up  loads 
are  shown  graphically  in  Figure  10. 

Failure  Criteria  Comparison 

Total  panel  failure  was  predicted  whenever  the  predicted  panel  failure  load 
was  lower  than  the  link  up  load.  The  net  section  failure  and  the  stiffener  failure 
criterion  were  used  to  predict  panel  failure  loads.  The  actual  and  predicted  panel 
failure  loads  are  summarized  in  Tabic  5.  The  net  section  failure  criteria  is  able  to 
predict  the  failure  load  of  the  baseline  specirrens  (MSD-1  to  MSD-4)  and  the 
specimens  with  MSD  and  heavy  stiffeners  (MSD-4  to  MSD- 10)  well  with  an 
average  difference  of  less  than  4.5  percent,  but  is  very  unconservative  for  the 
panels  with  the  light  stiffeners  (MSD- 11  to  MSD- 13).  The  stiffener  failure 
criterion  works  well  for  specimens  with  MSD  (MSD-5  to  MSD- 13)  with  an 
average  difference  of  less  than  3.5  percent,  but  underestimates  the  failure  load  of 
the  baseline  specimens.  This  is  most  likely  due  to  the  fact  the  after  lead  crack 
extension  in  the  baseline  specimen  the  lead  crack  end  at  a  hole,  which  is  a  less 
severe  situation  than  a  lead  crack  of  equal  length,  which  is  the  case  assumed  by  the 
stiffener  failure  criterion.  Figure  11  summarizes  the  actual  and  predicted  panel 
failure  loads. 

Work  to  Be  Completed 

This  project  brought  to  light  some  issues  that  need  further  attention. 
Currently  the  lead  crack  is  being  modeled  as  a  center  crack  in  a  sheet.  However, 
when  the  lead  crack  links  up  with  the  adjacent  MSD  crack,  the  crack  lengths 
extending  from  the  hole  can  be  very  small  (0.05  inches  in  this  work).  It  is  not  clear 
that  the  center  crack  model  is  an  accurate  representation  of  the  stress  intensity 
factor  at  the  crack  tip. 
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specimen  MSD-13  showed  that  when  crack  extension  occurs  past  the 
stiffener  line,  neither  of  the  current  link-up  criteria  is  able  to  accurately  predict  this 
link  up.  The  ligament  yield  criterion  that  was  shown  to  work  well  for  aU  other 
cases,  was  not  able  to  predict  the  second  link  up  within  less  than  10  percent.  The 
authors  believe  that  the  currently  used  plastic  zone  model  is  not  a  good 
approximation  for  plastic  zone  extending  across  stiffener  load  lines. 

Consideration  is  also  given  to  including  stable  crack  extension  before  link 
up  or  failure  in  the  various  link  up  and  failure  criteria. 

The  analytical  model  was  shown  to  work  well  for  link  up  and  residual 
strength  predictions.  Fatigue  tests  of  stiffened  panels  with  MSD  and  lead  cracks 
will  be  conducted  in  the  future  to  evaluate  the  model  for  fatigue  crack  growth 
calculations. 

Summary 

An  analytical  model  based  on  displacement  compatibility  was  used  to 
analyze  the  link  up  and  residual  strength  behavior  of  stiffened  panels  with  lead  and 
MSD  cracks.  The  stiffened  panel  correction  factors  were  used  in  two  different  link 
up  and  panel  failure  criteria  to  predict  the  lead  crack  link  up  and  panel  failure  loads 
in  15  inch  wide  stiffened  aluminum  specimens.  The  ligament  yield  criterion, 
modified  for  the  stiffened  panel,  has  proven  to  be  able  to  predict  lead  crack  link  up 
load  within  4  percent.  The  apparent  fracture  toughness  criterion  consistently 
overpredicts  link  up  loads  for  specimens  with  MSD.  The  stiffener  failure  criteria  is 
been  shown  to  be  able  to  predict  panel  failure  to  within  less  than  4  percent  for 
specimens  with  a  true  lead  crack.  The  net  section  faUure  criteria  gives  good  results 
for  specimens  were  the  lead  crack  was  arrested  at  a  hole. 
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Table  1 :  Summary  of  lead  and  MSD  crack  lengths  and  stiffener  type  for  residual 
Strength  specimens 


Specimen  ID 

Lead  Crack 
Length  (2a) 

[in] 

MSD-1 

5.982 

MSD-2 

5.975 

MSD-3 

4.525 

MSD-4 

4.520 

MSD-5 

5.992 

MSD-6 

6.003 

MSD-7 

5.982 

MSD-8 

5.976 

MSD-9 

4.471 

MSD- 10 

4.48 

MSD- 11 

6.025 

MSD-12 

6.026 

MSD-13 

5.975 

MSD  Crack 
Length 
[in] 


Stiffener  Type 


0.051 


0.149 


0.103 


0.058 


0.054 


0.098 


0.053 


0.048 


0.097 


Table  2:  Summary  of  experimental  residual  strength  of  stiffened  panels 


Specimen  ID 

Lead  Crack 
Length  (2a) 

[in] 

MSD-1 

5.982 

MSD-2 

5.975 

MSD-3 

4.525 

MSD-4 

4.520 

MSD-5 

5.992 

MSD-6 

6.003 

MSD-7 

5.982 

MSD-8 

5.976 

MSD-9 

4.471 

MSD-10 

4.48 

MSD-1 1 

6.025 

MSD-12 

6.026 

MSD-13 

5.975 

MSD  Crack 
Length 
[in] 


0.051 


0.149 


0.103 


0.058 


0.054 


0.098 


0.053 


0.048 


0.097 


Actual  Failure 
Load 
[kips] 


47.25 


49.97 


51.36 


52.02 


38.16 


30.90 


34.11 


37.81 


37.09 


34.04 


23.53 


24.35 


20.29 
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Table  3:  Actual  and  predicted  first  link  up  loads  for  stiffened  specimens 


Specimen  ID 

Actual  First 
Link  Up 
Load 

[kips] 

App. 

Fracture 

Toughness 

Criterion 

[kips] 

% 

Difference 

MSD-1 

35.80 

36.76 

2.682 

MSD-2 

35.60 

36.76 

3.258 

MSD-3 

34.30 

35.76 

4.257 

MSD-4 

34.90 

35.76 

2.464 

MSD-5 

26.80 

34.57 

28.993 

MSD-6 

13.60 

25.85 

90.074 

MSD-7 

20.50 

30.19 

41.26S 

MSD-8 

26.40 

34.10 

29.167 

MSD-9 

27.10 

31.36 

15.720 

MSD-10 

21.20 

27.75 

30.896 

MSD-1 1 

17.60 

22.67 

28.807 

MSD-12 

18.10 

22.84 

26.188 

MSD-1 3 

14.20 

19.55 

37.676 

Ligament 

Yield 

Criterion 

[kips] 


26.10 


13.85 


19.61 


26.63 


26.24 


20.31 


18.53 


18.85 


13.14 


% 

Difference 


-2.612 


1.838 


-4.341 


0.871 


-3.173 


-4.198 


5.284 


4.144 


-7.465 


Table  4:  Actual  and  predicted  loads  for  second  link  up  for  stiffened  panel 
specimens. 


Specimen  ID 

Actual  First 
Link  Up 
Load 

[kips] 

App. 

Fracture 

Toughness 

Criterion 

[kips] 

% 

Difference 

Ligament 

Yield 

Criterion 

[kips] 

% 

Difference 

MSD-9 

34.80 

33.57 

-3.534 

37.77 

8.53 

MSD-10 

29.50 

28.71 

-2.678 

30.18 

2.31 

MSD-1 3 

19.80 

21.78 

10.000 

22.05 

11.36 
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Table  5:  Actual  and  predicted  panel  failure  loads  for  stiffened  panel  specimens. 


Specimen  ID 

Actual  Panel 
Failure  Load 
[kips] 

Net  Section 
Failui'e 
[kips] 

% 

Difference 

Stiffener 

Failure 

[kips] 

% 

Difference 

MSD-1 

47.25 

48.40 

2.434 

42.66 

-9.714 

MSD-2 

49.97 

48.42 

-3.102 

42.68 

-14.589 

MSD-3 

51.36 

54.24 

5.607 

49.40 

-3.816 

MSD-4 

52.02 

54.29 

4.364 

49.44 

-4.960 

MSD-5 

38.16 

40.68 

6.604 

37.10 

-2.778 

MSD-6 

30.90 

28.02 

-9.320 

30.79 

-0.356 

MSD-7 

34.11 

34.20 

0.264 

33.84 

-0.792 

lMSD-8 

37.81 

39.84 

5.369 

36.71 

-2.909 

MSD-9 

37.09 

39.92 

7.630 

36.77 

-0.863 

MSD-10 

34.04 

34.02 

-0.059 

33.84 

-0.588 

MSD-11 

23.53 

29.75 

26.434 

21.83 

-7.225 

MSD-12 

24.35 

30.79 

26.448 

22.30 

-8.419 

MSD-13 

20.29 

25.75 

26.910 

21.62 

6.555 
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Predicted  Failure  Load  [kN] 


125 


Actual  Failure  Load  [kN] 


Figure  1;  Comparison  of  actual  and  predicted  failure  loads  by  various  analytical 
failure  criteria  for  residual  strength  tests  with  9  inch  (NRS)  and  15  inch  (PRS) 

2024-T3  aluminum  panels. 
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Figure  2:  Schematic  of  stiffened  panel  model  showing  the  modeling  of  the  effects 
of  the  stiffeners  using  the  rivet  forces  Qi. 


Remote  Stress 


where: 


r  I  L  I  2aJ  A:(0  J 

«  -  P^iJu-L1*^W-£W1 

P,mD-f+  ,  [1  l^l+2i,J 

/sTf/tj  =  complete  elliptic  integral  of  the  first  kind 
E(k)  =  complete  elliptic  integral  of  the  second  kind 

ab 

^"^y(2a  +  t)(2b  +  t) 


Figure  3:  Definition  of  Kamei-Yokobori  interaction  factor  for  two  planar  crack  of 
unequal  length  in  an  infinite  plate  [15]. 


Specimen 
I  Center  Line 


MSD 


a  MSD 


Figure  4:  Schematic  of  the  lead  and  MSD  cracks  and  plastic  zones  for  the 

ligament  yield  method  [9]. 
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Stiffened  Panel  Correction  Factors  ( C  &  L) 


Figure  6:  Analytical  tip  stress  intensity  reduction  and  load  concentration  factors  for 
heavy  and  light  stiffener  residual  strength  specimens. 
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SIF  [ksi  in''. 5] 
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Tip  SIF  Reduction  Factor 


0.250  0.275  0.300  0.325  0.350  0.375  0.400 

Nondimensional  Crack  Length  (a/b) 

Figure  8;  Comparison  of  analytical  and  experimental  tip  stress  intensity  reduction 
factors  for  15  inch  wide  panel  with  heavy  stiffeners. 
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Predicted  Link  Up  Load  [kips] 


— —  Perfect  Agreement 

A  K  app  (no  MSD) 

A  K  app  (with  MSD) 

0  Ligament  Yield  (with  MSD) 

X  K  app  (2nd  Link-Up) 

+  Ligament  Yield  (2nd  Link-up) ' 

A 

A 

iA 

i 

A 

o 

Actual  Link  Up  Load  [kips] 


Figure  10:  Comparison  of  actual  and  predicted  link  up  loads  by  two  different  link 
up  criteria  for  15  inch  wide,  stiffened,  2024-T3  aluminum  panels  containing  lead 

and  in  most  cases  MSD  cracks. 
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Predicted  Failure  Load  [kips] 


Figure  11:  Comparison  of  actual  and  predicted  panel  failure  loads  by  two  different 
failure  criteria  for  15  inch  wide,  stiffened,  2024-T3  aluminum  panels  containing 
lead  and  in  most  cases  MSD  cracks. 
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Introduction 

The  loss  of  structural  integrity  of  aircraft  due  to  fatigue  cracking  at  fastener 
holes  and  other  stress  concentration  features  is  a  major  concern,  particularly  in 
relation  to  the  operation  of  aging  aircraft.  An  important  aspect  of  this  problem 
is  the  effect  of  multiple  site  damage  (MSD)  on  the  residual  strength  of  an  aircraft 
which  suffers  discrete  source  damage  from,  for  example,  projectiles  caused  by  the 
disintegration  of  an  engine  disk.  The  effect  of  MSD  on  the  residual  strength  of 
a  structure  with  a  lead  crack  is  illustrated  in  Figure  1.  This  figure  shows  that  as 
the  applied  stress  is  increased,  the  lead  crack  links  with  MSD  to  form  a  longer 
crack  which  eventually  becomes  unstable  at  a  stress  level  that  is  below  the 
residual  strength  of  the  original  lead  crack  in  the  absence  of  MSD. 

In  this  paper,  a  fracture  mechanics  model  based  on  the  elastic-plastic 
parameter,  J,  is  proposed  to  address  the  problem  of  how  to  calculate  the  reduction 
in  residual  strength  due  to  MSD.  The  objectives  of  the  work  are  shown  in 
Figure  2.  The  adopted  technical  approach  utilizes  a  simplified  version  of  the  strip 
yielding  model  for  a  lead  crack,  modified  to  incorporate  the  effects  of  smaller 
multiple  cracks  located  near  the  lead  crack  tips  (Figure  3).  This  simplified 
engineering  approach  can  capture  most  of  the  salient  features  of  the  problem: 
crack  tip  plasticity;  interactions  between  the  lead  crack  and  multiple  site  damage; 
and  ductile  tearing  leading  to  crack  link-up  and  instability.  It  will  need 
modification  to  incorporate  aircraft  structural  details,  such  as  tear  straps  and 
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stringers.  However,  Nilsson  and  Hutchinson  (1993)  have  shown  how  such 
features  can  be  modelled  within  the  strip  yielding  model. 

The  developed  fracture  model  has  been  applied  to  predicting  the  results  of  the 
wide  plate  fracture  tests  performed  at  NIST  on  lead  cracks  interacting  with 
simulated  multiple  site  damage  (MSD).  The  agreement  between  the  theoretical 
predictions  and  the  experimental  results  is  very  good,  both  qualitatively  and 
quantitatively,  providing  strong  encouragement  that  the  model  can  be  successfully 
extended  to  cracking  in  more  complex  structures,  such  as  aircraft. 

J  Estimation 

The  developed  J  estimation  scheme  is  based  on  a  modified  version  of  the 
approach  developed  under  EPRI  sponsorship  (for  example,  see  Kumar  et  al.,  1981 
and  Figure  4).  In  the  modified  approach  the  strip  yielding  model  is  combined 
with  the  reference  stress  approach  to  provide  a  J  estimation  scheme  of  the  form 
shown  in  Figure  5.  In  this  figure,  J„y  is  a  small  scale  yielding  (ssy)  estimate  for 
J  based  on  the  strip  yield  solution  for  an  embedded  crack  with  N  MSD  cracks 
symmetrically  distributed  about  its  center,  and  Jp  is  a  fully  plastic  solution  based 
on  the  reference  stress  approach  which  also  includes  the  presence  of  MSD  cracks. 
The  derivation  of  a  J  estimation  scheme  based  on  the  reference  stress  approach  is 
described  by  Ainsworth  (1984).  The  meanings  of  the  terms  a,  dMso  Smsd*  and  a^sp 
are  shown  in  Figure  9.  P  is  the  applied  load,  o„  the  yield  stress,  a  and  n  the 
constant  and  exponent  in  a  Ramberg-Osgood  representation  of  the  stress-strain 
curve  which  has  the  form  shown  in  equation  (1),  where  E  is  Young's  modulus  and 
6  the  strain  corresponding  to  the  stress,  o. 


€  = 


E  E  a 

O 


(1) 


Jj  is  the  linear  elastic  value  of  J  for  the  lead  crack  and  is  related  to  the  stress 
intensity  factor  under  plane  stress  conditions  by  the  equation 

J  =  —  (2) 

'  E 

and  Pq  is  the  value  of  P  at  which  net  section  yielding  occurs. 
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The  ssy  solution  based  on  the  strip  yielding  model  is  necessary  for  the  model 
to  capture  the  interaction  of  the  lead  crack-tip  plastic  zone  with  the  MSD  cracks, 
and  the  influence  of  this  on  J.  The  advantages  of  the  strip  yield  model  for  this 
problem  are  that  it  can  be  expressed  in  terms  of  linear  elastic  weight  functions, 
W(x,x)  (Figure  6),  and  the  model  is  known  to  be  particularly  suitable  for  through 
cracks  in  thin  section  structures  deforming  in  plane  stress.  In  the  present 
approach,  the  weight  function  is  simplified  by  using  a  form  that  is  only  applicable 
near  the  crack  tip.  This  can  be  done  because  of  the  assumption  of  ssy. 

The  J-integral  is  related  to  the  crack  tip  opening  displacement,  <E>(x=a),  which 
is  calculated  using  the  equation  shown  in  Figure  6.  The  expression  for  is  too 
complicated  to  present  here;  its  evaluation  involves  an  iterative  procedure  for 
determining  the  plastic  zone  size.  However,  the  key  equations  are  presented  in 
Figure  6. 

Crack  instability  occurs  in  ductile  materials  when  the  applied  value  of  J 
becomes  tangent  to  the  toughness  of  the  material  expressed  in  terms  of  a  J- 
resistance  curve,  JK(Aa,),  where  Aa,  is  the  amount  of  ductile  tearing  (Figure  7). 

Validation  of  Fracture  Model 

The  proposed  J  estimation  scheme  has  been  applied  to  predicting  the  NIST 
wide  plate  test  results  (DeWit  et  al.,  1995).  A  schematic  of  the  test  specimen  used 
is  shown  in  Figure  8.  The  plates  were  made  of  2024-T3  aluminum  alloy.  The 
plates  were  90  inches  wide  and  0.04  inch  thick.  Simulated  MSD,  in  the  form  of 
flaws,  were  machined  in  the  plates  so  that  they  were  symmetrically  located  either 
side  of  the  lead  crack.  The  test  matrix  is  summarized  in  Figure  9.  The  cracked 
plates  were  loaded  to  failure  under  remote  tension  and  the  applied  load  and 
extension  of  the  lead  crack  recorded.  Figure  10  summarizes  the  observed  failure 
modes.  In  all  but  one  case,  MSD-9,  the  lead  crack  ran  unstably  through  the  MSD 
cracks  after  linking  with  the  second  MSD  crack.  In  test  MSD-9,  lead  crack 
instability  occurred  simultaneously  with  the  lead  crack  linking  with  the  first  MSD 
crack. 

The  steps  followed  in  the  validation  analysis  were  (Figure  1 1): 

(1)  Using  the  J  estimation  scheme  a  J-R  curve  was  derived  based  on  the  load 
versus  crack  extension  data  for  the  NIST  fracture  tests  MSD-1,  MSD-2  and 
MSD-3,  which  were  carried  out  on  plates  containing  single  cracks  with  no 
simulated  MSD.  The  resulting  J-R  curve  (Figure  12)  was  fitted  by  a  power  law 
(equation  (3))  for  tear  lengths  A  a, <1.4", 
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Jj^  =  0.319+0.828  (ksi-inch) 


(3) 


(2)  The  tensile  stress-strain  curve  of  the  material  was  fitted  by  a  Ramberg- 
Osgood  law  of  the  form  shown  in  equation  (1)  where  E=  10,500  ksi,  a  =0.852, 
00=53.3  ksi  and  n=15.4.  This  fitted  curve  is  shown  in  Figure  13. 

(3)  The  load  versus  crack  extension  curve  was  predicted  by  finding  the  value 
of  load  P  which  satisfies  the  equality  (Figure  1 1). 

y(<3+Aa,  ^msd’  ~ 

In  performing  the  calculations,  both  yielding  and  potential  ductile  tearing  at 
the  MSD  crack  tips  were  ignored.  A  "local"  instability  for  the  lead  crack  is 
predicted  from  equation  (4)  when  P  attains  a  maximum  as  A  a,  increases  for  a 
given  value  of  a.  At  local  instability,  the  lead  crack  was  assumed  to  link  with  the 
first  MSD  crack  and  its  crack  length  was  increased  accordingly  and  the  value  of 
N  reduced  by  1.  The  recharacterized  lead  crack  was  then  allowed  to  advance  by 
ductile  tearing  at  constant  load  P  until  equation  (4)  was  again  satisfied,  when  the 
lead  crack  was  assumed  to  arrest.  The  load  was  then  further  incremented  and  a 
similar  procedure  followed  to  determine  the  load  at  which  the  next  linkage 
between  the  lead  crack  and  the  next  MSD  crack  occurred. 

A  typical  calculated  result  .showing  the  variation  of  J  for  NIST  test  MSD-4 
which  had  three  MSD  cracks  either  side  of  a  lead  crack  of  half  length  7  inch  (see 
Figure  9)  is  shown  in  Figure  14.  The  behavior  in  Figure  14  was  derived 
according  to  step  (3).  It  can  be  .seen  that  arrest  is  predicted  after  the  lead  crack 
links  with  the  first  MSD  crack  becau.se  the  value  of  J  falls  as  a  con.sequence  of 
the  linkage.  Additional  load  is  required  before  the  re-characterized  lead  crack 
simultaneously  links  with  the  .second  and  third  MSD  cracks.  After  this  link-up, 
the  crack  again  arrests,  and  additional  load  is  required  to  cau.se  more  ductile  crack 
extension. 

The  reason  why  a  lead  crack  can  arrest  after  linking  with  an  MSD  crack  is 
explained  by  reference  to  Figure  15.  This  figure  shows  calculated  J  solutions  for 
the  MSD-4  lead  crack  as  a  function  of  applied  strc.ss  and  assuming  no  ductile 
crack  extension.  As  the  applied  stress  increases  the  initial  lead  crack  plastic  zone 
spreads  across  the  ligament  between  the  first  MSD  crack  and  as  this  MSD  crack 
is  engulfed  by  the  zone  the  value  of  J  abruptly  increases  (curve  A).  As  the 
applied  stress  continues  to  increase,  further  abrupt  increases  in  J  occur  as  the 
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second  and  third  MSD  cracks  are  engulfed  by  the  plastic  zone.  Also  shown  in 
Figure  15  are  the  J  solutions  for  two  single  cracks  with  no  MSD.  These  solutions 
correspond  to  half  crack  lengths  equal  to  the  initial  lead  half  crack  length  (curve 

B) ,  and  a  half  crack  length  equal  to  the  initial  crack  linked  to  all  three  MSD 
cracks  (curve  C).  Interestingly,  after  the  plastic  zone  of  the  initial  lead  crack 
engulfs  the  first  MSD  crack  its  J  value  exceeds  that  for  the  deeper  crack  (curve 

C)  evaluated  at  the  same  stress  level.  Hence,  propagation  of  the  initial  lead  crack 
to  link-up  with  all  three  MSD  cracks  will  cause  a  reduction  in  J  and  possible 
ductile  crack  arrest,  depending  on  the  J-resistance  curve  of  the  material.  This  was 
observed  in  the  NIST  test  MSD-4.  Figure  15  also  displays  the  J  values  for  the 
lead  crack  after  it  has  linked  with  the  first  MSD  crack  and  has  two  remaining 
MSD  cracks  (curve  D),  and  when  it  has  linked  to  the  second  MSD  crack  and  has 
only  one  remaining  MSD  crack  (curve  E).  Since  curve  A  falls  above  curve  D  for 
all  stress  levels  after  the  plastic  zone  engulfs  the  first  lead  crack,  the  results  in 
Figure  15  predict  that  the  lead  crack  will  always  arrest  after  the  initial  lead  crack 
links  with  the  first  MSD  crack.  Furthermore,  since  curve  E  is  either  nearly  equal 
to  curve  D  (at  high  stress  levels),  or  falls  above  it  (at  lower  stress  levels),  the 
results  in  the  figure  also  predict  the  simultaneous  failure  of  the  second  and  third 
MSD  cracks,  and  the  arrest  of  the  resulting  lead  crack  (curve  C  falls  below  curve 
E  at  high  stress  levels)  after  the  plastic  zone  engulfs  the  first  lead  crack. 

The  results  of  applying  steps  (1)  through  (3)  to  the  NIST  results  are  shown  in 
Figures  16  to  21  for  tests  MSD-4,  MSD-5,  MSD-7,  MSD-8,  MSD-9  and  MSD-10, 
respectively.  These  figures  show  the  predicted  and  observed  applied  loads  plotted 
against  half  the  instantaneous  lead  crack  length.  It  can  be  seen  that  the  SwRI  J 
estimation  scheme  is  in  very  good  agreement  with  the  experimental  data  in  all 
cases. 

Conclusions 

The  main  conclusions  of  this  work  are  shown  in  Figure  22.  It  is  worth 
emphasizing  that  the  fracture  model  developed  at  SwRI  does  not  require  elastic- 
plastic  finite  element  computations.  It  is  therefore  computationally  very  quick 
(only  a  few  seconds  of  computational  time  was  needed  on  a  486  PC  to  analyze 
a  single  NIST  test)  and  ideally  suited  for  u.se  in  a  probabilistic  calculation.  The 
strip  yield  model  requires  only  linear  elastic  fracture  mechanics  solutions  for  its 
implementation,  and  the  only  additional  information  needed  to  implement  the 
reference  stress  approach  is  the  yield  load,  Pq,  and  the  stress-strain  curve.  The 
model  is  easily  extended  to  include  a  random  distribution  of  MSD  cracks,  and  can 
be  modified  to  include  the  influence  of  reinforcing  structural  details,  such  as  tear 
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straps  and  stringers,  by  linking  the  J  estimation  module  to  an  appropriate  structural 
analysis  computer  program. 
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Figure  2:  Objectives  of  the  current  work. 
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Figure  3:  The  technical  approach. 
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Figure  4:  Schematic  showing  EPRI  J  estimation  scheme. 
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Figure  6:  J  estimated  using  the  strip  yielding  model. 
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Figure  7:  J-based  ductile  fracture  criterion. 
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Figure  8:  NIST  wide-plate  test  set-up. 


J 


696 


Figure  9:  NIST  test  matrix. 
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Figure  10:  Ligament  failure  modes  for  the  NIST  tests  analyzed. 
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Figure  11:  The  validation  procedure. 
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Figure  14:  Predicted  variation  of  J  for  NIST  test  MSD-4. 
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predicted  crack  arrest  capability  of  NIST  test  MSD-4. 
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Figure  16:  Comparison  of  predicted  and  observed  fracture  behaviors  for  NIST  test  MSD-4. 
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Figure  17:  Comparison  of  predicted  and  observed  fracture  behaviors  for  NIST  test  MSD-5. 
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Figure  18;  Comparison  of  predicted  and  observed  fracture  behaviors  for  NIST  test  MSD-7 
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Figure  19:  Comparison  of  predicted  and  observed  fracture  behaviors  for  NIST  test  MSD-8. 
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Figure  20:  Comparison  of  predicted  and  observed  fracture  behaviors  for  NIST  test  MSD-9. 
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Figure  21:  Comparison  of  predicted  and  observed  fracture  behaviors  for  NIST  test  MSD-10. 
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Figure  22:  Conclusions. 
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•  Structual  Uegity 
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Govemmant, 

DOD 

48  •USAFCW'.Tirte.Kaiy,  eNASA  *1X10 
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RAPID  Danube  Tolerance 
Analysis 

♦  Fastener  Load  Calculation 

♦  Initial  Flaw  Configuration  and  Subsequent  Growth 

♦  Stress  Spectra  Development 

♦  Crack  Growth  Calculation 

♦  Residual  Strength  Calculation 

♦  Inspection  Schedule  Determination 


Fastener  Loads 

♦Determine  Fastener  Loads  at  The  Center  and  Comer  Fastener 
in  Critical  Row: 

Center  Fastener  ^  /  Comer  Fastener 


♦  Stress  Transfer  Ratios;  ctp^^  Pieid 

Stress  Scale  Factor  (SSF)  =  /  ap^^pieid 

Bearing  Factor  (BRF)  =  <  c^gtoss 

Bypass  Factor  (BPF)  =  agyp^  / 
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Initial  Flaw  Geometry  and  Growth 


Case  1 :  Center  Fastener 

O  Q  €/0  O 

Sub^u^t  Growth 

^  =  0.005”  ft  =  0.005” 

o  o^oc/o 

Crack  Grows  Into  Hole 

Case  3:  Corner  Fastener 

Initial  Flaw  »a.  =  0.05” 

0  O  O  OXD 

Subsequent  Growth 

a=  0.005”  ,a  =  0.005 

O  0  ONDrO 

Crack  Orows  Into  Hole 

Case  2:  Center  Fastener 

InitialFlaw  Q 

O  0/0"'q  'o 

4  =  0.005^ 

Subsequent  Growa_  ^ 

O  O-QKyo 

Crack  Grows  Into  Hole 

Stress  Spectra  Development 

♦  Generic  Wide  Body 

♦  Generic  Narrow  Body 
4  User  Defined 

4  Equivalent  Stress 
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RAPID  Generic  Stress  Spectra 
Development 

4  Mission  ProHle 

❖  Aircraft  Parameters 

❖  Usage  Parameter 

♦  C.  G.  Load  Spectra 

❖  Flight  Loads:  Maneuver,  Gust,  Pressure 

❖  Ground  Loads:  Taxi,  Takeoff,  Landing 

♦  Load-Stress  Transfer 


Aircraft  and  Usage  Parameters 


;  Parameters 

NB 

iWB 

iFlight  Distance  (Miles) 

712 

13500 

^  Operation  Empty  Weight  (lbs) 

78,500 

1300,000  i 

i Maximum  Payload  (lbs) 

44,000 

i  135,000  i 

^  Average  Payload  Factor 

70% 

;70% 

1  Cruise  Altitude  (ft) 

35,000 

139,000 

^Fuel  Consumption  Rate  (Ibs/hr) 

5,600 

115,500 

^Reserve  Fuel  Weight  (lbs) 

8,500 

;  23,000 

I  Takeoff  Speed  (Mach) 

0.22 

:  0.2:2 

^Cruise  Speed  (Mach) 

0.76 

i0.80 

^Landing  Speed  (Mach) 

0.20 

^0.20 

^  Climb  Duration  (hr) 

0.40 

i0.40 

1  Descent  Duration  (hr) 

0.40 

i0.40 

Generic  Mission  Profile 


-Taxi,  Takeoff 


Climb  ; 


Altitude 


Landing  Impact,  — y 
Landing  Roll,  Taxi 

Cruise  :  Descent 


Distance 


16  17  18 


Ground 

One-G 

\jA 


Typical  Load  Sequence 


.Flight  One-G 


GAG  cycle 
(w/o  pressure) 


descent 


One-Flight 


_Next 

Flight 
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Stress  Spectra  Development 

Fuselage  is  Divided  Into  Four  Zones 


Zone  I 

II 

III 

IV 

/ 

_ 

1  J 

r — 1  _ 

<  ✓ 

J 

k _ _ 

Bulkhead  Spar  Spar  FWD  Bulkhead  Bulkhead 
Crown 

Floor  Line 


Repair  Location 


Stress  Spectra  Development 


Longitudinal  Stress  Distribution  at  Crown  Area 
GAG  maximum  stress  =  pR/  2t  +  oc  c^g  (1.3  <  a  <  1.5) 


FWD  BLKHD 


One-G  Stress  (Ojg)  is  Estimated  Based  on  Material 
Allowable,  Design  Limit  Load  and  Payload  Factor 


Stress  Spectra  Development 

Longitudinal  Stress  Distribution  at  Floor  Line  Area 


®GAO  Max. 


pR 

2t 


Linear  Interpolation  Used  Stress  Between  Crown  and  Floor 
Line 
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Stress  Spectra  Development 

Circumferential  Stress  Distribution 


♦  GAG  Maximum  Stress 

«  PR 

^GAO  Max.  “  ^ 

♦  GAG  Minimum  Stress 

O'GAO  Min.  —  ® 
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Crack  Growth  Model 


♦Simplified  Crack  Growth  Model 

^^c[(,-RrK^Y 

♦Cycle-By-Cycle  Crack  Growth  Model 

❖  Crack  Growth  Data  Look-Up 

❖  Retardation,  Generalized  Willenborg  Model 
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Crack  Growth  Model: 

Cycle-By-Cycle  Validation 
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Crack  Growth  Model: 

Simplifled  Analysis  Validation 


Number  of  Flights  (x  1000) 
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Crack  Growth  Model: 

Simplifled  Analysis  Validation 


Number  of  Flights  (x  1000) 
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Residual  Strength 


Crack  Length 


Inspection  Schedule 

4  Inspection  Threshold: 

where  >s  the  number  of  flights  for  the  crack  to 
grow  from  initial  flaw  size  to  the  critical  size,  a^^j 

4  Inspection  Interval: 

\r  ^ crit  ~^det 

NirU-  2 

where  is  the  number  of  flights  to  reach  the 
detectable  crack  size  for  a  specific  inspection  method 
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Test  Validation 

♦  Testing  Conducted  By  Sandia  National  Labs 

♦  Specimen  Configuration  and  Loading: 

Skin:  A  Applied  Load: 

Thick:  0.04”  T  ACT,pp  =  20ksi 

Height:  34” 

Width:  12” 

Doubler: 

Thick:  0.05” 

Height:  7.75” 

Width:  8.5” 

Cut-Out: 

Hei^t:  2.75” 

Width:  3.5” 

Fastener  Arrangement: 

Countersuidc  Angle:  100° 

Diameter:  0.15625” 

Pitch:  0.75” 

EdgeDist.:  0.5” 


Test  Validation 


Number  of  Cycles 
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Summary 

♦  RAPID  is  a  Simple,  User-Friendly  PC-Based 
Repair  Tool: 

❖  Windows™-Based  Graphics  User  Interface 

❖  Both  Static  and  Damage  Tolerance  Analyses  to 
Evaluate  Fuselage  Skin  Repairs 

❖  Advisory  System  to  Provide  Repair  Procedure 
Guidelines 

❖  Extensive  Database  Accessible  For  Additions 

♦  Software  Availability: 

❖  Prototype,  Fuselage  Skin  Repairs  -  July  1994 

❖  Version  I,  Fuselage  Skin  Repairs  -  March  1996 

❖  Version  II,  Complex  Repairs  -  March  1997 

♦  Over  300  Requests  For  RAPID  1 .2 


Summary 

♦  Enhancements  Include: 

❖  Two  Dimensional  Model  To  Calculate  Fastener  Loads 

❖  Generic  Stress  Spectra 

♦  Wide  Body 

♦  Narrow  Body 

♦  User  Specified 

♦  Equivalent  Stress 

❖  Crack  Growth  Models  Include  Simplified  and  Cycle-By- 
Cycle 

♦  Circumferential  and  Longitudinal  Crack  Growth 

♦  Retardation  Effects  (Generalized  Willenborg  Model) 

♦  RAPID  Home  Page  For  Internet  Access: 

http://www.asp.tc.faa.gov/RAPID 

♦  RAPID  Results  In  Reasonable  Agreement  With  Sandia 
Experimental  Results 
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The  Onset  of  Multiple  Site  Damage  and 
Widespread  Fatigue  Damage  in  Aging  Airplanes 

David  Y  Jeong 

US.  Department  of  Transportation 
Volpe  National  Transportation  Systems  Center 
Cambridge,  MA  02142  USA 

and 

Pin  Tong 

Hong  Kong  University  of  Science  and  Technology 
Clear  Water  Bay,  Kowloon,  Hong  Kong 

ABSTRACT.  This  paper  presents  a  methodology  for  predicting  the  thresholds  of 
multiple  site  damage  and  widespread  fatigue  damage  in  fuselage  lap  splices.  Widespread 
fatigue  damage  is  a  type  of  multiple  cracking  that  reduces  the  airframe  residual  strength  to 
a  level  below  the  damage  tolerant  requirement.  The  MSD  threshold  refers  to  the  point  in 
the  lifetime  of  an  airplane  when  two  adjacent  collinear  fatigue  cracks  can  linkup  at  the 
allowable  stress.  The  WFD  threshold  is  the  point  in  time  when  linkup  of  a  primary  crack 
created  from  accidental  damage  and  secondary  cracks  created  from  fatigue  can  result  in  a 
catastrophic  failure.  The  methodology  presented  in  this  paper  combines  results  from 
residual  strength  analysis  and  fatigue  crack  growth  testing  to  determine  these  thresholds. 
In  particular,  a  displacement  compatibility  approach  is  adopted  to  calculate  residual 
strength  in  curved  stiffened  panels  tested  in  the  laboratory.  The  laboratory  experiments 
also  include  fatigue  testing  of  full-scale  panels  containing  a  debonded  lap  splice.  Based  on 
this  methodology,  the  threshold  of  widespread  fatigue  damage  for  these  laboratory  panels, 
adjusted  for  zero  minimum-stress  cycling,  is  between  32,300  and  43,500  cycles,  and  the 
threshold  of  multiple  site  damage  is  about  70,600  cycles. 


1.0  INTRODUCTION 

The  foremost  technical  challenge  related  to  aging  aircraft  is  the  problem  of  widespread 
fatigue  damage  (WFD).  Widespread  fatigue  damage  is  a  type  of  multiple  cracking  that 
reduces  the  airframe  residual  strength  to  a  level  below  the  damage  tolerant  requirement. 
Two  sources  of  widespread  fatigue  damage  have  been  identified  [1].  They  are 
characterized  by  the  simultaneous  presence  of  fatigue  cracks  in  the  same  structural 
element  (referred  to  as  Multiple  Site  Damage  or  MSD),  and  in  adjacent  structural 
elements  (called  Multiple  Element  Damage  or  MED),  Since  current  procedures  have  been 
established  from  assuming  damage  in  the  form  of  a  single  crack  only,  research  on  WFD  is 
necessary  and  prudent.  Moreover,  multiple  cracks  emanating  from  rivet  holes  along 
fuselage  lap  splices  have  been  found  in  aging  airplanes.  The  work  described  in  this  paper 
is  concerned  with  the  effects  of  such  cracking  on  the  damage  tolerant  capability  of  airplane 
fuselages. 


Analysis  of  MSD  in  aircraft  structures  must  address  two  issues.  The  first  issue  is  to 
determine  the  size  of  cracks  adjacent  to  primary  damage  that  will  degrade  the  residual 
strength  below  the  allowable  level.  Experiments  on  flat  panels  [2]  have  demonstrated  that 
cracks  as  small  as  0.05  inch  ahead  of  a  14-inch  lead  crack  can  reduce  the  residual  strength 
by  more  than  30%.  Analyses  by  Swift  [1]  have  shown  that  residual  strength  can  be 
degraded  below  required  levels  in  a  fuselage  containing  a  long  lead  crack  and  0.032-inch 
MSD-type  cracks,  but  without  crack  stoppers.  In  both  works,  the  MSD-crack  length  was 
measured  from  the  edge  of  the  rivet  hole.  This  point  is  noteworthy  because  Tong  [3]  has 
noted  that  uncracked  rivet  holes  ahead  of  a  long  lead  crack  can  reduce  the  residual 
strength  by  similar  orders  of  magnitude.  The  second  issue  regarding  MSD  is  to  predict 
when  such  cracking  will  occur  in  the  operational  life  of  the  airplane.  In  this  paper,  we 
shall  make  a  distinction  between  the  time  when  these  cracks  can  linkup  in  operation  and 
the  time  when  multiple  cracking  becomes  WFD.  The  first  point  in  time  is  referred  to  as 
the  onset  or  threshold  of  MSD,  and  the  second  point  in  time  is  called  the  onset  of  WFD. 
Establishing  these  thresholds  is  the  subject  of  study  in  this  paper. 

Previous  research  has  been  conducted  to  understand  the  failure  mechanisms  associated 
with  MSD  [1,4,  and  5].  Particular  attention  has  been  given  to  examine  damage  in  the 
form  of  a  lead  crack  with  smaller  collinear  cracks.  This  cracking  scenario  represents 
damage  produced  by  penetration  of  an  engine  fragment  (lead  crack)  and  by  fatigue  (MSD- 
type  cracks).  Swift  [6]  and  others  [7]  have  hypothesized  that  a  lead  crack  will  linkup  with 
smaller  collinear  cracks  when  the  average  stress  in  the  ligament  between  crack  tips  equals 
the  yield  strength  of  the  material.  Testing  and  analysis  of  flat  and  curved  panels  have 
supported  this  hypothesis  [8].  In  addition,  full-scale  testing  has  been  conducted  by  Foster- 
Miller,  Inc.  (FMI)  using  curved  stiffened  panels  containing  lap  splices.  Several  residual 
strength  [9,10]  and  fatigue  tests  [11]  were  performed  to  determine  static  strength  and 
crack  growth  behavior. 

In  this  paper,  a  methodology  is  presented  to  predict  the  thresholds  of  MSD  and  WFD. 
The  methodology  makes  use  of  results  from  previous  research  efforts.  As  an  application 
of  the  methodology,  the  thresholds  of  MSD  and  WFD  are  predicted  for  cracks  emanating 
from  rivet  holes  along  the  lap  splices  in  the  Foster-Miller  full-scale  panels 

2.0  THEORETICAL  CONSIDERATIONS 

The  theoretical  framework  to  predict  the  threshold  of  WFD  is  based  on  residual 
strength  analysis  and  fatigue  crack  growth  data  from  a  curved  stiffened  panel  with  a  lap 
splice  (Figure  1 ).  In  the  panel,  a  lead  crack  spans  along  the  lap  splice  over  two  bays  with 
the  center  stiffener  broken.  Secondary  collinear  or  MSD-type  cracks  are  adjacent  to  the 
primary  or  lead  crack.  The  secondary  cracks  can  reduce  the  residual  strength  of  the 
stiffened  panel,  as  shown  schematically  in  Figures  1(a)  and  1(b). 


Residual  strength 


Half-crack  length 


(a)  Lead  crack  residual  strength  curves. 


Peak  Residual  Strength 


Length  of  MSD-crack 

(b)  Effect  of  MSD  on  lead  crack  residual  strength. 


MSD-crack  Length 


Number  of  Cycles 


(c)  MSD-crack  growth  curve. 

Figure  1.  Outline  to  determine  threshold  of  WFD. 


731 


Two  definitions  for  the  critical  size  of  secondary  cracks  are  considered  in  this  paper. 
One  critical  size  is  the  length  of  the  adjacent  collinear  fatigue  cracks  at  which  they  can 
linkup  at  the  allowable  stress  level.  Another  critical  size  is  defined  as  the  length  of  the 
secondary  crack  at  which  the  residual  strength  of  the  panel  equals  the  allowable  stress 
level.  The  former  definition  is  used  to  determine  the  threshold  of  MSD,  and  the  latter  is 
used  to  determine  the  threshold  of  WFD.  In  the  latter  case,  the  linkup  of  a  lead  crack  with 
such  a  secondary  crack  could  result  in  a  catastrophic  failure  at  the  allowable  stress  level. 

Crack  growth  data  and  analysis  can  then  be  used  to  calculate  the  number  of  cycles  to 
produce  cracks  equal  to  the  critical  sizes.  These  numbers  of  cycles  are  considered  as  the 
thresholds  of  MSD  and  WFD.  In  this  study,  we  are  concerned  with  multiple  cracks 
emanating  from  rivet  holes  of  lap  splices.  Therefore,  we  shall  use  crack  growth  data 
associated  with  holes  only  in  which  the  crack  length  is  measured  from  the  edge  of  the 
hole. 


2.1  Residual  Strength  Analysis 

The  residual  strength  in  stiffened  panels  can  be  determined  through  several  analytical 
approaches.  An  engineering-mechanics  approach  was  developed  by  Swift  [12]  that  is 
based  on  the  principle  of  displacement  compatibility.  The  application  of  the  finite  element 
methods  to  determine  residual  strength  in  stiffened  structure  has  also  been  the  focus  of 
previous  research.  For  example,  Tong  et  al.  [7]  have  developed  a  hybrid  finite  element 
technique  in  which  the  linear  elastic  crack-tip  stress  singularity  was  imbedded  into  the 
finite  element  solution.  The  effect  of  stiffening  from  frames,  tear  straps,  and  stringers  was 
also  included  in  the  hybrid  finite  element  formulation.  In  addition,  Nikishkov  and  Alturi 
[13]  have  developed  a  finite  element  approach  that  combines  elastic-plastic  analyses  with 
the  Schwarz-Newmann  alternating  method. 

In  the  present  work,  the  displacement  compatibility  method  has  been  adopted  to 
analyze  the  full-scale  panels  tested  by  Foster-Miller  because  it  is  convenient  to  conduct 
parametric  studies.  The  first  objective  in  this  method  is  to  determine  the  loads  carried  by 
the  stiffeners  which  is  accomplished  by  matching  the  difference  in  skin  and  stiffener 
deflection  to  the  fastener  shear  deflection  at  each  fastener  location.  The  total  stress 
intensity  factor  is  the  sum  of  the  contributions  from  the  stiffener  loads  and  the  remote 
stress.  This  total  is  normalized  by  the  stress  intensity  factor  without  stiffeners,  and  is 
denoted  as  Ps-  Therefore,  for  a  panel  containing  a  single  crack,  the  residual  strength  is 
calculated  by 


Pgp„  Am 
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where  a  is  the  half-length  of  the  crack,  W  is  the  width  of  the  panel,  and  Kc  is  the  plane 
stress  fracture  toughness  of  the  skin  material.  Another  correction  factor  called  the  bulging 
factor,  pB,  is  used  to  account  for  curvature.  The  strength  ot  the  stiftener  or  tear  strap  is 
calculated  from 


where  Ouit  is  the  ultimate  tensile  strength  of  the  stiffener  material  and  y/  is  the  stiffener  load 
concentration  factor.  Table  1  lists  the  dimensions  of  the  laboratory  panel  tested  by  Foster- 
Miller,  Inc. 


Table  1.  Panel  Dimensions. 


Parameter 


Radius  of  curvature  (inches 


Skin  thickness  (inch 


Tear  strap  spacing  (inches 


Frame  spacing  (inches 


Cross-sectional  area  of  tear  strap  (in 


Rivet  shank  diameter  (inch 


Rivet  head  diameter  (inch 


Panel  width  (inches 


Value 


75 


0.036 


10.0 


20.0 


0.054 


1.00 


0.158 


0.250 


120 


2.1.1  Plastic  Collapse  Criterion 

The  role  of  plasticity  in  the  context  of  multiple  site  damage  can  be  explained  by 
calculating  the  size  of  the  plastic  zone  ahead  of  a  long  crack  in  aircraft  aluminum.  At  the 
onset  of  rapid  crack  propagation  for  the  stress  level  given  by  equation  (1),  this  size  can  be 
as  much  as  2  inches  for  2024-T3  aluminum,  which  is  greater  than  the  typical  rivet  spacing 
of  1  inch.  The  material  between  the  edge  of  a  rivet  hole  and  a  neighboring  crack  tip  or 
between  adjacent  crack  tips  is  called  a  ligament.  Calculations  reveal  that  the  ligament 
plastically  yields  before  it  fractures.  Consequently,  equation  (1)  would  overestimate  the 
residual  strength  of  panels  containing  cracks  in  a  row  of  rivets.  Therefore,  separate 
analyses  were  developed  for  cracks  within  a  row  of  rivets  which  are  representative  of 
cracks  in  the  lap  splice  of  a  fuselage.  Residual  strength  calculations  were  performed  on 
the  assumption  that  failure  occurs  when  the  entire  ligament  yields  plastically.  This  failure 
mechanism,  referred  to  as  plastic  collapse,  implies  that  the  critical  parameter  is  the  yield 
strength  of  the  material,  and  not  the  fracture  toughness.  Table  2  lists  the  material 
properties  for  2024-T3  aluminum  assumed  in  this  paper.  In  principle,  the  residual  strength 
of  the  panel  is  the  lower  of  the  two  values  calculated  from  the  fracture  and  the  plastic 
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collapse  criteria.  For  the  cases  considered  in  this  paper,  linkup  of  multiple  cracks  is 
governed  by  plastic  collapse. 


Table  2.  Assumed  Material  Properties  for  2024-T3  Aluminum. 


Property 

Value 

Modulus  of  elasticity,  p.  (msi) 

10.5 

Poisson’s  ratio,  y 

0.33 

Yield  strength,  oj,  (ksi) 

50. 

Ultimate  tensile  strength,  <Xui,  (ksi) 

64. 

Plane  stress  fracture  toughness,  Kc  (ksi-in*^) 

120. 

Plastic  Collavse  Critetion  for  a  Sinele  Crack  in  a  Row  of  Rivets 

The  plastic  collapse  criterion  has  been  applied  to  predict  the  residual  strength  of  panels 
containing  a  single  crack  vvithin  a  rovv  of  rivets  [3],  Failure  was  assumed  to  occur  when 
the  ligaments  between  the  tips  of  the  single  crack  and  the  edge  of  the  adjacent  holes  yield 
plastically.  Thus,  for  a  single  crack  within  a  row  of  rivets  (Figure  2),  Tong  [3]  derived  the 
following  equation  to  predict  the  remote  stress  at  linkup. 


(3) 


where  a,,  is  the  yield  strength  of  the  material  and  L  is  the  ligament  length  which  in  this  case 
is  the  distance  between  the  crack  tip  and  the  edge  of  the  neighboring  fastener  hole.  For 
the  crack  configuration  in  Figure  2,  the  ligament  length  is  the  rivet  spacing  (1.00  inch) 
minus  the  diameter  of  the  rivet  hole  (0.25  inches),  or  0.75  inch. 


Figure  2.  Schematic  of  plastic  zones  ahead  of  a  crack  in  a  row  of  rivets. 


V. 
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PlasHc  Collanse  Criterion  for  a  Lead  Crack  with  Adjacent  MSB-Type  Crad^ 

The  plastic  collapse  criterion  was  originally  hypothesized  tor  the  case  of  a  lead  crack 
with  smaller  collinear  or  MSD-type  cracks  [6],  For  this  crack  configuration  (Figure  3), 
the  remote  stress  at  linkup  is  predicted  by  [7] 


<7, 


+  - 


<7  -(7  o{\- PsPbP  a)  PBPb)\ 


2L{o-a„) 


(4) 


where  a  is  the  half-length  of  the  lead  or  larger  crack,  b  is  the  length  of  the  adjacent  MSD- 
type  crack  measured  from  the  edge  of  the  rivet  hole,  and  L  is  the  distance  between  crack 
tips.  In  equation  (4),  and  ph  are  stress  intensity  correction  factors  to  account  for  the 
interaction  of  cracks.  From  Tada  el  al.  [14],  these  correction  factors  are 


P. 


(5) 


P,= 


E{k) 

K{k)\ 


(6) 


In  equations  (5)  and  (6),  E(k)  and  K(k)  are  the  complete  elliptic  integrals  of  the  first  and 
second  kind: 


E{k)  =  I  -y/T^^Plin^  d(t) 

0 


K{k)  =  \ 


d<j> 


I  ^1- sin^  (f> 


(7) 


where  k  depends  on  the  lengths  of  the  cracks  and  the  distance  between  crack  tips 


k  = 


4ab 

{L  +  2a){L  +  2b) 


(8) 


Equation  (4)  also  includes  a  correction  factor  to  account  for  the  stress  concentration  at  the 
edge  of  an  open  hole  produced  by  the  remote  loading  [15]: 


1 


2b 

d 


+ 1.93 


2d) 

d 


+  0.539 


(9) 


where  b  is  the  length  of  the  crack  emanating  from  the  edge  of  the  rivet  hole  and  d  is  the 
rivet  hole  diameter. 
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Figure  3.  Schematic  of plastic  zones  ahead  of  a  lead  crack  and  an  MSD-type  crack. 


Equations  (3)  and  (4)  were  derived  from  the  exact  distribution  of  stress  ahead  of  a 
crack  which  includes  nonsingular  terms  [7],  The  plastic-zone  size  predicted  by  these 
equations  is  larger  than  that  predicted  by  the  Irwin  equation  which  includes  only  the 
singular  term  in  the  asymptotic  expression  for  stress.  For  cases  where  the  yield  strength. 
Op,  is  much  greater  than  the  remote  stress,  CTo,  the  present  models  are  equivalent  to  those 
based  on  the  Irwin  equation.  In  most  practical  cases,  however,  the  yield  strength  and  the 
remote  stress  have  the  same  order  of  magnitude,  and  equations  (3)  and  (4)  are  more 
applicable  than  those  derived  from  the  Irwin  equation. 

The  effect  of  stable  tearing  can  be  included  in  equations  (3)  and  (4).  Stable  tearing 
increases  the  total  crack  length  and  decreases  the  ligament  length.  Thus,  predictions  of 
residual  strength  with  stable  tearing  will  be  lower  than  those  without  the  effect.  An 
iterative  solution  procedure  is  required  to  include  the  effect  of  stable  tearing.  The  effect 
has  not  been  included  in  the  calculations  to  determine  the  MSD  and  WFD  thresholds. 

Other  criteria  have  also  been  proposed  to  predict  the  linkup  of  a  lead  crack  with 
smaller  collinear  cracks.  Specifically,  two  alternative  criteria  are  the  critical  crack  tip 
opening  angle  (CTOA)  [16]  and  the  r£*-integral  [17].  In  applying  these  criteria  to  predict 
residual  strength,  however,  elastic-plastic  finite  element  analyses  are  required. 

Residual  strength  predictions  for  fiat  panels  with  a  variety  of  multiple-crack 
configurations  based  on  the  7’£*-integral  criterion  in  conjunction  with  the  elastic-plastic 
finite  element  alternating  method  have  been  presented  by  Pyo  et  al.  [18].  Among  these 
results  were  linkup  predictions  for  20-inch-wide  panels  containing  a  lead  crack  with  2 
MSD-type  cracks,  one  ahead  of  each  tip  of  the  lead  crack  (Figure  4).  Linkup  stresses 
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based  on  the  plastic  collapse  criterion  (as  presented  in  this  paper)  and  the  T^^-integral 
criteria  (as  presented  in  Reference  [18])  are  compared  in  Table  3  for  the  panel  geometry  as 
shown  in  Figure  4.  As  a  first-order  estimate,  the  linkup  stresses  based  on  plastic  collapse 
assumed  an  unbounded  or  infinite  panel.  When  compared  to  linkup  stresses  calculated 
using  the  7);*-integral  criterion,  the  difference  in  the  two  predictions  increases  as  the  lead  - 
crack  size  increases,  suggesting  an  influence  due  to  the  finite  width  of  the  panel. 
Therefore,  Table  3  also  lists  plastic-collapse  predictions  where  a  finite-width  correcfion 
was  included  in  equation  (4).  The  following  equation  was  used  to  account  for  finite  width 
[14]: 


where  fV  is  the  panel  width.  When  this  finite-width  correction  factor  is  included  in 
equation  (4),  the  linkup  stresses  from  both  criteria  are  within  reasonable  agreement.  The 
effect  of  finite  width  on  the  smaller  MSD-type  cracks  has  been  neglected  in  the  predictions 
based  on  plastic  collapse.  In  these  comparisons,  the  effect  of  stable  tearing  was  included 
in  the  calculations  using  the  plastic  collapse  criterion.  Stable  tearing  affects  the  linkup 
calculations  via  a  reduction  in  ligament  length,  L,  by  the  amount  of  stable  growth  which,  in 
turn,  increases  the  magnitude  of  the  stress  intensity  factors.  In  these  calculations,  stable 
growth  is  governed  by  a  crack  resistance  curve  of  the  form 

Ki,=K^-lSa‘‘  (H) 

where  Ko  and  q  are  material  constants  which  are  equal  to  103.4  ksi-in''^  and  0.14, 
respectively. 


Figure  4.  Finite-width  panel  with  a  lead  crack  and  t^’o  MSD-type  cracks. 
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Table  3.  Comparison  of  Predicted  Linkup  Stresses. 


a 

Linkup  Predictions  (ksi)  I 

(inches) 

Plastic  Collapse 
(Infinite  Panel) 

Plastic  Collapse 
(Finite  Width) 

Te*  Integral 

3.75 

23 

22 

20 

5.25 

20 

17 

15 

6.75 

18 

13 

11 

NOTES: 

Results  for  plastic  collapse  include  the  effect  of  stable  tearing. 

Referring  to  Figure  4,  the  panel  configuration  for  these  calculations  is  characterized  by  the  following 
dimensions: 

a  =  half-length  of  main  or  lead  crack 
h  =  half-length  of  the  MSD  cracks  =  0.25  inch 

c  =  center-to-center  crack  spacing  =  n  +  1 .25  inches 

11'  =  width  of  panel  =  20  inches 


Plastic  Collapse  Criterion  for  Adjacent  MSD-Tvpe  Cracks 

Linkup  of  two  adjacenj  secondary  or  MSD-type  cracks  is  assumed  to  occur  when  the 
net  section  stress  equals  the  yield  strength  (Figure  5); 

cXg  =  a  p{c-d -2b)/ c  (12) 

where  c  is  the  rivet  spacing,  d  is  the  diameter  of  the  rivet  hole,  and  b  is  the  length  of  the 
secondary  crack  emanating  from  the  edge  of  the  rivet  hole.  Thus,  the  critical  length  of 
secondary  cracks  at  the  onset  or  threshold  of  MSD  can  be  calculated  by  setting  equation 
(1 1)  equal  to  the  allowable  stress. 


C 


Figure  5.  Secondary  cracks  emanating  from  adjacent  rivet  holes. 


738 


2. 1.2  Nonlinear  Bulging  Factor 


To  account  for  curvature  in  the  residual  strength  analyses,  the  stress  intensity  factor  is 
multiplied  by  the  bulging  factor.  Previous  work  has  shown  that  the  bulging  factor  may  be 
nonlinear  with  respect  to  the  applied  stress  [19]: 


l  +  « 


3 -.2/3 


(13) 


where  E  is  the  modulus  of  elasticity,  R  is  the  radius  of  curvature,  and  a  is  an  empirical 
constant.  For  the  FMI  panels,  the  value  of  the  empirical  constant  is  assumed  to  be  0.671 . 


2.2  Crack  Growth  Analysis 

Crack  growth  data  were  collected  during  fatigue  testing  of  a  curved,  stiffened  panel 
[11].  This  panel  contained  a  debonded  lap  splice  with  100  rivets  in  each  of  the  three  rows 
in  the  joint.  Twenty-two  (22)  rivet  holes  were  cracked  as  a  result  of  cyclic  pressurization 
at  constant  amplitude.  Figure  6  shows  crack  growth  curves  from  selected  rivet  hole 
locations.  In  addition,  two  curves  are  drawn  in  the  figure.  One  curve  represents 
“average”  crack  growth  data  that  was  derived  by  calculating  the  arithmetic  mean  of  all  the 
crack  lengths  measured  at  each  cycle  increment.  The  other  curve  is  an  approximation  of 
the  fastest  crack  growth  observed  in  the  experiment  which  represents  the  “worst  case. 
The  crack  lengths  shown  in  Figure  6  were  measured  from  the  edge  of  the  rivet  hole. 
These  data,  however,  represent  crack  growth  behavior  for  a  particular  set  of  loading 
conditions;  maximum  pressure  of  9.5  psi,  minimum  pressure  of  1.0  psi,  and  a  frequency  of 
0.2  Hertz. 


In  the  full-scale  fuselage  panels,  the  stress  amplitudes  or  stress  ranges  at  each  rivet  hole 
depend  on  the  locations  of  the  holes.  To  simplify  the  analysis,  we  divided  the  data  into 
two  groups;  namely,  those  for  holes  near  a  stiffener  and  those  away  from  it.  We  assumed 
that  the  stress  amplitudes  of  each  group  were  the  same.  Moreover,  we  shall  use  a  Paris- 
Walker-type  crack-growth  model  [20]  to  extrapolate  these  data  to  other  loading 
conditions.  The  assumed  crack-growth  model  has  the  following  functional  form 


da  ^  NK"' 

dN  ”  ^  (1  -  R)" 


(14) 


where  AK  is  the  stress  intensity  factor  range  and  R  is  the  ratio  of  minimum  to  maximum 
applied  stress,  called  the  stress  ratio.  Also,  C,  m,  and  n  are  empirical  constants.  In  the 
current  analyses,  the  exponents  in  equation  (14)  were  assumed  to  be  m  =4  and  n  =  ]  [21]. 
A  crack  growth  constant,  C,  was  chosen  to  fit  the  data  of  each  curve.  We  found  that  C 
=3.6  X  10‘*°  for  the  worst-case  data  for  the  holes  near  the  stiffener,  and  C  =  3.3  x  10’^”  for 


the  group  of  holes  away  from  the  stiffener.  The  “average”  crack  growth  constant  for  all 
holes  is  r  =2,6  X  10''®. 


Crack  length  (inches) 


Figure  6.  Crack  growth  data  from  FMI  panel  tests  at  selected  rivet  holes. 


The  stress  intensity  factor  was  assumed  to  be 

AK  =  AafifjJm  (15) 

where  a  is  the  length  of  the  crack  measured  from  the  edge  of  the  hole,  -dcr  is  the  stress 
range  (14.52  ksi  assumed),  and  fin  is  the  correction  for  the  stress  concentration  at  the  edge 
of  the  rivet  hole  that  was  defined  in  equation  (9)  for  open  holes.  Thus,  equation  (15)  is  a 
first-order  approximation  to  the  actual  stress  intensity  factor  because  the  data  were 
obtained  from  holes  containing  rivets  that  carried  load.  Moreover,  the  foregoing  crack- 
growth  analysis  is  used  only  to  adjust  for  different  levels  of  mean  stress. 

According  to  the  damage  tolerant  requirement,  the  residual  strength  of  a  fuselage  panel 
with  a  two-bay  crack  must  be  above  an  allowable  stress  level  (normally  the  design  limit 
load).  If  multiple  cracking  is  confined  within  two  bays,  a  linkup  of  cracks  will  simply 
result  in  a  larger  crack  within  two  bays,  and  therefore,  has  no  effect  on  the  residual 
strength.  If  multiple  cracking  occurs  near  a  stiffener,  however,  and  if  the  lead  crack  is 
located  in  the  two  bays  adjacent  to  the  stiffener,  the  panel  will  have  a  lower  residual 
strength  [5],  Therefore,  we  must  examine  the  fatigue  crack  growth  at  that  midbay 


location  and  near  the  stiffener.  In  general,  the  hoop  stress  at  midbay  is  higher  than  near 
the  stiffener  which  results  in  a  higher  crack  growth  rate. 


3.0  EXAMPLE  CALCULATION 

To  demonstrate  the  methodology,  the  thresholds  of  MSD  and  WFD  were  predicted  for 
the  Foster-Miller  panels.  In  the  displacement  compatibility  analysis,  the  flexibility  of  the 
fastening  system  between  the  skin  and  the  tear  straps  must  be  known  to  determine  the  load 
transfer  from  the  skin  to  the  stiffeners.  In  the  FMI  test  panels,  however,  the  flexibility  of 
the  fastening  system  was  unknown.  Therefore,  two  cases  of  flexibility  were  considered  to 
establish  bounds  on  the  MSD  threshold  for  the  FMI  panels.  In  one  calculation,  the 
fastening  system  was  assumed  to  be  infinitely  stiff,  meaning  that  the  relative  displacement 
between  the  skin  and  stiffener  is  zero.  From  this  assumption,  an  upper  bound  estimate 
was  established.  In  a  separate  calculation,  the  load  was  assumed  to  be  carried  entirely  by 
the  rivets  implying  that  the  adhesive  bonding  was  ineffective.  In  this  case,  the  rivet 
flexibility  was  calculated  from  an  empirical  formula  derived  by  Swift  [22].  This 
calculation  was  considered  as  a  lower  bound  because  the  tear  straps  in  the  actual  panels 
were  both  riveted  and  adhesively  bonded  to  the  skin.  Results  from  the  displacement 
compatibility  analysis  of  the  Foster-Miller  panels  are  summarized  in  Table  4.  The  analyses 
assumed  that  the  center  tear  strap  and  frame  in  the  panel  were  broken.  The  correction 
factors  for  stress  intensity  and  the  stiffener  load  concentration  factor  for  the  tear  straps 
near  the  lead  crack  tips  are  listed  in  the  table  for  both  cases. 


Table  4.  Results  from  Displacement  Compatibility  Analysis  of  FMI  Panels. 


Half-crack 
length,  a 
(inches) 

Lower  Bound 

Rivet  flexibility  =  5.48  uin/lb. 

Upper  Bound 

Rivet  flexibility  =  0  pin/lb. 

Fs 

W 

Ps 

^ _ 

2 

1.170 

1.030 

1.172 

1.034 

4 

1.109 

1.112 

1.110 

1.125 

6 

1.074 

1.278 

1.073 

1.312 

8 

1.033 

1.610 

1.029 

1.685 

10 

0.843 

2.567 

0.766 

2.909 

12 

0.687 

3.965 

0.610 

4.507 

14 

0.692 

4.839 

0.635 

5.427 

The  residual  strength  of  panels  containing  a  skin  crack  was  calculated  using  equation 
(1).  Similarly,  residual  strength  of  panels  containing  a  crack  within  a  row  of  rivet  holes 
was  calculated  from  equation  (3).  Equation  (4)  and  the  results  from  the  displacement 
compatibility  model  were  used  to  calculate  the  residual  strength  for  panels  containing  a 
lead  crack  with  various  sizes  of  MSD-type  cracks.  These  residual  strength  curves  are 


shown  in  Figure  7  for  the  lower  bound  results,  and  in  Figure  8  for  the  upper  bound 
estimates. 


Residual  strength  (ksi) 


Figure  7.  Residual  strength  diagrams  for  lower  bound  estimate. 


Residual  strength  (ksi) 


Figure  8.  Residual  strength  diagrams  for  upper  bound  estimate. 


The  peak  value  or  local  maximum  of  the  residual  strength  curve  near  the  location  of 
the  stiftener  or  tear  strap  is  considered  to  be  the  residual  strength  of  the  panel.  These  peak 
values  are  listed  in  Table  5.  Thus,  the  residual  strength  of  a  panel  with  a  crack  within  a 
row  of  rivets  is  28  to  31%  lower  than  a  panel  with  a  skin  crack.  When  MSD-type  cracks 
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are  present,  the  residual  strength  of  the  panels  is  decreased  further.  This  result  is  shown  in 
Figure  9  which  is  a  plot  of  the  data  listed  in  Table  5. 


Residual  strength  (ksi) 


Figure  9.  Effect  ofMSD  on  lead  crack  residual  strength. 


Table  5.  Results  of  Residual  Strength  Analysis  for  FMl  Panels. 


Lower  Bound  Estimate 

Upper  Bound  Estimate 

Skin  Fracture  Criterion  (ksi) 

25.0 

27.6 

Rivet  Hole  Criterion  (ksi) 

17.9 

19.0 

MSD  Criterion  for  0.1  inch  (ksi) 

14.8 

15.7 

MSD  Criterion  for  0.2  inch  (ksi) 

11.7 

12.4 

MSD  Criterion  for  0.3  inch  (ksi) 

7.5 

8.0 

The  allowable  stress  level  is  assumed  to  be  1.33  times  the  operating  hoop  stress  which 
is  calculated  as  82%  of  the  thin- walled  cylinder  estimate,  or 

<7,^,  =  1.33  X  0.82  (16) 

where  p  is  the  nominal  operating  pressure  (7.5  psi  assumed),  r  is  the  radius  of  the  cylinder, 
and  t  is  the  skin  thickness.  The  82%  factor  was  used  in  previous  calculations  by  Swift  [1] 
to  approximate  the  hoop  stress  at  midbay,  and  was  later  confirmed  by  strain  gage  testing 
on  a  retired  Boeing  737  airplane  during  ground  pressurization  tests  [23].  From  equation 
(16),  the  allowable  stress  level  is  17.0  ksi. 


By  interpolating  values  of  residual  strength  for  the  allowable  stress  level  of  17.0,  the 
lower  and  upper  bound  estimates  for  the  critical  size  of  secondary  cracks  are  0.03  and 
0.06  inches  (see  Figure  8).  Applying  the  worst-case  crack  growth  data  from  the  FMI  data 
for  rivet  holes  near  the  stiffener,  the  threshold  of  WFD  is  between  28,900  and  38,900 
cycles.  The  WFD  threshold  represents  the  point  in  time  when  accidental  damage  may 
result  in  linkup  of  the  primary  crack  with  secondary  cracks.  These  estimates  for  the  WFD 
threshold  should  be  adjusted  to  account  for  actual  loading  conditions.  In  the  FMI 
laboratory  tests,  the  ratio  of  minimum  to  maximum  stress  was  0.105.  In  an  actual 
airplane,  the  minimum  stress  is  zero.  When  the  crack  growth  curve  is  adjusted 
accordingly  using  equation  (14),  the  WFD  threshold  varies  between  32,300  and  43,500 
cycles.  As  a  point  of  reference,  the  FMI  panel  failed  after  75,263  cycles*.  Therefore,  the 
threshold  of  WFD  for  this  panel  occurred  between  0.43  and  0.58  of  its  total  life.  The 
results  of  the  WFD  threshold  calculation  are  summarized  in  Table  6. 


Table  6.  Estimates  for  WFD  Threshold  in  FMI  Panels. 


Lower  Bound  Estimate 

Upper  Bound  Estimate 

Critical  Size  of  WFD  (inch) 

0.03 

0.06 

WFD  Threshold  (cycles) 

28,900 

38,900 

Adjusted  WFD  Threshold 

32,300 

43,500 

The  previous  calculation  assumed  that  the  primary  or  lead  crack  and  the  broken  center 
stiffener  in  the  panel  were  the  result  of  accidental  damage  from  penetration  of  an  engine 
fragment,  as  an  example.  Another  scenario  should  also  be  assumed  where  all  rivet  holes 
contain  fatigue  cracks  with  the  center  stiffener  is  intact.  Assuming  all  cracks  have  the 
same  length  and  grow  at  the  same  rate,  equation  (12)  can  be  used  to  calculate  the  critical 
length  of  fatigue  cracking  at  which  linkup  will  occur  at  the  allowable  stress.  This  damage 
scenario  is  an  oversimplification  because  the  actual  stress  distribution  across  each  bay  of 
the  fuselage  is  not  uniform.  The  simplifying  assumptions,  however,  are  useful  to 
demonstrate  the  concept  and  to  perform  a  first  order  estimate.  A  critical  length  of  0.21 
inch  was  calculated  from  equation  (12).  From  the  worst-case  FMI  data  for  rivet  holes 
av/ay  from  the  stiffener,  such  cracking  will  occur  after  63,200  cycles.  Adjusting  for  in- 
service  loading  (i.e.,  minimum  stress  equal  to  zero),  this  value  becomes  70,600  cycles. 
This  number  of  cycles  is  referred  to  as  the  threshold  of  MSD,  and  represents  the  point  in 
time  when  linkup  of  multiple  cracks  can  occur  from  fatigue  loading  only.  Additional 
analysis  should  be  performed  to  predict  this  new  fatigue  threshold  more  accurately. 
Modeling  of  fatigue  cracks  emanating  from  rivet  holes  has  been  developed  by  Park  and 
Atluri  [24]  which  appears  to  be  appropriate  for  this  damage  scenario.  «  Such  analyses 
were  recently  performed  using  an  elastic-plastic  finite  element  alternating  method  [25]. » 


'  "Failure"  as  used  here  means  that  the  size  and  density  of  multiple  site  damage  was  such  that  proper 
loading  could  not  be  maintained  to  continue  testing. 


A  scatter  factor  is  usually  applied  to  fatigue  calculations  in  order  to  account  for  the 
variability  in  fatigue  data.  In  other  words,  the  number  of  cycles  calculated  from  the  crack 
growth  analysis  should  be  divided  by  a  scatter  factor.  Thus,  the  application  of  the  scatter 
factor  adds  conservatism  to  the  predictions.  In  the  MSD  and  WFD  threshold  predictions, 
a  scatter  factor  was  not  applied  because  the  crack  growth  analysis  assumed  the  worst-case 
data  which  is  already  a  conservative  assumption. 


4.0  DISCUSSION 

Two  different  points  in  the  lifetime  of  an  airplane  were  defined  in  this  paper.  The 
threshold  of  MSD  refers  to  the  point  when  two  adjacent  collinear  fatigue  cracks  can 
linkup  at  the  allowable  stress.  The  threshold  of  WFD  is  the  point  when  a  crack  less  than 
two  bays  in  length  created  from  accidental  damage  may  lead  to  catastrophic  failure. 
Calculations  based  on  residual  strength  analysis  and  crack  growth  data  showed  that  the 
threshold  of  WFD  for  laboratory  panels  containing  a  debonded  lap  splice  was  between 
32,300  and  43,500  cycles.  The  threshold  of  MSD  was  about  70,600  cycles. 

It  may  appear  counter-intuitive  that  the  WFD  threshold  is  less  than  the  MSD  threshold. 
The  reasons  are  twofold.  The  critical  secondary-crack  length  for  WFD  is  much  smaller 
than  that  for  MSD  linkup  (0.03  and  0.06  inch  versus  0.21  inch).  In  addition,  the  worst- 
case  data  from  the  FMI  data  for  rivet  holes  near  a  stiffener  had  a  higher  crack-growth  rate 
than  that  for  holes  away  from  stiffeners.  Therefore,  less  time  is  required  for  fatigue  cracks 
near  a  stiffener  to  initiate  and  grow  to  the  critical  size  than  those  away  from  if. 

After  the  WFD  threshold  has  been  reached,  small  fatigue  cracks  near  a  stiffener  are 
critical  only  if  there  is  a  long  lead  crack  adjacent  to  the  stiffener.  Such  a  long  lead  crack 
can  be  created  from  either  accidental  damage  or  linkup  of  secondary  cracks  near  the 
stiffener.  The  probability  that  accidental  damage  will  create  a  lead  crack  of  sufficient  size 
near  the  stiffener  with  fatigue  cracks  may  be  small.  Linkup  of  secondary  cracks  can  only 
occur  after  the  MSD  threshold  has  been  reached.  Thus,  the  probability  of  catastrophic 
failure  is  likely  to  be  small  after  the  WFD  threshold.  On  the  other  hand,  after  the  number 
of  flight  cycles  has  reached  the  MSD  threshold,  multiple  cracks  near  the  stiffeners  with 
sizes  larger  than  the  critical  WTD  length  are  likely  to  exist.  A  linkup  of  two  adjacent 
fatigue  cracks  can  lead  to  a  subsequent  linkup  with  other  cracks  and  result  in  a 
catastrophic  failure.  Therefore,  the  risk  of  catastrophic  failure  can  be  much  higher  after 
the  MSD  threshold  has  been  reached.  Estimating  the  risk  of  failure,  however,  is  beyond 
the  scope  of  this  study. 

Estimates  for  the  MSD  and  WFD  thresholds  are  useful  in  developing  guidelines  for 
inspection  programs.  Special  inspection  procedures  can  be  implemented  to  detect  MSD- 
type  cracks  after  an  airplane  has  reached  the  MSD  or  WFD  threshold.  Based  on  the  lower 
bound  estimates,  these  inspections  must  detect  cracks  between  0.03  and  0,06  inch  at  the 
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rivet  holes  near  the  stiffeners.  At  midbay,  the  critical  crack-length  is  larger  and  is 
relatively  more  detectable. 

Another  benefit  of  these  threshold  estimates  may  be  in  developing  guidelines  for  full- 
scale  testing.  For  example,  it  may  be  easier  to  verify  that  multiple  site  damage  will  not 
occur  within  a  prescribed  lifetime  than  it  would  be  to  actually  verify  the  threshold  value 
through  fatigue  tests.  Based  on  the  calculations  presented  in  this  paper,  the  total  life  of 
the  FMI  panel  was  between  1.7  and  2.3  times  its  WFD  threshold.  Therefore,  in  fatigue 
testing  of  an  actual  airplane,  two  lifetimes  should  be  sufficient  to  ensure  that  WFD  or 
MSD  will  not  occur. 

The  estimates  for  the  MSD  and  WFD  thresholds  presented  in  this  paper  appear  to  be 
reasonable  and  conservative.  The  largest  source  of  conservatism  is  that  the  fatigue  were 
collected  from  a  panel  containing  a  completely  debonded  lap  joint.  In  an  actual  aircraft 
fuselage,  the  skins  in  the  lap  splice  are  joined  together  with  an  adhesive  bond  as  well  as 
with  rivets.  If  the  bond  remains  effective  throughout  the  life  of  the  airplane,  the  thresholds 
of  MSD  and  WFD  will  be  much  higher  than  those  predicted  in  this  paper.  Also,  if  the  rate 
of  debonding  in  the  lap  joint  depends  on  location  (i.e.,  midbay  versus  near  a  stiffener),  the 
relative  difference  between  the  MSD  and  WFD  thresholds  will  be  different  from  the 
predicted  difference.  These  actual  differences,  however,  cannot  be  quantified  without 
further  testing  and  analysis.  Ultimately,  these  thresholds  must  be  established  through  full- 
scale  fatigue  testing  followed  by  tear-down  inspections. 

Another  source  of  conservatism  in  the  threshold  estimates  is  the  use  of  the  worst-case 
fatigue  data  for  all  rivet  holes.  After  the  MSD  threshold  has  been  reached,  an  adjacent 
pair  of  collinear  fatigue  cracks  of  critical  size  may  not  exist.  Even  if  such  a  pair  of  cracks 
were  present,  the  rivet  holes  adjacent  to  these  cracks  may  not  be  cracked  or  may  have 
cracks  less  than  the  critical  size.  In  these  scenarios,  the  linkup  of  multiple  cracks  would 
not  lead  to  catastrophic  failure. 

Design  variables  such  as  rivet  spacing  and  stiffener  strength  can  greatly  affect  residual 
strength  of  panels  containing  multiple  cracking  [1].  Thus,  it  appears  that  the  risk  of  MSD 
and  WFD  can  be  mitigated  through  appropriate  design.  The  methodology  presented  in 
this  paper  can  be  useful  to  evaluate  such  designs. 
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needed  to  augment  the  safe-life  approach  such  that 
opportunity  inspections  can  be  done  only  on  rotors 
that  are  Shown  to  exceed  certain  risk  levels. 
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TURBINE  ROTOR  MATERIAL  DESION 


C  0) 
O 


.2  IS 

2  ^  w  ™ 
2  w  o  c 
£  =  **  .5» 
E-S.S  « 

O  CD  ^  0 

X  X)  O 

"  O  O  j. 

x:  Q-ES 

^  O) 

® '§  ®  8 

>2^0 

2  S  g  Q.: 

0  0>g  Q. 

0  03  0  W  ' 


^:i2  u. 

o  o  ^ 


®  0)0 
5  =  0 

©  CL^ 
>  O  0 
p  ©  O) 

el  E 

=  ^  «D 


g®  5 

cLfi 

Q.  3  S 

0  C 

.'t=  0  S 
-r  o)  ^ 

©  M- 

*15  ® 

0  ti 


|2  -Q  -o 

*^4-0 
0  0 
0  0 

^  JQ 


0  C 
t  0 

3  0 

0g 

£  E 


^0  m 

|2  §  1: 

'"7 

2  »  ^ 
g  ®  S  j 

<**  m  ® 

O  S  3  o 

©  i£  -0  >> 

**“  E  ©  ® 
©  vS  ||) 

f  c  2  j|C 
_  .  Q  4*4  ra 
.§  #  6  IS 
0  2  2® 

■ti  T3  ®  © 

£  2  ©  a 

4-  4_  ^06 
0  C  :=  Q 
it  0  ©  ■♦“ 

=  iSf  X 
5  E  ©  ^ 
0  £ 


«  S-  *2  ® 

I?  2  =  ■© 

“■  £  o 
c5  c  ® 

CM  3  C 


762 


STEERING  COMMUTE 


763 


SUBCONTRACTOR  PARTICIPANTS 


C^jQ! 


c3  c^r-  S  2?^  O'F 

PQQ  o 

KA  4— »  /n 


•  fH  Qj 

Cd  ^ 

u  ^ 


^  =  I  J  £  H  03 

o  I  §  ^  1 

•  fh  r  N  vU  V- 

w  ^ps  n 


^  g 

O  4h 


Oh  C  5« 


TURBINE  ROTOR  MATERIAL  DESIGN  PROGRAM 


765 


TASK  1  -  MATERIAL  AND  MANUFACTURING 
ANOMALY  DISTRIBUTIONS 
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TASK  2  -  EFFECT  OF  FORGING  ON  DEFECT 
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TASK  2  -  EFFECT  OF  FORGING  ON 
DEFECT  MORPHOLOGY  (cont’d.) 
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NUMERICAL  MODEL 
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the  change  in  size,  shape  and  orientation  of  defect. 
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natural  hard  alpha  defacts. 

Deterministic  and  probabilistic  fatigue  crack  growth 
algorithms  are  being  developed  for  incorporation 
into  the  design  code.  ki 


PHASE  I  CRACK  INITIATION  TESTS  ON  Ti-64 
CONTAINING  HARD  ALPHA  SEEDS 
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VACUUM  FATIGUE  CRACK 
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Data  Obtained:  AK^,  and  region  ii  da/dN 


Ti-64  SPECIMEN  CUT-UP  PLAN 
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da/dN  (m/cycle) 


TASK  4  --  PROBABILISTIC  INTEGRATION 
DESIGN  CODE  DEVELOPMENT  AND 
SENSITIVITY  STUDIES 
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Probabilistic  Rotor  Design  Computer  Code 
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Probabilistic  Rotor  Design  Code  Framework 
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Engine  Health  Monitoring  System  for  Gas  Turbine  Engines 


*Dr.  Michael  J.  Roemer 
Dr.  Neville  F.  Rieger 
Stress  Technology  Incorporated 
1800  Brighton-Henrietta  Town  Line  Road 
Rochester,  New  York  14623 


Abstract 

Accurate  component  life  measurement  and  integrated  diagnostics 
that  reflect  component  design  principles  is  critical  to  optimizing  the 
structural  integrity  of  gas  turbine  engine  components  once  installed  in  an 
engine.  State-of-the-art  technologies  such  as  “virtually  sensing”  currently 
unmeasured  engine  parameters  such  as  turbine  entry  temperature  (TET) 
are  now  being  used  in  critical  component  lifing  algorithms  to  enhance 
structural  integrity  assessments  in  a  timely  manner.  In  addition,  complex 
finite-element  and  empirical  models  of  structural  and  performance  related 
engine  areas  can  now  be  accessed  in  a  real-time  monitoring  environment. 
Integration  and  implementation  of  these  proven  technologies  presents  a 
great  opportunity  to  significantly  enhance  current  engine  health 
measurement  capabilities  and  safely  extend  engine  component  life. 

A  strategy  adopted  by  the  USAF  to  develop  a  modular, 
comprehensive  engine  health  monitoring  system  is  presented.  An  R&D 
program  whose  ultimate  aim  is  to  develop  and  test  an  engine  health 
monitor  (EHM)  capable  of  component  life  measurement,  performance  and 
mechanical  diagnostics,  sensor  validation,  trending,  and  anomaly 
detection  is  discussed.  Engine  data  currently  sensed  and  recorded  for 
post  flight  processing  will  be  analyzed  in  a  continuous  real-time  mode. 


The  measured  data  will  be  used  as  inputs  to  “virtual  sensing” 
modules  that  will  predict  npn-measured  parameters  needed  in  the  life 
measurement  module.  Hence,  life  usage  algorithms  will  determine  critical 
component  remaining  life  more  accurately  based  on  actual  mission 
severity.  For  fault  detection  and  accommodation,  extensive  knowledge  of 
how  a  healthy  engine  operates  under  given  conditions  will  be  analyzed, 
and  any  deviation  from  this  “normal”  pattern  of  expected  parameters  will 
be  detected  and  further  analyzed.  Faults  resulting  from  sensor  failure 
modes  will  be  promptly  isolated  and  more  complex  faults  will  be  identified 
by  pattern  recognition  schemes  and  fuzzy  logic.  The  system  under 
development  is  designed  for  the  Rolls-Royce  F405  engine  (Adour)  which 
is  fitted  to  the  Navy’s  T45  trainer,  and  a  full-scale  demonstration  of  the 
technology  will  ultimately  be  conducted  on  this  engine. 

EHM  System  Architecture 

The  Engine  Health  Monitoring  systerri  under  development  consists  of 
four  modules  that  will  perform  sensor  validatipn/recovery,  trending, 
diagnostics,  prognostics,  and  life  usage  functions.  The  four  modules  are 
named  (1)  data  management,  (2)  health,  (3)  diagnostic  and  (4)  engine  life 
and  operate  simultaneously,  transferring  real-time,  trended,  diagnostic,  and 
component  life  data  between  the  modules  as  needed.  The  basic  block 
diagram  illustrating  the  functionality  of  each  module  is  given  below  in  Figure 
1. 


Figure  1  EHM  System  Architecture 


Data  Management  Module 

The  first  responsibility  of  the  Data  Management  Module  is  to  acquire 
the  real-time,  sensed  engine  data.  Next,  the  module  utilizes  a  neural 
network  predictor  architecture  to  perform  several  quality  control  checks  to 
ensure  the  integrity  of  the  sensed  data.  Details  on  the  sensor  validation 
scheme  are  given  later  in  this  paper.  Once  the  data  is  thoroughly  checked, 
additional  engine  parameters  are  predicted  in  real-time  from  the  directly 
sensed  engine  parameters  using  a  standard  back  propagation  network 
architecture  trained  by  “engine  performance  synthesis”  models.  Hence, 
currently  unmeasured  engine  parameters  such  as  turbine  entry  temperature 
(TET)  can  be  predicted  and  utilized  in  real-time  just  as  the  directly  sensed 
parameters.  These  “virtually  sensed”  engine  parameters  are  then  used  in 
the  engine  life  module  to  obtain  more  accurate  and  realistic  measures  of 
hot  component  life  parts.  An  engine  duty  monitor  is  also  present  in  the  data 
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management  module.  Engine  life  is  accumulated  for  both  the  HP  turbine 
blades  and  disk  based  on  LCF,  creep,  and  thermal  cycles  and  is  presented 
as  a  fraction  of  total  available  life.  The  final  function  to  be  performed  in  this 
module  is  overall  system  data  storage  and  retrieval.  Raw  sensed  data, 
trended  data,  diagnosis  results  and  engine  life  accumulation  reports  are  all 
stored  in  this  sub-module. 

Sensor  Validation  and  Recovery  System 

An  advanced  sensor  validation  scheme  capable  of  detecting  failed 
sensor  hardware  without  sensor  redundancy  and  during  non-steady  state 
monitoring  conditions  is  a  necessary  “front  end”  to  the  EHM  system.  The 
developed  approach  utilizes  neural  networks  and  fuzzy  logic  to 
accomplish  the  desired  goal.  Neural  networks  are  used  to  recognize  the 
non-linear,  inter-relationships  between  the  different  types  of  sensors  used 
in  a  transient  or  steady-state  measurement  environment.  Fuzzy  logic  is 
used  to  pre-  and  post-process  the  measurement  data  in  order  to 
determine  general  characteristics  about  the  state  of  the  process  being 
monitored. 

A  block  diagram  of  the  sensor  validation  system  architecture  is  given 
in  Figure  2.  The  speed/power  sensor  data  is  first  accepted  by  two  parallel 
fuzzy  logic  modules.  The  first  module  determines  the  state  of  the 
speed/power  condition  (i.e.,  increasing,  decreasing,  or  steady-state)  and  the 
second  verifies  the  validity  of  speed/power  sensor  itself.  The  output  of  the 
speed/power  condition  module  triggers  a  particular  neural  network  module 
that  was  specifically  trained  to  know  the  sensor  relationships  for  either 
increasing,  decreasing  or  steady  power  output.  Only  one  neural  network 
module  is  triggered  at  a  time,  depending  on  the  outcome  of  the  prior  fuzzy 
logic  decisions.  The  sensor  confidence  values  predicted  by  the  neural 
networks  are  trended  over  time  and  passed  through  another  fuzzy  logic 
module  to  interpret  the  results.  These  extra  steps  are  used  to  ensure  that 
false  alarms  do  not  occur. 

For  the  gas  turbine  engine  application  discussed  in  this  paper,  there 
are  four  primary  performance  related  sensors  (along  with  LP  and  HP  rotor 
speeds)  that  are  measured  during  turbine  operation.  These  sensors 
include:  fuel  flow  (Wf),  HP  compressor  delivery  pressure  (P3),  LP 
compressor  delivery  temperature  (T2),  and  Jet  Pipe  temperature  (T6).  The 
outputs  of  the  neural  networks  yield  a  confidence  factor  associated  with  the 
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probability  of  a  failed  sensor.  A  confidence  factor  near  one  represents 
proper  sensor  operation,  while  a  confidence  factor  near  zero  indicates  a 
faulty  sensor  mode.  A  fuzzy  logic  module  is  used  at  the  output  of  these 
neural  networks  to  decide  whether  the  sensor  is  good,  bad,  or  somewhere 
in  between.  For  instance,  if  a  hard  decision  was  utilized  to  alert  the  crew 
when  a  sensor  confidence  factor  reached  a  level  less  than  0.80,  false 
alarms  would  likely  occur  even  though  a  sensor  confidence  factor  of  0.78 
might  still  indicate  a  properly  working  sensor. 


SENSOR  VALIDATION  SYSTEM  ARCHITECTURE 
(NON-REDUNDANT;  NON-STEADY  STATE) 


Figure  2  Sensor  Validation  Scheme 


Health  Module 

The  Health  Module  is  dedicated  to  examining  the  real-time  engine 
parameter  data  set  and  detecting  any  engine  anomalies  that  exist  with 
respect  to  the  normal  engine’s  operating  signature.  This  function  is 
performed  for  both  the  performance  parameters  and  vibration  data.  First, 


the  measured  performance  parameters  are  examined  within  pre-determined 
speed  bands  during  the  entire  mission  to  ensure  consistent  and  accurate 
performance  patterns  scans.  When  a  set  of  acquired  engine  performance 
parameters  trigger  an  anomaly  being  detected,  the  current  real-time 
performance  data  is  forwarded  to  the  diagnostic  module  for  detailed 
examination.  Based  on  the  trended  data  and  fault  pattern  recognized,  the 
severity  and  duration  of  the  recognized  fault  can  be  determined. 

Engine  performance  anomalies  are  detected  by  comparing  normal 
“engine  signatures"  with  a  set  of  current  measured  engine  data.  Normal 
engine  signatures  are  obtained  for  each  engine  during  the  standard 
production  pass-off  tests.  Each  measured  parameter  (T1,  P1,  T2,  P3,  T6, 
Wf,  NL,  NH)  on  the  engine  is  plotted  against  the  HP  rotor  speed  to  yield  a 
“normal"  range  of  operation  for  that  specific  engine.  Any  deviations  from 
“fuzzy"  bands  encompassing  these  parameter  plots  will  trigger  the  anomaly 
detection  routines.  The  “fuzzy”  bands  are  implemented  with  a  dedicated 
fuzzy  logic  routine  that  contains  membership  functions  that  are  specifically 
related  to  the  particular  engine  being  monitored. 

In  addition  to  the  performance  anomaly  detection  described  above, 
vibration  anomaly  detection  and  diagnostics  is  also  performed  within  the 
real-time  monitoring  environment.  Vibration  spectrums  from  the  available 
engine  installed  accelerometers  are  gathered  at  particular  engine  operating 
speeds  to  form  a  “current”  database  of  the  engine’s  vibration 
characteristics.  The  speed  ranges  at  which  the  spectrums  are  stored  for 
the  F405  engine  are  80%,  85%,  90%,  95%,  and  100%  maximum  NH  rotor 
speed.  Figure  3  is  an  illustration  of  the  vibration  anomaly  detection  and 
diagnostic  scheme  showing  the  spectrums  gathered  for  the  starboard 
tangential  and  port  radial  accelerometers. 

Once  the  acceleration  power  spectral  densities  are  organized  into 
their  respective  bins,  the  peaks  of  the  NL  and  NH  rotor  speeds  are 
examined  for  overall  amplitude  and  location  (in  terms  of  the  %  max  NH 
speed)  of  the  peaks.  This  information  is  used  by  the  fuzzy  logic  diagnostic 
algorithms  to  determine  if  the  vibration  is  coming  from  either  the 
compressor  or  turbine  and  if  it  is  associated  with  the  HP  or  LP  shaft.  Once 
the  basic  location  of  the  vibration  source  is  determined,  a  more  detailed 
diagnosis  of  the  vibration  problem  is  predicted.  Currently,  the  system  has 
been  trained  to  recognize  vibration  fault  patterns  including;  1.) 
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Unbalance/Misalignment,  2.)  Rotor  Rub  and  Mechanical  Looseness,  and  3.) 
Deteriorated  Bearing  Conditions. 


Starboard  Tangential 
Module  3  -  HP  Out-Of-Balance 
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Figure  3  Vibration  Anomaly  Detection  and  Diagnostics  Scheme 


Diagnostic  Module 

Once  an  anomaly  is  detected  and  the  current  data  is  transferred  to 
the  Diagnostic  Module,  dedicated  neural  network  fault  classifiers  determine 
the  probable  cause  of  the  fault  or  degraded  performance.  A  block  diagram 
of  the  performance  diagnostic  procedure  is  given  in  Figure  4  shown  below. 

The  underlying  design  of  this  model-based,  fault  diagnostic  module 
lies  in  the  determination  of  changing  conditions  appearing  in  engine 
sensory  data  due  to  the  existence  of  particular  faults.  These  observed 
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changes  are  compared  with  the  "normal"  operating  engine  process  to 
recognize  error  residuals.  These  residuals  and  associated  patterns  are 
then  analyzed  for  failure  detection  and  diagnosis  by  comparing  them  with 
known  failure  signatures  associated  with  a  failed  component  on  the 
operating  engine. 

Engine  fault  signatures,  which  illustrate  the  effect  of  a  failure  on 
particular  engine  parameters,  are  generated  from  both  historical  engine 
data  and  engine  synthesis  models  of  the  engine.  In  fact,  a  combination  of 
these  approaches  is  utilized  in  this  EHM  system.  In  the  end,  the  failure 
diagnosis  is  accomplished  with  a  neural  network  classifier  to  recognize  the 
patterns  of  respective  failure  signatures.  The  performance  diagnostic 
module  in  this  program  utilizes  both  seif  organizing  neural  network  maps  (to 
cluster  and  identify  similar  patterns)  and  trained  network  classifiers  for 
specific  problem  diagnosis. 

The  real-time  engine  data  for  a  particular  speed-band  is  first 
compared  with  the  corresponding  “normal”  operating  patterns  to  determine 
measured  parameter  changes.  These  error  patterns  are  then  normalized 
with  respect  to  the  maximum  measured  parameter  change  and  passed  to  a 
self  organizing  neural  network  map  (Kohonen  network)  for  initial  pattern 
clustering.  Figure  5  illustrates  the  results  of  Kohonen  self-organizing  map 
under  noisy  pattern  conditions.  Error  pattern  clustering  was  used  as  an 
initial  diagnostic  step  because  of  its  high  robustness  with  respect  to  pattern 
noise.  After  the  error  pattern  has  been  organized  into  a  particular  location 
on  10x10  interpretive  Kohonen  map,  a  trained  back-propagation  network 
classifies  the  coordinate  location  on  the  map  into  a  specific  diagnosis. 
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Figure  4  Performance  Diagnostics  Scheme 


Figure  5  Kohonen  Map  Diagnostics 


Engine  Life  Module 

During  the  mission,  data  from  the  engine  duty  monitor  within  the 
Data  Management  Module  is  continuously  being  transferred  to  the  Engine 
Life  Module  so  that  "mission  representative"  life  may  be  accumulated.  The 
life  accumulation  algorithm  will  include  the  engine  specific  parameters 
tracked  throughout  the  entire  mission.  Hot  section  temperatures  and 
stresses  will  be  estimated  in  real-time  based  on  a  neural  network 
architecture  trained  from  engine  synthesis  models  and  BLADE-GT  finite 
element  models.  Corresponding  material  creep  and  thermo-mechanical 
fatigue  will  therefore  be  more  accurately  determined  based  on  actual 
mission  severity.  At  the  end  of  the  mission,  critical  component  life 
accumulated  during  that  mission  is  reported  and  transferred  back  to  the 
data  management  module  for  overall  accumulation  of  each  components  life 
usage. 

A  significant  advancement  will  be  made  in  monitoring  the  life  of  HP 
turbine  blades  and  disks  by  utilizing  state-of-the-art  BLADE-GT  finite 
element  models  in  real-time  to  predict  the  blade’s  critical  stresses.  The 
process  for  obtaining  “virtual  stress  measurements"  is  accomplished  by 
training  neural  networks  with  data  that  is  generated  by  exercising  the 
BLADE-GT  model  over  a  full  range  of  engine  operating  conditions.  This 
process  has  already  been  proven  in  several  other  applications  with  FE  and 
engine  synthesis  models,  with  predictive  virtual  sensor  results  having  an 
average  error  of  less  than  0.5%.  Currently,  the  EHM  system  developed  for 
the  F405  engine  on  the  Navy  Trainer  “virtually  senses”  SOT,  T3,  T4,  and 
W1A. 

Once  the  network  is  trained  from  the  off-line  model  results,  the  network 
is  ready  to  be  accessed  in  real-time  to  produce  the  most  accurate  estimates 
of  stresses  and  temperatures  without  actually  having  strain  gauges  or  RTDs 
in  place.  This  procedure  has  wide  application  in  other  areas  of  the  engine 
where  accurate  models  can  be  used  to  predict  unmeasured  parameters. 

The  discussed  EHM  system  incorporates  LCF,  material 
temperature/creep,  and  thermo-mechanical  fatigue  aspects  into  a 
comprehensive  damage  accumulation  algorithm.  This  represents  a 
significant  enhancement  over  the  current  life  monitoring  systems.  Primarily, 
increased  emphasis  will  be  placed  on  “hot”  components  where  these 
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mechanisms  play  a  large  role  in  the  failure  process.  The  proposed 
approach  of  individually  tracking  the  total  life  of  each  critical  component  will 
allow  for  a  more  representative  and  less  conservative  estimate  of 
component  life  consumption. 

The  engine  life  module  developed  for  the  F405  engine  concentrated 
on  the  HP  turbine  disk  and  blades  Other  components  can  easily  be  added 
to  the  system  if  the  necessary  life  algorithms  are  available.  Engine  life 
usage  algorithms  for  creep  and  low  cycle  fatigue  of  critical  parts  are  already 
included  in  the  Aircraft  Data  Recording  system  on  the  T45A  Goshawk 
aircraft.  The  algorithms  for  the  HP  disk  will  be  refined  to  use  the  more 
specific  data  available  from  the  Data  Management  module  to  record 
accumulated  life  usage. 
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Figure  6  Engine  Component  Life  Monitoring  Scheme 
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EHM  Ground  Test  System  Software 


A  dedicated  EHM  software  interface  has  been  designed  to  aid  in  the 
development  and  testing  of  the  real-time  monitor.  Specific  user  interface 
modules  have  been  developed  so  that  all  monitoring  aspects  of  the  system 
can  be  examined  during  the  testing  stages  of  the  program.  Each  of  the 
engineering  modules  and  corresponding  software  interfaces  are  discussed 
in  this  paper  with  examples  of  Adour  engine  data  that  have  been  processed 
by  the  EHM.  The  main  “front  end”  EHM  software  screen  is  given  in  Figure 
7. 


Figure  7  EHM  Software  “Main  Screen” 


Conclusions 

With  the  application  of  artificial  intelligence  to  real-time  engine 
diagnostics  and  more  mission  representative  lifing  algorithms,  current 
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engine  health  monitoring  systems  can  be  improved  significantly.  In 
particular,  the  incorporation  of  neural  networks  and  fuzzy  logic  into  the 
diagnostic  process  will  yield  great  benefits  in  terms  of  processing  speed, 
robustness,  knowledge  acquisition,  and  adaptability.  A  list  of  some 
important  technical  benefits  of  applying  Al  and  advanced  life  prediction 
schemes  to  condition  monitoring,  diagnosis,  and  life  usage  are  as  follows: 

1.  Enhanced  ability  to  capture,  organize,  and  utilize  all  relevant  data, 
experience,  and  rules  within  a  massively  parallel,  interconnected 
processing  unit. 

2.  Provides  an  automated  procedure  for  incorporating  data  from 
several  knowledge  sources  including:  analytical  FEM  models, 
aerothermal  performance  models,  empirical/trended  test  data,  and 
heuristic  (rules  based)  experience. 

3.  Neural  network  system  architectures  are  well  suited  for  processing 
large  quantities  of  non-linear,  multidimensional,  coupled  parameters 
such  as  temperatures,  pressures,  etc.  that  occur  within  a  gas  turbine 
engine. 

4.  Utilizing  artificial  intelligence  results  in  a  process  that  is  less 
dependent  on  human  experts  and  more  automated  to  facilitate  quick 
decision  making. 

5.  Incorporating  more  accurate  information  into  the  proposed  life 
accumulation  algorithms  will  provide  a  more  accurate  outlook  on  the 
remaining  life  of  critical  engine  components. 
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Low  Cycle  Fatigue  (LCF)  is  the  mechanism  that  defines  the  ultimate  life  of 
fracture-critical  aircraft  engine  disks.  Given  the  potential  Airworthiness 
implications  of  LCF  cracking,  it  is  extremely  important  to  understand  the 
mechanism  and  it’s  interaction  with  other  mechanical,  metallurgical,  and  structural 
conditions. 

Low  Cycle  Fatigue  is  cumulative  fatigue  damage  associated  with  that  part 
of  the  standard  strain  range  versus  cycles  to  failure  curve  which  includes  cycles  to 
failure  of  up  to  about  10'*  cycles,  see  Figure  1.  Low  Cycle  Fatigue  involves  both 
mechanically  and  thermally  induced  strains  according  to  Bradley  et  al.  (Reference 
1).  Since  it  is  the  normal  wearout  mechanism  in  gas  turbine  engine  disks,  LCF  has 
a  profound  effect  on  engine  structural  integrity  and  flight  safety. 

The  technical  mechanism  of  LCF  has  been  exhaustively  studied  and  it  is 
agreed  that  the  strain  range  and  frequently  the  plastic  strain  range,  is  more 
significant  than  the  stress  range  in  the  I.CF’  of  metals.  Tavernelli  and  Coffin 
(Reference  2)  have  suggested  that  the  plastic  strain  range  is  directly  related  to 
endurance  in  LCF.  The  correlation  between  total  strain  range  and  cycles-to- 
fracture  shows  that  surface  damage  can  greatly  influence  component  life  as 
revealed  by  crack  growth  rate  studies.  The  work  of  S.  Manson  and  Hirschberg 
(Reference  3)  has  established  the  basic  relation  between  cyclic  life  and  total  strain 


807 


range.  In  (he  low  life  range  the  elastic  component  is  almost  negligible  compared  to 
(he  plastic  component.  At  higher  cyclic  lives,  however,  the  plastic  strain  rapidly 
diminishes  to  negligible  values  while  the  elastic  strain  range  remains  relatively  high. 
Thus  the  total  strain  slope  approaches  tangency  to  the  elastic  strain  slope. 
According  to  Manson,  the  crossover  point  is  about  10^  cycles.  Figure  1  shows  the 
total  strain  amplitude  vs.  life  curve  obtained  from  the  superposition  of  the  elastic 
and  plastic  strain  amplitudes  vs.  life  curves.  Therefore,  in  short  fatigue  lives, 
plastic  strain  amplitude  is  more  dominant  than  the  elastic  strain  amplitude  so  that 
LCF  life  is  controlled  by  the  material’s  ductility.  At  long  fatigue  lives,  the  elastic 
strain  amplitude  is  more  significant  than  the  plastic  strain  amplitude,  and  the 
fatigue  life  is  determined  by  fracture  strength  {Reference  4). 


Figure  /.  Strain  Range  versus  Cycles  to  Failure  Curve 

It  is  generally  accepted  that  the  free  surface  of  a  component  is  the  common 
site  for  nuclealion  of  fatigue  cracks.  Further,  it  is  well  known  that  fatigue  cracks 
originate  in  surfaces  that  are  stressed  in  tension.  Therefore  the  manner  in  which  the 
surface  is  prepared  during  manufacture  has  a  decisive  role  in  dictating  the  time  of 
initiation  of  fatigue  cracks.  Consider  shot  peening  for  example,  which  is  widely 
used  to  improve  the  fatigue  life  of  many  engine  structural  parts.  In  the  shot 
peening  process,  a  stream  of  small  hard  spheres  (typically  around  1  mm  diameter) 
is  impinged  on  the  surface  being  treated.  Depending  on  the  diameter  of  the  shot, 
the  velocity  of  their  impact  on  the  surface,  and  the  duration  of  the  process,  the 
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maximum  compressive  residual  stress  generated  by  the  localized  plastic 
deformation  of  the  surface  layer  can  measure  approximately  75%  of  the  typical 
yield  strength  of  the  material.  The  compressive  residual  zone  spans  a  depth  of 
about  V4  to  V2  the  diameter  of  the  shot.  This  compressively  stressed  surface  layer 
significantly  enhances  the  total  part  fatigue  life  by  reducing  the  damaging  effect  of 
the  tensile  portion  of  fully  reversed  cyclic  loads  {Reference  5). 

Because  f.CF  is  the  primary  degradation  mechanism  in  aging  engine  disks, 
aircraft  engine  manufacturers  have  acquired  broad  semi-empirical  knowledge  of 
the  LCF  mechanism.  Experience  has  shown  that  LCF  failures  are  characterized  by 
multiple  cracking  in  highly  stressed  areas  experiencing  general  surface  degradation. 
This  differs  from  high  frequency  fatigue  failures  which  are  generally  singular, 
initiating  at  precise  defect  sites  with  the  crack  propagating  by  stress  concentration. 
The  effects  of  metallurgical  structure,  material  processing,  environment, 
mechanical  properties,  defects  and  surface  treatments  have  been  evaluated  for 
many  alloys.  Aircraft  engine  metallurgists  and  engineers,  therefore,  are  very 
familiar  with  the  many  complex  interactions  that  affect  I  vCF.  These  include  crack 
initiation  and  propagation,  crack  mode  (intergranular  or  transgranular),  grain  size 
and  grain  boundary  effect,  microstructure,  environment  (temperature  and  applied 
stress),  mechanical  properties  (strength,  ductility,  fracture  toughness),  and  the  very 
important  condition  of  residual  stress. 

Engine  disks  are  carefully  designed  to  resist  the  onset  of  LCF  as  well  as  for 
the  projected  cumulative  service  conditions.  This  may  require  trade  offs  between 
cross-section  thickness  and  weight,  proper  selection  of  material  and  processing 
(i.e.  heat  treatment,  surface  treatment,  etc.)  with  adequate  combination  of  LCF 
resistance,  service  temperature  strength  (i.e.  creep,  stress-rupture,  yield,  etc.), 
ductility  and  fracture  toughness.  On  top  of  all  this  it  is  very  important  to  provide 
exacting  control  on  the  part’s  manufacturing  procedures.  Residual  stress  is 
produced  by  normal  manufacturing  processes,  such  as  machining,  and  can  be 
beneficial  to  the  LCF  life  of  a  disk  if  compressive,  or  detrimental  if  tensile. 
Mechanical  working,  which  causes  nonuniform  plastic  deformation,  may  be  used 
to  impart  favorable  residual  stress  distribution.  Shot  peening  and  surface  rolling  of 
fillets  are  two  examples.  Deleterious  residual  stress  patterns  may  also  arise  from 
mechanical  working  as,  for  example,  in  the  development  of  tensile  stresses  due  to 
cold  straightening  or  abusive  machining.  Furthermore,  common  machining 
operations  such  as  grinding,  polishing  and  milling  cause  different  degrees  of 
surface  roughness.  The  valleys  in  rough  surfaces  serve  as  areas  of  stress 
concentration  which,  in  turn,  induce  different  levels  of  resistance  to  fatigue  crack 
nucleation.  Also,  changes  in  mission  mix,  mission  profiles  and  operating 
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environmcnl  can  significantly  alter  residual  stress  thus  affecting  LCF  life.  But  these 
residual  stresses  are  not  normally  measured  and  have  not  been  related  to  cycles. 

Aircraft  engine  manufacturers  utilize  this  knowledge  together  with 
experience  gained  from  engine  performance  of  similar  parts  in  sophisticated 
modeling  techniques  to  establish  life  limits  for  rotating  components  (disks,  shafts, 
hubs).  In  determining  these  life  limits  very  conservative  assumptions  and  safety 
factors  are  incorporated.  For  commercial  engines.  Federal  Aviation 
Administration  regulations  provide  guidance  for  the  lifing  process  and  regulators 
review  and  approve  all  life  limits.  The  LCF  life  prediction  is  based  on  a  minimum 
life  criterion.  This  means  that  in  a  large  population  of  parts,  the  system  pertains 
only  to  thf’  life  forecast  of  the  weakest  component  of  that  population  (less  than  one 
in  a  thousand  parts).  Only  minimum  materials  properties  are  used  in  the  part 
design.  The  majority  of  life  limited  parts  reaeh  their  maximum  life  and  are  retired 
without  in-service  difficulties.  Occasionally,  lifelimited  parts  develop  LCF  cracks 
prior  to  reaching  their  maximum  life.  Low  Cycle  Fatigue  cracks  are  found  either 
during  post  engine  disassembly  inspection  or  in  rare  occurrences  by  in-service 
failures.  The  detection  of  LCF  cracks  usually  results  in  mandated  programs  that 
increase  part  inspections  and/or  implement  specific  localized  non-destructive 
inspection  procedures.  The  intent  of  these  programs  is  to  prevent  in-service 
failures  by  detecting  cracks  before  they  progress  to  failure.  In  this  frame  of 
reference,  detection  of  LCF  cracks  is  a  warning  of  potential  part  failure. 

Obviously,  processing  and  surface  treatments  for  disks  are  of  great 
significance.  Yet  in  the  design  of  these  critical  components  and  the  setting  of  a 
conservative  life  prediction  system  the  effect  of  the  important  shot  peening  surface 
treatment  has  not  been  considered  on  most  disks  in  service.  Metal  part  fabrication 
and  surface  treatment  confer  on  components  a  strain  history  which  should  be  taken 
into  account  in  relation  to  subsequent  LCF  resistance.  This  resistance  is  important 
in  engine  operation  because  component  stresses  may  exceed  the  yield  strength  of 
the  material  in  the  vicinity  of  stress  risers.  This  explains  the  interest  with  which 
cold  working  surface  treatments  like  shot  pccning,  barrel  finishing  and  honing,  are 
viewed  in  regard  to  the  augmentation  of  fatigue  resistance.  Compressive  residual 
stresses  are  a  product  of  these  treatments.  It  has  been  amply  demonstrated  that 
fatigue  cracking  (LCF  or  high  frequency)  initiates  on  surfaces  stressed  in  tension. 

I  or  this  reason,  providing  surface  residual  compression  stresses  by  operations  such 
as  shot  peening  is  beneficial  from  the  standpoint  of  fatigue  resistance.  Fatigue  life 
is  improved  because  service  applied  stress  and  temperature  conditions  must 
overcome  the  residual  compressive  stress  and  build  up  sufficient  tensile  stress 
before  fatigue  cracks  can  start. 


It  is  important  here  to  recognize  that  total  stress  equals  the  sum  of  applied 
stress  and  residual  stress.  Compressive  residual  surface  stress  acts  negatively, 
detracting  from  the  applied  tensile  loading.  It  is  total  stress  that  finally  causes  the 
part  to  crack.  This  does  not  mean  that  fatigue  cracking  will  initiate  as  soon  as  the 
residual  compressive  stress  has  been  dissipated,  since  the  part  has  been  designed  to 
resist  the  onset  of  LCF  under  the  service  conditions  without  regard  to  the 
beneficial  effects  of  shot  peening.  This  is  partly  because  of  the  conservative  nature 
of  the  life  prediction  system,  but  also  due  to  the  fact  that  up  to  this  time  there  was 
no  convenient  way  to  determine  the  actual  surface  residual  stress.  Thus  the  fatigue 
life  improvement  due  to  shot  peening  is,  in  effect,  an  uncredited  bonus.  Other 
beneficial  manufacturing  processes  include  chemical  milling,  honing,  polishing  and 
burnishing.  All  of  these  enhance  the  surface  by  removing  defects  and  stress  risers 
that  can  be  produced  by  other  previous  manufacturing  operations.  Properly 
controlled  shot  peening,  however,  is  the  most  appropriate  method  to  ensure  the 
surface  is  in  residual  compressive  stress.  The  surface  compressive  stress  will 
gradually  be  decreased  due  to  the  imposed  service  applied  tensile  loading  and 
operation  at  elevated  temperature,  and  in  time  the  onset  of  LCF  will  occur  if  the 
part  remains  in  service. 

As  long  as  the  surface  remains  residually  stressed  in  compression,  fatigue 
failures  will  not  initiate.  Therefore,  if  the  part  is  periodically  measured  for  surface 
residual  stress  using  a  newly  developed  Fatigue  Management  Associates  (FMA) 
non-destructive  inspection  method,  an  accurate  and  safe  prediction  can  be  made 
relative  to  continuing  part  use,  need  for  rework,  or  part  retirement.  These 
predictions  consider  that  disk  usage  produces  hoop  stresses  and  LCF  takes  the 
form  of  multiple  cracking  at  blade  slots  and  other  highly  stressed  locations  such  as 
disk  bores.  FMA’s  basic  concept  is  that  as  disks  age  in  service,  the  original  surface 
compressive  stress  condition  will  degrade  (Figure  2),  and  in  time  become  tensile. 
Periodic  residual  stress  measurement  of  disks,  therefore,  will  provide  an  indication 
of  remaining  life  and  early  warning  of  potential  LCF  cracking.  The  benefits  of 
such  a  process  are  substantial,  and  can  be  measured  in  terms  of  increased  safety 
margins  and  reduced  maintenance  costs.  Safety  margins  are  increased  by  reducing 
the  potential  of  in-service  failures,  and  economics  are  improved  by  reducing  the 
number  of  forced  engine  removals  and  disassemblies  to  inspect  specific  parts  for 
the  presence  of  LCF  cracks  and  provide  a  basis  for  extended  usage. 
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Figure  2.  Residual  Compressive  Stress  versus  Cycles  (Theoretical  Curve) 

In  addition,  mandated  reduced  cyclic  life  is  a  high  cost  to  the  Original 
Equipment  Manufacturer  (OEM)  in  terms  of  original  life  guarantees  and  to  the 
user  by  requiring  shorter  periodic  Non-Destructive  Testing  (NOT)  inspections,  hor 
example,  Airworthiness  Directives  (AD)  can  significantly  reduce  cyclic  life  or 
hours  on  disks.  These  amendments  may  be  prompted,  in  part,  by  new  temperature 
data  from  engine  testing  or  experience  that  result  in  different  recalculated  stress 
levels.  These  data  can  cause  a  change  in  the  calculated  cyclic  service  Ufe.  The 
actions  specified  by  these  AD  are  intended  to  prevent  disk  failures,  which  may 
result  in  an  uncontained  engine  failure  and  possible  damage  to  the  aircraft. 

FMA’s  new,  patented  process  (Reference  6)  to  quantify  the  surface 
residual  stress  condition  of  metal  parts  uses  X-Ray  diffraction  for  measuring  the 
residual  stresses.  Stresses  are  determined  by  measuring  the  strain  in  the  atomic 
lattice  and  by  relating  the  strains  to  stresses  through  the  elastic  theory.  Combining 
advanced  computer  technology  with  the  X-Ray  diffraction  equipment  allows  the 
complex  residual  stress  analysis  to  be  quickly  and  accurately  made.  Of  the  various 
techniques  for  measuring  residual  stresses,  the  X-Ray  diffraction  method  is  most 
developed  and  widely  used.  It  is  the  only  technique,  applicable  to  all  crystalline 


materials,  that  can  measure  absolute  stress  in  a  material  without  the  need  for 
measurement  of  a  sample  in  the  unstressed  state,  and  that  is  capable  of  making 
measurements  in  localized  regions  as  small  as  one  millimeter  in  diameter.  In 
addition,  current  X-Ray  diffraction  equipment  is  portable,  mobile  and  reliable. 

Initial  feasibility  of  the  FMA  process  was  demonstrated  on  a  limited  basis 
by  residual  stress  measurements  of  three  retired  12th  stage  Pratt  &  Whitney  FI  00 
Waspaloy  compressor  disks  supplied  by  the  U.S.  Air  Force.  These  results  showed 
a  linear  degradation  in  stress  vs.  cycles  but  might  have  been  fortuitous  since  these 
data  were  determined  using  X-Ray  diffraction  equipment  with  a  chromium  anode 
X-Ray  tube. (Figure  3)  It  was  later  discovered  during  a  U.S.  Air  Force  Phase  I 
SBIR  contract  that  use  of  a  manganese  tube  rather  than  a  chromium  one  in  the  X- 
Ray  unit  significantly  improved  equipment  measurement  reliability. 


Compressive  Residual  Stress 
12th  Stage  Calibration  Disks 
(Chromium  anode  tube) 


Figure  3.  Residual  Compressive  Stress  v.v.  Cycles  (Chromium  anode  lube) 

The  Air  Force,  impressed  by  these  results,  awarded  FAIA  a  Phase  I  SBIR 
project  to  further  demonstrate  feasibility  of  the  process.  This  work  was  hampered 
by  the  small  number  of  disks  supplied  by  the  Air  Force  for  measurement .  Only  22 
disks  of  the  planned  80  disks  were  received  by  FMA  during  the  Phase  I  project. 
Consequently  the  limited  number  of  data  obtained  were  inadequate  for  quantitative 
statistical  analysis,  but  did  permit  qualitative  conclusions  to  be  drawn.  The  most 
important  of  these  is  that  residual  compressive  stress,  does  indeed  decline  with 
increasing  number  of  cycles.  It  was  further  established  that  the  relationship  is 
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linear.  Thus  Ihc  results  of  the  Phase  I  study  {Reference  7)  demonstrated  that  the 
I'M  A  original  concept  is  valid  .  In  fact  a  reasonable  degradation  slope  v/as 
constructed,  plotting  residual  stress  vs.  service  cycles  (Figure  4). 


Compressive  Residual  Stress 
Waspaloy  Air  Force  Program 


Cycles 


Figure  4  Phase  /  residual  stress  V5.  service  cycles  Mn  anode  tube 

vSince  the  completion  of  the  Air  Force  phase  I  project,  several  United 
Airlines  Pratt  &  Whitney  JT9D  and  JT8D  Waspaloy  and  Inco  901  engine  disks 
have  been  examined  by  the  F’MA  procedure.  Measurement  results  of  nine 
Waspaloy  disks  were  added  to  FMA’s  database  (see  Table  1).  United  Airlines 
advised  that  three  additional  disks  had  been  rejected  for  LCF  cracks  and  were  not 
available  for  measurement.  One  Waspaloy  JT9D  4th  stage  turbine  disk  showed 
102  LCF  cracks  in  the  fir  tree  slots  after  8,861  cycles  and  two  Waspaloy  JT9D 
14th  stage  compressor  disks  had  multiple  LCF  cracks  in  the  bore  area  after  7,036 
and  11,089  cycles  respectively.  The  presence  of  cracks,  occurring  below  the 
15,(K)0  cycle  life  limit  for  these  parts,  confirms  the  multiple  cracking  mode  of  LCF. 
Two  JT8D  Inco  901  turbine  disks  were  also  measured  for  residual  stress. 


TABLE  1 

Compressive  Residual  Stress  in  Hoop  on  Waspaloy  Disks 


Part# 

SERIAL 

DATE 

TUBE 

USAF 

4068810 

HI 8207 

12/22-AST 

Mn 

4068810 

HI 8402 

12/22-AST 

Mn 

402261 0-N 

HI 8406 

12/22-AST 

Mn 

402261 0-S 

K23583 

12/22-AST 

Mn 

4022610 

N90051  * 

12/22-AST 

Mn 

4069910 

N98460 

12/22-AST 

Mn 

402261 2-J 

5A3080 

12/22-AST 

Mn 

402261 2-N 

G97186 

12/22-AST 

Mn 

4022612 

J37976 

12/22-AST 

Mn 

4068812 

N99403 

12/22-AST 

Mn 

4022612 

K35332 * 

4/9/96-AST 

Mn 

4022612 

G03131  * 

4/9/96-AST 

Mn 

United 

587501 

N44592 

7/31/96AST 

Mn 

672915 

8A3360 

7/31/96AST 

Mn 

672915 

8A3360 

7/31/96AST 

Mn 

718904 

H94972 

6/14/96AST 

Mn 

718904 

H94972 

6/14/96AST 

Mn 

758104 

G49651 

Cracks  slots 

758303 

8X4113 

6/14/96AST 

Mn 

789614 

3Y0118 

6/14/96AST 

Mn 

789614 

8X6777 

7/31/96AST 

Mn 

789614 

8X6777 

7/31/96AST 

Mn 

789614 

IA7649 

7/31/96AST 

Mn 

789614 

IA7649 

7/31/96AST 

Mn 

790014 

K95888 

Cracks  bore 

792003 

SI 7222 

7/31/96AST 

Mn 

5000814-01 

J31288 

Cracks  bore 

5000815-01 

N/A 

7/31/96AST 

Mn 

5000815-01 

N/A 

7/31/96AST 

Mn 

STAGE  CYCLES  AVG.  KSI 


F-100  10 

5641 

75 

F-100  10 

4593 

102 

F-100  10 

7211 

85 

F-100  10 

4832 

83 

F-100  10 

0 

131 

F-100  10 

3982 

86 

F-100  12 

7577 

102 

F-100  12 

7059 

71 

F-100  12 

4322 

88 

F-100  12 

2553 

105 

F-100  12 

8078 

60 

F-100  12 

7038 

56 

JT8D  T-1 

17,056 

26 

JT9DC-15 

5,663  bore 

45 

JT9DC-15 

5,663 

17 

JT9D  T-4 

2626  bore 

-24 

JT9D  T-4 

2626 

42 

JT9D  T-4 

8861  est. 

-73 

JT9D  T-3 

14,332 

12 

JT9DC-14 

14,307 

28 

JT9DC-14 

13,562  bore 

62 

JT9DC-14 

13,562 

22 

JT9DC-14 

13,754 

65 

JT9DC-14 

13,754  bore 

90 

JT9DC-14 

11,089  est. 

-80 

JT9D  T-3 

2402 

25 

JT9DC-14 

7036  est. 

-60 

JT9DC-15 

11,116  bore 

110 

JT9DC-15 

11,116 

85 
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IIVIA  residual  stress  measurements  taken  at  United  Airlines  onretired  tod  aeiiVe 
vcommereial  engine  disks  cto“be  separated  intPihe  following  categories. 

1 .  ^  Retired  Waspaloy  disks  measured  on  1 4  June  1 996. 

2.  Retired  Waspaloy  disks  measured  on  3 1  July  1 996. 

3.  Inservice  Waspaloy  disks  measured  oh  31  Julyd996. 

4.  Miscellaneous  measurements  on  two  JT8D  4th  stage  Inco  901  turbine 
disks,  one  new  and  one  with  8,419  cycles,  taken  31  July,  1996. 

The  residual  stress  measurements  of  disks  at  United  Airlines  overhaul  shop, 
were  made  with  portable  X-Ray  equipment  (  Figures  5  «&  6  ).Despite  the  necessity 
of  make-shift  fixturing,  all  residual  stress  readings  were  meaningful. 

Measurements  taken  on  14  June,  1996  (  category  1  above)  show  that  two 
disks  retain  normally  expected  residual  compressive  stress  levels  (  12  KSI  at 
14,332  cycles  and  28  KSI  at  14,307  cycles)  based  on  the  projected  Air  Force 
baseline  relaxation  and  intercept  curve.  The  third  disk  was  found  to  have  24  KSI 
tensile  residual  stress  in  the  bore  after  2,626  cycles  and  11;087  hours  Which  is  Well 
below  the  pro  jected  Air  Force  relaxation  slope.  Thus  the  retired  status  of  this  disk 
appears  prudent  ( Figure  7). 
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Figure  7  First  three  United  Airlines  data  points  on  Air  Force  baseline  curve 

Measurements  of  retired  Waspaloy  disks  on  31  July,  1996  (  Category  2 
above)  show  three  of  these  retain  compressive  stresses  that  are  in  reasonably  good 
agreement  with  the  projected  Air  Force  baseline  relaxation  slope  (28  KSI  at 
14,307  cycles,  22  KSI  at  13,562  cycles  and  26  KSI  at  17,056  cycles).  One  disk 
has  a  residual  compressive  stress  of  65  KSI  at  13,754  cycles  that  is  much  higher 
than  the  projected  Air  Force  slope,  which  would  suggest  that  this  disk  may  have 
been  re-shot  peened  at  a  previous  overhaul  or  started  its  life  with  an  above  average 
residual  compressive  stress. 

Results  of  measuring  in-service  Waspaloy  disks  on  31  July,  1996  (category 
3  above)  show  one  JT9D  15th  stage  compressor  desk  with  85  KSI  compression  at 
11,116  cycles  which  is  considered  above  the  projected  Air  Force  slope.  This 
suggests  that  the  disk  may  have  been  recently  re-shot  peened  or  entered  service 
with  above  average  residual  compressive  stress.  The  other  in-service  JT9D  3rd 
stage  turbine  disk  which  is  at  a  lower  compressive  stress  level  (25  KSI  at  2,402 
cycles  and  15,981  hours)  than  the  projected  Air  Force  baseline  relaxation  slope. 
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suggesting  that  it  should  be  retired  or  reworked  before  continuing  in  service. 
Although  there  is  no  direct  correlation  between  the  United  Airlines  results  and  the 
standard  degradation  slope  established  in  the  Air  Force  Phase  I  project,  it  is  non- 
the-  less  of  interest  to  make  the  comparison  which  shows  reasonable  agreement 
(Figure  8). 


Figure  8  Additional  United  Airlines  data  points  slots  &  bores 

Review  of  these  initial  FMA  residual  stress  measurements  indeed  shows 
some  variations.  However,  until  the  original  shot  peening  and/or  disk  finishing 
process  is  controlled  and  measured  in  terms  of  residual  stresses  on  new  parts, 
there  will  be  variations  in  in-service  measurements  as  a  consequence  of 
manufacturing  variations  and  operating  environments.  It  has  already  been  shown 
that  equipment  scatter  can  be  reduced  by  use  of  the  manganese  tube  and 
appropriate  selection  of  measurement  location. 


All  residual  stress  data  from  United  Airlines’  Waspaloy  disks  including  estimated 
values  for  cracked  disks  are  shown  in  Figure  9. 


Compressive  ResidusI  Stress 
WMpaloy 
Slot*  and  bora* 


2000  4000  6000  8000  10000  12000  14000  16000  18000  20000 


Figure  9.  All  values  in  Table  1  including  estimate  of  cracked  disks. 


Miscellaneous  measurements  taken  in  two  areas  on  two  JT8D  4th  stage 
Inco  901  turbine  disks,  one  new  and  one  with  8,419  cycles  (Category  4  above) 
showed  the  expected  degradation  from  the  new  part  to  the  used  part.  The 
remarkable  nature  of  these  limited  data  is  that  the  stress  percentage  degradation 
inferred  in  both  areas  is  the  same  57  percent  (Table  2)  suggesting  a  general 
systemic  degradation  of  the  stressed  surfaces. 


820 


TABLE  2 


Comparison  of  Measurements  on  New  and  Used  Inco  901 
4th  Stage  JT8D  Turbine  Disks 

Residual  Compressive  Stress  in  average  psi 

Area  of  Measurement  New  Disk 

Loss 

Web,  near  OD  57,900 

Comer  of  ID  and  web  28,600 


SUMMARY 

LCF,  cumulative  fatigue  damage  with  cycles  to  failure  up  to  lO"*,  is  the 
common  mode  of  engine  disk  failures  and  features  widespread  surface  degradation 
and  multiple  cracking.  The  fact  that  fatigue  cracks  originate  in  metal  surfaces  that 
are  stressed  in  tension  is  a  well  known  engineering  axiom.  For  this  reason  great 
care  is  taken  in  the  manufacture  of  critical  aircraft  engine  disks  to  ensure  that 
fatigue  limited  surfaces  are  stressed  in  compression.  Shot  peening  is  presently  the 
most  appropriate  method  to  leave  these  surfaces  so  stressed. 

Historically  the  management  procedure  used  with  turbine  engine  disks  is 
the  conservative  “  safe  life”  approach  which  is  based  on  an  estimated  part  fatigue 
life  through  analysis,  testing  and  comparable  experience  by  engine  manufacturers. 
This  approach  attempts  to  estimate  the  point  at  which  the  shortest  lived  part  in  the 
total  population  could  be  expected  to  fail.  After  allowing  for  suitable  safety 
margins,  an  arbitrary  retirement  life,  usually  in  cycles  and  sometimes  in  hours,  is 
adopted.  The  conservative  nature  of  this  system  is  heightened  by  the  facts  that 
minimum  materials  properties  are  used  and  the  beneficial  effect  of  shot  peening  is 
not  usually  credited  in  the  disk  design  values  for  total  stress. 

More  recently,  the  U.  S.  Air  Force  has  instituted,  for  some  parts,  a  less 
conservative  system,  the  “  retirement  for  cause”  concept,  (RFC).  Using  this 
philosophy  parts  are  periodically  examined  non-destructively  for  cracks.  Once  a 
crack  is  observed  that  particular  part  is  removed  from  service.  Other  parts  which 
may  have  service  lives  equal  or  greater  than  the  retired  part  continue  in  use  until 
they  developed  cracks.  The  danger  of  this  system  is  that  parts  may  fail  because  of 


Used  Disk  Percentage 

24,700  57 

12,222  57 
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an  undetected  crack,  since  crack  detection  may  not  always  occur  in  a  timely 
fashion. 

The  limitations  of  the  two  procedures  are  obvious.  An  economic  loss  is 
associated  with  the  safe  life  retiring  of  parts  that  have  significant  life  remaining. 
The  retirement  for  cause  procedure  may  decrease  flight  safety  due  to  continued 
service  of  parts  with  potentially  undetected  cracks. 

The  newly  developed  FMA  X-Ray  diffraction  inspection  method  has  been 
shown  to  have  technical  merit  by  the  initial,  but  limited,  test  evaluations.  The 
process  provides  a  means  of  periodically  measuring  the  surface  residual  stress  of 
fatigue  limited  metal  components  before  crack  initiation  has  begun.  On  the  basis 
of  these  residual  stress  measurements  one  can  determine  whether  or  not  a  crack  is 
imminent  in  a  qualitative  manner  and  then  estimate  the  remaining  service  life.  For 
example,  disks  approaching  their  cyclic  life  limits,  but  still  retaining  a  sufficient 
level  of  compressive  residual  stress  in  the  fracture  critical  areas  could  continue  in 
service  based  on  extrapolation  of  their  individual  or  population  stress  life  trendline. 
On  the  other  hand,  a  disk  which  has  been  excessively  or  harshly  treated  during 
service,  but  is  still  within  it’s  cycle  limit,  could  be  retired  early  or  be  reworked 
because  the  residual  stress  had  become  tensile. 

This  paper  discusses  the  role  of  component  residual  stress  and  examines  its 
relationship  with  LCF  service  cycles.  Portable  X-Ray  diffraction  equipment 
combined  with  computer  technology  quantifies  residual  stresses  with  accuracy  and 
reliability.  A  recent  semi-empirical  study  of  retired  military  engine  disks  compared 
residual  surface  stress  measurements  with  the  corresponding  component  cyclic 
service  life  and  determined  a  definite  relationship.  Finally,  the  paper  discusses  the 
potential  use  of  residual  stress  measurements  in  FNSIP  and  the  RFC  program. 


CONCl.IJSTONS: 

1 .  LCF,  if  allowed  to  progress  to  failure,  is  characterized  by  widespread  surface 
degradation  and  multiple  cracking  in  highly  stressed  areas.  This  is  the  common 
mode  in  the  occasional  in-service  disk  failure. 


2.  Fatigue  cracks  initiate  in  surface  areas  that  are  stressed  in  tension.  Thus 
surface  areas  with  residual  compressive  stresses  are  invariably  free  of  low  cycle 
fatigue  cracking. 

3.  Residual  compressive  stress  condition  of  engine  disk  surfaces  declines  with 
service  cycles  and  /  or  hours. 

4.  The  relationship  of  residual  surface  stresses  with  cycles  is  linear. 

5.  Initial  residual  stress  measurements  of  disks  confirm  the  validity  of  the  original 
FMA  concept  which  is  that  as  disks  age  in  service  the  residual  compressive 
stress  gradually  decreases  until  tensile  stresses  form.  Periodic  stress 
measurements  of  disks  provide  quantitative  part  serviceability  data. 

6.  Variations  in  initial  stress  measurements  are  caused,  in  part,  by  equipment 
capability  (although  use  of  a  manganese  to  rather  than  a  chromium  tube 
significantly  reduced  scatter),  but  also  by  manufacturing  and  part-  to-  part 
statistical  differences.  Improved  shot-peening  control  by  way  of  residual 
stress  measurements  of  new  parts  will  minimize  such  variations. 

7.  Disks  should  be  measured  for  residual  stresses  on  the  highly  stressed  areas, 
both  in  blade  slots  and  bore  surfaces. 

8.  Degradation  of  compressive  residual  stress  occur  on  critical  surfaces  during 
service  and  could  degrade  at  different  rates. 

9.  Re-shot  peening  of  disks  at  overhaul  changes  the  residual  stress  and  has  a 
significant  effect  on  interpretation  of  the  measurements. 

10.  Degradation  of  the  entire  part  appears  to  occur  uniformly  during  service  based 
upon  limited  data  percentage  change. 

11.  The  FMA  process  quantifies  disk  residual  stress  conditions  and  clearly 
identifies  above  average,  average  and  below-average  disks.  This  provides  the 
industry  with  a  qualitative  tool  to  cull  out  the  below-average  disks  (weak  links) 
before  cracks  initiate. 

12.  Commercial  Waspaloy  disks  are  assigned  a  service  limit  of  as  much  as  20,000 
cycles  but  military  F-lOO  disks,  degrading  at  comparative  rates,  are  retired  at 
only  8,000  cycles. 


13.  FMA’ s  residual  stress  measurements  could  allow  the  Air  Force  retirement  for 
cause  program  to  safely  continue  and  the  engine  manufacturers  to  recommend 
increased  disk  life  limits  based  on  sehii  empirical  data  collected  bn  a 
statistically  valid  program. 
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1.  ABSTRACT 

Engine  Structural  Integrity  Programs  have  long  promoted  and,  through  military 
standards  and  guidance  documents,  provided  methodologies  tor  increased  engine 
component  reliability.  Recently,  new  concepts  and  terms  such  as  “6-sigma  , 
capability  index  (CpQ ,  process  yield,  “defects  per  unit  (DPU)”  are  being  adapted 
from  the  manufacturing  environment  and  more  widely  used  to  describe  desired 
system  and  component  robustness. 

A  fairly  extensive  series  of  replicate,  elevated  temperature,  low  cycle  fatigue 
(LCF)  tests  on  powder  metal,  nickel-base  superalloy  material  test  samples, 
containing  round  and  shaped  holes  manufactured  with  “best  practice  (BP)  and 
alternate  practice  (subject  to  special  cause)  hole  making  processes,  followed  by 
BP  shot  peen,  provides  an  opportunity  to  quantitatively  illustrate  some  of  these 
possible  alternate  measures  of  fatigue  reliability  margin  in  engineering  terms. 

The  potential  detrimental  influence  of  processing  induced  special  and  common 
cause  surface  damage  on  LCF  life  and  the  increased  life  margin  provided  by  hole 
surface  post-finishing  (honing  or  abrasive  ilow)  to  remove  as  little  as  25p 
(0.001”)  of  material  is  discussed.  Process  influenced  life  variation  is  expressed  in 
terms  of  LCF  life  differences,  “X-sigma”,  Cp,,  parameter,  and  process  yield  to 
facilitate  comparison  among  potential  robustness  criteria. 

2.  INTRODUCTION/BACKGROUND 

The  term  “6-sigma”  is  increasingly  being  used  to  describe  quality  and 
reliability  initiatives  across  various  industries''^  including  the  gas  turbine  engine 
industry'^’^.  In  simple  terms  the  concept  utilizes  data  collection  and  statistical  data 
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analysis  to  quantitatively  establish  process  capability  and  margins  in  relation  to 
specification  limits.  Most  often  this  type  of  quality  measurement  is  discussed  in 
connection  with  manufacturing  issues  such  as  tolerances  or  scrap  rates.  However, 
the  concepts  are  potentially  useful  in  assessing  “design  margins”  or  other  possible 
engineering  measures  of  component  robustness. 

An  important  reliability  and  customer  satisfaction  metric  is  component  fatigue 
life.  The  useful  fatigue  life  of  rotating  components  is  often  limited  by  stress 
concentrating  features  such  as  holes,  fillets,  or  slots.  The  fatigue  capability  of 
these  features  is  influenced  by  the  manufacturing  process  used  to  make  them. 
Common  and  special  cause  process  perturbations  lead  to  variation  in  component 
fatigue  life.  Quantification  of  this  variation  is  a  needed  step  in  establishing 
product  robustness. 

3.  OBJECTIVE 

Obtaining  multiple  test  points  for  several  hole  making  processes  tested  at 
nominally  identical  test  conditions  provides  an  opportunity  to  assess  the  influence 
of  hole  making  process  variation  on  component  fatigue  life.  The  margin  between 
lower  limit  (specification)  life  and  expected  (mean)  life  can  be  quantified  using 
several  potential  measures.  Traditional  measures  such  as  fatigue  life  ratio 
(minimum  life  divided  by  mean  life)  can  be  compared  to  the  alternate  robustness 
and  margin  measures  currently  being  advocated  as  part  of  the  6-sigma  movement. 

A  key  objective  of  this  paper  is  to  illustrate  the  potential  use  of  these  collective 
margin  measurements  in  assessing  critical  rotating  part  engine  component 
reliability. 

A  second  objective  is  to  present  test  data  indicative  of  the  potential  significant 
robustness  gain  to  be  realized  by  removing  even  a  small  surface  layer  of  disturbed 
material  from  finish  machined  holes  in  nickel-base  superalloy  materials  at 
nominal  operating  conditions. 

4.  LOW  CYCLE  FATICUE  TESTINC, 

An  extensive  integrated  material  development  test  program  described  in 
general  terms  elsewhere'’  *^’  provided  a  large  number  of  LCF  test  results  for  use  in 
this  study. 

The  material  tested  is  a  powder  metallurgy,  extruded  and  isothermally  forged, 
nickel-base  superalloy  used  for  turbine  and  compressor  disk  and  seal  components. 
The  two  hole  rectangular  test  specimen  and  hole  making  process  is  shown  in 
Figure  1.  The  holes  were  manufactured  by  a  variety  of  hole  making  processes 
including  drill-bore,  drill  plus  ream,  drill  plus  peripheral  mill.  The  drill-bore  and 
drill  plus  ream  holes  were  round  while  the  peripheral  milled  holes  were  shaped. 
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Hole  Making  Process  Map 


1  .f  r,  j.'i  ■  _ ^  Ream,  Bore,  or  Mill 

■  1  •  Common  cause 

Mill  Hole 
Chamfer 

Post  Process 

•  Hone 

1  •  Special  Cause 

/AUl  doivc  ri 

1  ■■  ■  ■ 

Figure  1 :  Test  specimen  and  processing  routes. 


Several  types  of  processing  were  considered.  Best  practice  (BP)  processing 
utilized  parameters  (e.g.,  chip  load  and  feed  rate)  well  within  defined  processing 
windows.  “Special  cause”  processing  utilized  parameters  beyond  defined 
processing  windows.  Some  of  the  specimens  received  additional  post-finishing 
(PF)  treatment,  either  honing  (round  holes)  or  abrasive  flow  (shaped  holes),  to 
remove  approximately  25\i  (0.001”)  of  surface  layer  from  the  hole.  The  finished 
specimens  were  all  BP  shot  peened  and  thermally  exposed"*.  The  load  control  tests 
were  conducted  using  induction  heating  under  continuously  cycled,  triangular 
wave  form,  30  cpm,  R  s  0.0  conditions.  Test  temperature  was  650C  (1200F)  for 
most  tests  with  a  few  tests  run  at  590C  ( 1 1  OOF). 


5.  TEST  RESULTS 

5.1  Stress  versus  Life  (S-N) 

Figure  2  depicts  the  LCF  results  on  a  conventional  S-N  plot.  The  feature  test 
data  from  this  program  are  compared  to  “nominal”  material  behavior  data 
obtained  from  low  stress  ground  (LSG)  and  polished  cylindrical  bar  strain 
controlled  tests  at  nominally  the  same  conditions.  The  range  of  nominal  data 
between  mean  and  minimum  (-3a)  is  shown  in  the  figure. 

Several  things  are  apparent  from  this  data  representation.  First,  for  the  non  PF 
holes,  there  is  a  large  amount  of  scatter  in  resultant  fatigue  life.  For  like 
processing  there  can  be  more  than  an  order  of  magnitude  range  of  results.  Taken 
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' '  Peripheral  Mill  Best  Practice  (no  PF) 
Peripheral  Mill  Special  Cause 
Peripheral  Mill  Special  Cause  (PF) 
O  Drill-Bore  {no  PF) 

^  Drill-Bore  (PF) 


O  © 


Average 

NOMINAL 


Minimum 


10,000 


100,000 


1,000,000 


Cycles 

Figure  2:  LCF  of  machined  and  peened  holes  -  Nickel  base  superalloy,  650C. 

Significant  scatter  with  out  post-finish.  25p  (0.001”)  surface  removal 
reduces  scatter,  increases  life. 

in  the  entirety,  accepting  that  hole  geometry  and  processing  route  differ,  LCF 
lives  ranging  over  two  orders  of  magnitude  were  observed. 

Other  studies  have  shown  this  scatter  to  be  related  to  the  periodic  occurrence  of 
detrimental  surface  layer  regions  associated  with  rubbing  or  smearing  of 
entrapped  machining  chips  and  a  concurrent  build  up  of  excessive  heat  and 
surface  cold  work"*’^. 

Removal  of  the  potentially  overly  deformed  surface  layer  through  a  PF  process 
leads  to  the  second  observation  from  Figure  2.  The  PF  processed  holes  have 

much  reduced  scatter  and  exceptional  LCF  life  capability. 

Another,  less  obvious  observation  is  that  even  designated  BP  hole  making 
(reference  the  peripheral  mill  process  in  Figure  2)  without  final  PF  has  the 
potential  for  common  cause  variation  that  could  yield  less  than  desired  LCF 
capability,  if  subjected  to  sufficiently  high  stress.  The  apparent  stress  dependence 
of  these  results  suggests  the  potential  to  utilize  a  fracture  mechanics  model  and 
associated  threshold  concepts  to  further  quantify  the  behavior.  This  is  a  subject 
under  study. , 

5.2  Standard  Deviation  as  a  Measure  of  Margin 

The  traditional  S-N  diagram  clearly  reflects  the  presence  of  scatter  in  the  test 
data.  But  it  does  not  provide  a  very  good  means  of  quantifying  the  scatter  or  its 
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significance  (beyond  the  fact  that  results  range  over  orders  of  magnitude). 

Figure  3  is  an  alternative  data  depiction.  Probability  density  distributions 
(assuming  log-normal  LCF  behavior)  are  shown  as  a  function  of  the  number  of 
standard  deviations  (a)  from  the  nominal  (LSG  +  polish)  mean.  [Further  details 
of  the  procedure  for  obtaining  these  curves  are  given  in  the  next  section.]  For 
reference,  a  cyclic  life  scale  is  superimposed  at  the  top  of  the  figure. 


Standard  deviations  from  nominal  mean 


Figure  3;  Distributions  of  hole  making  data  with  and  without  post-finishing.  Shape 
and  location  of  normal  curves  illustrates  margin  and  scatter. 

Figure  3  more  intuitively  illustrates  the  overall  differences  in  the  processing 
routes.  The  nominal  material  behavior  expectation  has  a  “bell  shape”  log-normal 
distribution  centered  at  zero  a  and  decaying  symmetrically  toward  very  low 
probabilities  at  ±3a  from  the  mean.  The  results  without  PF  are  more  widely 
spread  with  a  mean  somewhat  above  the  nominal  mean.  The  PF  results  are 
centered  well  above  the  nominal  with  a  comparatively  much  more  narrow  spread. 
The  number  of  standard  deviations  between  the  several  means  is  a  potential 
measure  to  quantify  the  amount  of  fatigue  life  margin  for  a  given  processing 
route. 

5.3  Fatigue  Life  as  a  Measure  of  Margin 

Figure  4  presents  test  results  on  log-normal  probability  paper.  The  fatigue  life 
of  each  test  (expressed  in  terms  of  the  number  of  nominal  behavior  ct‘s  from 
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nominal  mean  at  the  test  condition)  is  plotted  versus  the  probability  of  attaining  or 
exceeding  that  life.  The  specimens  from  several  processing  routes  are  combined 
into  two  groups:  PF  (solid  symbols)  and  non-PF  (open  symbols).  When 
constructed  in  this  way,  the  nominal  behavior  is  always  represented  by  the  heavy 
straight  line  through  the  two  points:  [zero  a,  50%  probability  (nominal  mean)]; 
and  [-3a,  0.135%  probability  (nominal  -3a)].  The  parameters  (mean,  slope) 


CUMMULATIVE  PERCENT  OCCURRED 


p  to  cn 

ui  b  b  b 


!  I  i  I  I  I 

I  I  M  '  I  I 


A"  pO®  .  •  i 


i  !  i  i'i 


51,500  cycles  !  j  l  !| 

_ i.nJilili  li 

jAPPROX.  13X  MARGIN 
COMPARED  TO  NOMINAL 


-j4000  cycles- 


JO 


•  '  ''<§^  ^  i  i 

I 


M  ill  I!  i  i  I  I  i  !  I 

-3  SIGMA  =  -6.41  Std  dev_ 
440  cycles 


LOGNORMAL  PAPER 

SS;::!2  ®  «>  wcoco 

PPPP  P  ®(oS 

“  bbb 


l-mw 

Wii 


III  I  III! 

DRILL  BORE 

PERIPERAL  MILL  0 
- DRILL  REAM  ^  , 

I  NO  POST  FINISH -OPEN 
-J - POST  FINISH -SOLID 


j  j  j  Ni-base  Superalloy 

-rp-Hole  specimens  with  expected - 

I  j  [  fatigue  life  approx  =  30.000  cycles 
;  ;  j  1100-1200F;  Shot  peened 

ilLM  i  I  I  !  i  i  i  i  !  I 


Figure  4:  Distributions  of  hole  making  data  with  and  without  post-finishing.  Data  on 
probability  paper  illustrates  LCF  margin  and  use  of  standard  deviations 
from  nominal  mean. 


describing  the  straight  line  data  regression  fits  can  be  used  to  construct  the 
distribution  plots  of  Figure  3 . 

Non-PF  results  have  more  scatter  (steeper  slope)  than  nominal,  PF  results  have 
less  scatter  (more  shallow  slope).  The  mean  life  of  each  group  is  readily  read 
from  the  50%  probability  crossings. 

An  advantage  of  this  depiction  is  that  quantitative  statements  can  be  made  and 
test  conditions  with  slightly  different  stresses  or  at  different  temperatures  can  be 
collected  into  one  common  format,  facilitating  comparisons.  Obviously  this 
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combining  must  be  done  with  caution  to  avoid  inappropriately  lumping  differing 
mechanistic  behaviors. 

Another  potential  measure  of  robustness  (margin)  is  to  compare  the  minimum 
LCF  life  obtained  using  the  desirable  (i.e.,  PF)  processing  to  a  lower  specification 
limit  (LSL).  Typically  the  LSL  would  be  taken  as  the  minimum  (-3a)  nominal 
life,  which  for  this  650C  (1200F)  example  is  4,000  cycles.  The  minimum  PF 
feature  life  would  be  projected  to  be  about  51,500  cycles,  providing  a  margin  of 
approximately  thirteen-fold  between  the  specification  lower  limit  and  the 
expected  minimum  life  for  holes  made  using  this  process  route.  This  “LCF  life 
margin”  is  perhaps  most  typical  of  historical  margin  measures. 


Margin  in  terms  of  std.  deviations  from  mean  nominal 


Figure  5:  Cp^  and  6-sigma  measures  illustrated.  Cp^i  jjl  is  defined  as  distance  from 
process  mean  to  lower  specification  limit  (LSL)  divided  by  3a.  Cpi^LSL  “  2 
for  a  6  sigma  process. 


5.4  Cpk  and  “6-Sigma”  Measures 

The  burgeoning  discussion  of  Six  Sigma  Processes'  and  Six  Sigma  Quality"’ 
prompts  one  to  attempt  to  consider  the  process  margins  discussed  above  in  the 
context  of  these  measurement  systems  and  this  jargon.  Figure  5  illustrates 
definitions  of  the  “sigma”  of  a  process  and  the  capability  index  Cp^  as  referenced 
to  the  LSL.  The  LSL  is  again  taken  as  the  minimum  (-3a)  of  the  nominal  (LSG  + 
polish  bar)  behavior.  For  a  given  process  the  mean  and  standard  deviation  (ap)  of 
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the  resultant  LCF  behavior  is  established  by  replicate  testing.  The  capability 
index  (Cp,.L5;[ )  is  defined  as  the  difference  between  the  process  generated  mean 
life  and  the  LSL  (expressed  in  number  of  CTp’s)  divided  by  3ap.  Hence  a  “3- 
sigma”  process  is  one  in  which  Cpi.,  j.,  =1.0.  A  “6-sigma”  process  has 
CpkLSL  “  2.0. 

In  addition,  it  is  appropriate  to  recognize  inherent  process  variation  by 
acknowledging  the  likely  presence  of  process  drift.  If  unknown,  one  could 
consider,  for  example,  that  the  long  term  capability  of  the  process  under  study 
drifts  over  time  by  some  amount,  say  ±1  .SCp  from  the  short  term  mean.  If  this 
occurs,  a  6-sigma  process  in  the  short  term  would  become  a  4.5-sigma  process  in 
the  long  run  and  would  more  appropriately  be  categorized  as  having  a  Cp^Lst  of 
1.5. 


Hole  Making  Process 

CpkLSL 

“X  -  Sigma” 

Process  with  no  PF  +  peen 

0.5 

1.6 

Nominal  (target  LSL) 

1 

3 

“6-Sigma”  process  (reference) 

2 

6 

Process  with  25p  PF  +  peen 

3.6 

11 

Process  with  PF  +  peen  with 
assumed  ±1 .5a  drift 

3.1 

9.5 

Table  1:  Process  comparisons  in  "6-sigma"  terms. 


Table  1  compares  the  various  hole  processing  routes  in  terms  of  Cp^Lsc  the 
“sigma”  of  the  process.  The  desired  quality  level  in  this  scheme  is  at  least  6- 
sigma  (CpkLSL  “  2).  A  quality  level  consistent  with  the  nominal  behavior  used  to 
establish  the  LSL  would  be  3 -sigma.  Processing  without  PF,  under  the  conditions 
studied,  delivers  only  1 .6-sigma  (Cp^i  sl  =  0-5)  capability.  PF  removal  of  the 
surface  layer  raises  the  process  capability  to  ~1 1 -sigma.  Even  if  an  assumed  drift 
of  ±1 .5CTp  on  the  process  mean  was  to  occur,  the  capability  would  still  be  at  ~9.5- 
sigma. 

5.5  Margin  in  Terms  of  Process  Turns 

Yet  another  potential  measure  of  margin  is  the  number  of  “process  turns” 
without  violating  the  LSL.  That  is,  for  a  given  hole  making  process,  how  many 
holes  exceeding  design  target  (fatigue  life  >  -3a  nominal)  can  be  made  before 
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making  a  less  than  target  capability  (fatigue  life  <  -30  nominal)  hole?  Table  2 
summarizes  the  process  capability  in  these  terms. 

A  3-sigma  process  has  a  process  yield  of  741  holes  and  a  probability  of 
yielding  a  hole  with  less  than  design  target  (LSL)  life  of  0.00135.  The  non-PF 
process  in  this  study,  a  1 .6-sigma  process,  yields  only  1 8  holes,  while  the  PF 
process  could  deliver  more  than  1  billion  high  quality  holes  even  if  a  long  term 
drift  of +1.5  0p  is  included. 


6.  RELIABILITY  ILLUSTRATION 

A  way  to  illustrate  the  relative  significance  of  some  of  these  measures  of 
margin  is  to  consider  a  probabilistic  analysis,  using  the  previous  data  for  PF  or 
non-PF  holes,  applied  to  an  analytical  (not  an  actual  component)  disk.  This 
conceptual  component  is  envisioned  to  contain  160  holes  manufactured  using  one 
of  several  potential  processes  and  to  operate  at  650C  (1200F)  in  a  continuously 
cycled  manner.  It  is  assumed  that  the  manufacturer  of  this  component  makes 
500,000  holes  of  this  type  in  a  year. 

Figure  6  shows  the  results  of  such  an  analytical  study  in  the  form  of  probability 
of  fracture  as  a  function  of  the  number  of  mission  cycles  for  various  process 
capability  scenarios.  If  the  process  was  as  robust  as  the  PF  process  in  this  study 
and  yielded  no  abused  holes  the  probability  of  encountering  a  hole  with  less  than 
the  expected  nominal  mean  life  (~30,000  cycles)  would  be  much  less  than  1  in  a 
billion.  If,  in  contrast,  there  was  no  PF  applied  and  (as  an  extreme)  every  hole 
made  was  abused  (at  least  to  the  special  cause  extent  observed  in  this  study)  there 
would  be  ~  1%  chance  of  failing  the  disk  at  about  2,000  cycles.  Clearly  actual 
processing  is  more  capable  than  this  pessimistic  assumption.  However,  even  if 


Hole  Making  Process 

“X-sigma” 

Probability  of 
Life 

<  Design  Target 
(LSL) 

No.  of  Holes 
Before  a  Low  Life 
(-3a)  Hole 

Process  with  no  PF  +  peen 

1.6 

0.0548 

18 

Nominal  (target  LSL) 

3 

0.00135 

741 

“6-sigma”  process 

6 

9.9  e-10 

1  billion 

“6-sigma”  process  with  1.5 

0„  drift 

4.5 

0.0000034 

294,000 

Process  with  25|J.  PF  +  peen 

11 

»  9.9  E-10 

»  1  billion 

Process  with  25  p.  PF  with 
1.50P  drift  +  peen 

9.5 

>9.9  E-10 

>  1  billion 

Table  2:  Process  capability  in  terms  of  process  turns. 


Probability  of  fracture 


160  holes  in  disk  running  at  1200F,  constant  stress  range 


Cycles 

Shot  peend:  500000  holes  per  year  assumed 


Figure  6:  Illustration  of  reliability  differences  for  an  analytical  disk.  Conceptual  design 
only,  stresses  higher  than  typical  design  stress.  Post-finishing  provides  much 
greater  robustness  even  when  potential  for  abusively  made  holes  is  low. 

the  particular  process  were  to  deliver  only  5  abusively  made  holes  a  year 
(0.001%)  the  reliability  (probability  of  fracture),  though  considerably  improved 
over  the  worst  case  assumption,  is  orders  of  magnitude  less  than  the  best  case 
assumption.  PF  processing  clearly  provides  the  highest  reliability. 

7.  SOME  CONSTRAINTS 

The  test  series  providing  the  data  discussed  in  this  paper  were  not  originally 
designed  to  demonstrate  with  rigor  the  margin  metrics  discussed  here.  The  results 
provided  an  opportunity  to  explore,  to  a  first  order,  the  6-sigma  margin  concepts 
in  terms  of  component  fatigue  life.  There  are  caveats  to  be  noted: 

•  Results  from  peripheral  mill,  drill-bore,  drill  plus  ream  and  drill+mill 
processing  have  been  combined  to  provide  approximately  60  tests,  most  at 
650C  (1200F)  a  few  at  590C  (1  lOOF).  Similar  trends  were  observed  for  ~150 
tests  at  204C  (400F)^ 

•  To  accentuate  the  anticipated  behavior,  the  tests  were  run  at  stress  levels  above 
those  typically  expected  in  actual  components. 
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•  In  this  study  no  attempt  was  made  to  assess  the  statistical  potential  tor  special 

cause  events  nor  the  actual  process  drift. 

8.  SUMMARY 

Replicate  LCF  testing  allowed  quantified  hole  making  process  margin 
comparison.  A  variety  of  inter-related  measures  of  margin  can  be  used,  from 
traditional  LCF  life  factor  to  6-sigma  capability  indices. 

For  the  processes  studied,  post-finishing  to  remove  25\x  (0.001”)  surface  layer 
provided  the  most  robust  process  by  any  of  various  measures.  These  are 
summarized  Table  3. 


Measure 

Value 

LCF  life  margin 

1 3  times 

Capability  Index 

CpkLSL  “ 

Process  Sigma 

9-11  sigma 

Process  Yield 

>  1  billion  holes 

Table  3:  Various  process  robustness  comparisons. 


Such  quantified  measures  lead  naturally  to  consideration  of  potential  life  limit 
increases  (raised  LSL)  for  post-finished  holes.  However,  other  quantification 
would  be  necessary  to  enable  this,  including,  for  example:  determination  of  actual 
process  drift,  analysis  of  the  influence  of  other  component  life  variables,  further 
consideration  of  confidence  intervals  and  development  of  first  principle 
mechanistic  models. 
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Abstract 

Stnictural  integrity  of  composite  containment  structures  is  evaluated  by 
using  computational  simulation  of  progressive  fracture  during  the  containment 
process.  An  integrated  computer  code  (CODSTRAN)  was  modified  to  simulate 
the  progressive  damage,  containment  and/or  penetration  of  composite  containment 
structures  under  impacting  loading.  The  objective  of  this  investigation  is  to 
evaluate  the  containment  process  of  fiber  composite  structures  impacted  by  an 
escaping  blade.  The  simulation  traces  the  histoiy  of  damage  initiation,  growth, 
accumulation,  profession  and  propagation  to  containment  or  penetration.  Results 
show  that  for  specified  initial  velocity  of  the  escaping  blade  the  containment 
damage  sustained  decreases  approximately  quadratically  with  containment 
structure  thickness. 


Introduction 

Concerns  for  safety  and  survivability  of  critical  components  in  engine 
structures  require  a  quantification  of  the  composite  structural  integrity  or  damage 
tolerance  during  overloads.  Characteristic  flexibilities  in  the  tailoring  of  composite 
structures  make  composites  more  versatile  for  fulfilling  structural  design 
requirements  for  example,  containment  of  escaping  blades.  However,  these  same 
design  flexibilities  render  the  assessment  of  composite  structural  integrity  and 
durability,  in  overload  situations,  more  complex,  prolonging  the  design  and 
certification  process  and  adding  to  the  cost  of  the  final  product. 

It  is  difiScult  to  evaluate  the  resistance  of  composite  containment 
structures  because  of  the  complexities  in  predicting  their  overaU  congruity  and 
performance,  especially  when  structural  degradation  occurs  by  damage 
propagation.  The  evaluation  of  damage  initiation,  damage  growth,  and 
propaf  tion  to  fi'acture  are  important  in  quantifying  the  impacting  load  carrying 
capacity,  damage  tolerance,  ssdety,  and  reliability  of  composite  contaiiunent 
structures.  The  most  effective  way  to  obtain  this  quantification  is  through 
integrated  computer  codes  that  couple  composite  mechanics  with  dynamic 
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structural  analysis  and  damage  progression  modeling.  One  such  code  is  the 
composite  Durability  STRuctural  ANalysis  (CODSTRAN)  computer  code  [1] 
which  has  been  developed  for  this  purpose. 

In  a  previous  article  [2]  CODSTRAN  was  used  to  evaluate  the  penetration 
resistance  of  a  containment  composite  shell  with  specified  thickness  and  different 
initial  blade  velocities. 

The  present  paper  investigates  the  response  of  a  containment  fiber 
composite  thin  shell  structure  impacted  by  an  escaping  blade  with  specified  initial 
velocity  of  the  blade  but  with  different  shell  thicknesses. 

Brief  Description  of  CODSTRAN 

CODSTRAN  is  an  integrated  computer  code  ^ig.  1)  that  was  written  in 
FORTRAN  77  computer  language  and  currently  runs  in  unix  operating  system  at 
NASA  Lewis  Research  Center.  CODSTRAN  was  developed  by  coupling  the 
following  modules:  (1)  ICAN  [3],  (2)  MHOST  [4]  and  (3)  progressive  fi'acture 
tracking  [1]:  ICAN  is  a  computer  code  that  provides  the  composite  mechanics 
simulation  starting  with  constituent  material  properties  and  accounting  for 
hygrothermal  environments. 

MHOST  is  a  finite  element  computer  code  [4]  for  the  solution  of  structural 
analysis  problems.  The  code  has  the  capability  to  perform  linear  or  nonlinear  static 
and  dynamic  analysis.  MHOST  has  a  library  with  a  variety  of  elements;  for  the 
present  work  the  four  node  shell  element  was  used.  When  supplied  by  the 
boundary  conditions,  the  desired  type  of  analysis,  the  applied  loads  and  the 
laminate  properties  (via  ICAN)  MHOST  performs  the  structural  analysis.  In 
addition  MHOST  provides  the  computed  nodal  resultant  stresses  to  ICAN  which 
computes  the  ply  stresses  for  each  ply  and  checks  for  ply  failure  and  respective 
fracture  modes. 

The  damage  progression  keeps  track  of  composite  degradation  through 
ICAN  for  the  entire  structure  and  provides  input  to  ICAN  and  MHOST  for  the 
iterative  analysis  steps.  ICAN  uses  failure  criteria  (Fig.  2)  for  the  detection  of  ply 
failures  as  follows;  a)  maximum  stress  criterion,  according  to  which  failure  occurs 
when  the  individual  ply  stress  Sty  for  ij  =  1,2,3,  exceeds  the  corresponding  ply 
strength  Suj  for  ij=l,2,3;  and  b)  a  modified  distortion  energy  criterion,  in  which 
the  combination  of  the  ply  stresses  is  taken  into  account.  In  both  criteria  ply 
stresses  are  referred  to  the  material  axes  1,  2,  3,  with  the  direction  of  the  0“  fibers 
along  the  material  1-axis. 

The  integrated  architecture  of  CODSTRAN  simulation  cycle  is  shown  in 
Fig.  1.  In  this  figure,  fi’om  the  left  side  along  the  clockwise  direction  the  material 
properties  of  the  constituents  (fiber  and  matrix)  are  provided  by  ICAhTs  database, 
subsequently  the  ply  properties  are  computed  by  using  the  micromechanics  theory. 
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and  following  the  laminate  properties  are  computed  using  the  laniinate  theory. 

These  properties  in  conjunction  with  the  finite  element  mesh,  the  loads  and  the 
boundary  conditions  are  input  into  MHOST.  NfflOST  performs  the  structural 
analysis  and  provides  the  nodal  resultant  stresses  to  ICAN  (on  the  right  side  of  Fig. 

1);  ^er  that,  ICAN  computes  the  ply  stresses  using  the  laminate  theory  and 
checks  for  ply  failure. 

In  MHOST  the  nonlinear  structural  analysis  is  performed  in  conjunction 
with  an  incremental  load  algorithm.  The  load  is  increa^  in  small  increments  and 
within  each  load  increment  a  number  of  iterations  are  performed,  (Fig.  3).  In  each 
iteration  the  structure  is  checked  for  ply  failure.  If  damages  are  detected  in  the 
structure,  the  laminate  properties  of  the  structure  are  updated  and  a  new  finite 
element  analysis  is  performed.  Iteration  continues  until  no  further  damage  occurs 
and  global  equilibrium  is  reached  within  a  load  increment.  Afterwards  the  load  is 
increased  and  the  above  procedure  is  repeated  until  the  containment  or 
penetration  of  the  structure  by  the  impacting  object.  Impact  damage  progression 
and  penetration  of  the  structure  are  assessed  via  the  incremental  iterative 
computational  simulation  method  described  above. 

Summary  of  CODSTRAN  Modification  for  Impact  Response 

The  escaping  blade  has  a  mass  m,  an  initial  velocity  Uo,  and  a  contact 
velocity  Ub  when  it  hits  the  containment.  The  impulse  law  is: 

t 

muo  -  mub  =  Ipdt 

"  (1) 


where  F  is  the  impact  force.  The  difference  of  the  kinetic  energy  of  the  escaped 
blade  before  and  after  the  impact  is  equal  to  the  external  work  done  by  the  impact 
force  From  the  first  law  of  thermodynamics,  the  loss  of  the  kinetic  energy  is  equal 
to  the  work  done  by  the  impact  force,  therefore 

^  ^  (2) 

The  equations  of  dynamic  equilibrium  are  written  for  the  combined  containment 
structure  and  the  impacting  escaped  blade  dynamic  system  from  the  time  of  initial 
contact  that  starts  the  impact. 

The  system  dynamic  equations  in  matrix  form  are: 

MM + [D]M + [K]M  =  0 
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where  [M]  is  the  mass  matrix  of  combined  containment  plies  blade  finite  element 
model,  [D]  is  the  damping  matrix,  [K]  is  the  stiffness  matrix,  and  {u},  {u},  {u}  are 
the  displacement,  velocity,  and  acceleration  vectors  of  the  system. 

During  impacting  blade  contact  the  time  is  short  and  the  inertial  response 
of  the  shell  is  negligible.  Therefore  equation  (3)  reduces  to: 


[K]{u}  =  {FJ 

Equation  4  may  be  solved  via  computational  simulation  for  displacements  and 
damage  as  a  function  of  the  impact  force.  The  instantaneous  velocity  Ub  of  the 
impacting  blade  is  obtained  from  equation  (2)  in  which  the  right  hand  side  is 
evaluated  by  computing  the  work  done  by  the  impact  blade  force 
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where  Ub  is  the  current  displacement  of  the  impacting  blade. 

Finally  fi-om  equation  (1),  the  time  interval  At  (or  the  impact  time)  is  computed  by 
discretizing  the  force  integral  using  the  trapezoidal  rule.  From  equation  4  the 
displacement  vector  {u}  is  computed  for  different  load  increments.  Consequently 
the  Wextan.1  is  computcd  by  multiplying  the  displacement  vector  by  the  impact  force 
vector  and  from  equation  (2)  the  final  velocity  (or  impact  velocity)  is  computed. 
From  equation  0).  discretizing  the  integral  using  the  trapezoidal  rule  we  compute 
the  time  interval  At  for  the  various  load  increments. 

The  subsequent  dynamic  response  of  the  shell  and  the  shell-blade 
combination  can  be  computed  from  equation  (1).  That  response  is  not  included  in 
this  investigation  since  we  are  evaluating  only  the  containment  and  onset  of 
penetration.  The  dynamic  response  is  being  evaluated  and  vrill  be  reported  at  a 
future  structural  integrity  conference. 


Structural  Integrity  of  Composite  Containment  Structures 
Through  Progressive  Fracture 

The  sample  case,  composite  containment  structure  is  a  thin  cylindrical  shell 
made  of  graphite/epoxy  laminate.  The  shell  is  impacted  by  an  escaping  blade  as 
shown  in  Fig.4.  The  lanunate  configuration  is  [0/±45/90],  which  consists  of 
uniform  thickness  plies  with  different  thickness  varying  from  (0.05  to  0.35  in.)The 
boundary  conditions  of  the  cylindrical  shell  are  one  end  fixed  and  the  other  free. 
The  direction  of  the  0°  fibers  are  in  the  axial  direction  of  the  shell  and  the  direction 
of  the  90°  fibers  are  in  the  circumferential  direction  of  the  shell  as  shown  in  Fig.  5. 
The  fiber  volume  ratio  is  Vf  =  0.60  and  the  void  volume  ratio  is  Vv  =  0.01  The 
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temperature  was  T  =  20°  C  (70°  F).  The  composite  containment  shell  was  made 
from  high  strength  AS-4  graphite  fibers  (TABLE  1)  in  a  high-modulus,  high- 
strength  epoxy  matrix  HMHS  (TABLE  2).  The  fiber  and  the  matrix  properties 
were  obtained  from  a  databank  of  composite  constituent  material  properties 
resident  in  CODSTRAN.  The  AS-4/HMHS  ply  strengths  were  computed  by 
ICAN,  and  the  results  are  shown  in  TABLE  3 

The  length  of  the  cylinder  is  3 10  cm  (124  in.)  and  the  inner  diameter  was 
300  cm  (120  in.)  (Fig.  5).  The  angular  velocity  considered  is  4000  rpm  and  the 
blade  weight  is  9  kg  or  20  lb.  The  finite  element  model  contained  934  nodes  and 
898  uniformly  sized  rectangular  shell  elements  as  shown  in  Figure  6.  An  expanded 
view  of  the  local  impact  conditions  are  shown  in  Figure  7. 

Sample  Case  -  Typical  Results  and  Discussion 

The  results  obtained  from  the  investigation  of  the  sample  case  include;  (1) 
the  effects  of  thickness  on  impact  velocity,  maximum  radial  displacement,  impact 
force,  and  damage  sustained;  (2)  damage  progression  and  respective  fracture 
modes;  and  (3)  graphical  representation  of  displacement  patterns  for  undamaged 
and  damaged  composite  containment  structures. 

Effects  of  Thickness  -  The  effects  of  thickness  on  the  impact  velocity  is 
shown  in  Figure  8  as  a  function  contact  time.  The  effects  of  five  thicknesses  are 
shown  in  this  figure.  It  is  seen  that  the  contact  time  varies  inversely  with  the 
thickness.  It  is  also  seen  that  the  blade  impact  velocity  becomes  zero  for  all 
thickness  except  the  0.5  in.  The  interpretation  is  that  the  impacting  blade  was 
contained  for  those  thicknesses  where  the  blade  velocity  became  zero  and 
penetrated  where  the  blade  had  a  residual  velocity  beyond  the  contact  time. 

The  effect  of  thickness  on  the  maximum  radial  displacement  of  the  shell  at 
the  impact  site  is  shown  in  Figure  9  as  a  function  of  contact  time.  Note  the  radial 
displacement  at  containment  varies  inversely  with  the  thickness  for  the  containment 
(cases  line  through  end  points).  An  approximate  design  guideline  from  this 
behavior  is  that  a  mill  of  containment  thickness  reduces  the  containment  time  by  3 
milli-seconds.  Note  also  that  the  radial  displacement  varies  nonlinearly  with  time 
for  the  containment  cases  but  varies  practically  linearly  for  the  penetration  case. 

The  effects  of  thickness  on  the  impact  force  is  shown  in  Figure  10.  As  can 
be  seen,  the  impact  force  increases  with  containment  thickness  and  the  force-time 
history  is  nonlinear  for  the  containment  case  but  almost  linear  for  the  penetration 
case  (0.05  in.).  Connecting  the  end  points  of  the  containment  cases  it  is  observed 
that  the  impact  force  sustained  increases  linearly  with  containment  thickness.  Note 
further  that  the  impact  force  is  relatively  small  for  the  penetration  case. 

The  effect  of  the  thickness  on  the  damage  sustained  is  shown  in  Figure  1 1 . 
As  can  be  seen,  increasing  the  thickness  decreases  the  damage  almost 
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proportionally  for  the  three  thicknesses  (0.15,  0.25  and  0.35  in.).  The  0.10  in. 
shell  sustains  less  damage  than  the  0. 15  in.  shell.  It  is  noted  that  the  blade  was 
contained  just  at  the  onset  of  penetration  for  the  0.10  in.  shell.  Note  also  the 
damage  jump  at  penetration  time  for  the  0.05  in.  which  sustained  the  least  amount 
of  damage.  The  afore  observations  lead  to  the  following  significant  points  which 
are  relevant  for  the  structural  integrity  of  composite  containment  structures: 

1.  CODSTRAN-like  capability  can  be  used  to  evaluate  the  damage 
sustained . 

2.  It  is  not  apriori  obvious  which  thickness  will  sustain  the  least  damage. 
That  can  be  only  determined  after  the  thickness  for  the  onset  of 
penetration  has  been  found  (0. 10  in.  for  the  sample  case). 

3.  Full  penetration  (escaping  blade)  causes  the  maximum  local  damage  but 
the  least  amount  of  overall  damage. 

Sequence  of  Local  Fracture  Modes  -  The  sequence  and  type  of  local  ply 
fi’acture  modes  are  summarized  as  they  occurred  during  the 
containment/penetration  process  for  each  thickness.  They  are  listed  as  a  fraction 
of  the  fi’acture  load  (maximum  impact  load)  for  the  node  that  had  exhausted  all  its 
resistance  in  each  of  its  plies  fracture  mode,  for  the  containment  thickness 
investigated.  The  summary  for  the  0.05  in.  thickness  is  shown  in  Table  4.  Node  4 
exhausted  its  plies  fracture  modes  first  (see  Fig.  7  for  location).  Note  that  fracture 
is  initiated  by  ply  transverse  ply  fracture  and  progresses  through  the  ply  thickness 
by  longitudinal  tensile  and  compressive  fractures.  Comparable  results  for  the  other 
thicknesses  are  summarized  in  Tables  5  to  8.  Since  the  nodes  that  fracture  are 
adjacent  to  the  contact  nodes  (Fig.  7),  local  fracture  and/or  penetration  occurs  by 
local  bending  as  the  blade  pushes  the  composite  through  in  front  of  it.  It  appears 
from  these  summaries  that  laminates  with  0/90  plies  at  the  mid-thickness  are  most 
effective  for  containment. 

Displacement  Patterns  -  The  displacement  pattern  for  the  composite 
containment  shell  during  the  impact  event  is  shown  in  Figure  12.  This  is  for  the 
shell  with  0.25  in.  thickness  and  at  a  force  of  37  klb.  The  displacement  pattern  just 
before  containment  with  some  local  fractures  is  shown  in  Figure  13.  Note  the 
impact  load  for  this  displacement  pattern  is  almost  double.  It  indicates  that  the 
shell  contained  the  blade  even  though  it  sustained  partial  local  damage.  The 
displacement  patterns  for  shells  with  other  thickness  (0.10,  0.15  and  0.35  in.)  are 
similar.  Those  for  the  0.05  in.  shell  (blade  penetration)  shows  similar  damage 
patterns  but  much  more  pronounced  locally  indicating  the  blade  penetration.  Note 
the  pronounced  local  bending  (hoop  and  axial  adjacent  to  the  contact  site)  in  both 
of  those  figures.  It  is  important  to  note  that  local  bending  forces  causes  the  near 
mid-thickness  plies  to  resist  the  impact  force  primarily  by  membrane  action.  Plies 
at  0°/90°  at  that  location  will  provide  effective  containment  resistance. 
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Generalized  Appi^oximations 

The  tfore  described  results,  observations  arid  significance  rlwpectivd^^^  lead 
to  the  following  generalized  approximations  Which  may  be  useful  in  designs. 

•  A  mill  of  containment  thickness  reduces  the  ebntairiment  time  1)y 
about  3  milli  seconds. 

•  The  containment  structure  maximum  radial  displacement  decreases 
linearly  with  containment  thickness  beyond  containment. 

•  The  containment  force  increases  linearly  with  containment  thickness. 

•  The  containment  structure  damage  sustained  decreases  quadratically 
with  containment  thickness. 

•  Laminate  configuration  with  0790°  plies  near  the  laminate  mid¬ 
thickness  provide  the  most  effective  containment  resistance. 

Summary 

The  salient  finding  of  an  investigation  to  evaluate  the  structural  integrity  of 
a  composite  containment  structure  are: 

•  Dpiage  initiates  by  transverse  tensile  ply  fi-acture  in  the  inner  and  outer 
plies  at  about  70%  of  the  fracture  load. 

•  Damage  progresses  by  longitudinal  compressive  ply  fracture  in  the 
inner  plies  shortly  thereafter. 

•  Damage  continues  to  grow  rapidly  by  combinations  of  ply  fi-acture 
modes  through  the  inner  plies. 

•  Penetration  occurs  where  all  through-the-thickness  plies  have  fractured 
by  longitudinal  tension  or  compression. 

•  Penetration  occurs  by  near  field  bending  as  the  blade  pushes  the 
material  through. 

•  Subsequent  dynamic  response  being  evaluated. 
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Table  1:  A-4  Graphite  Fiber  Properties: 

Number  of  fibers  per  end  =  10000 
Fiber  diameter  =  0.00762  mm  (0.3E-3  in) 

Fiber  Density  =  4,04E-7  Kg/m  (0.063  Ib/in^) 

Longitudinal  normal  modulus  =  227  GPa  (32.9E+6  psi) 

Transverse  normal  modulus  =13.7  GPa  (1.99E+6  psi) 

Poisson's  ratio  (n^)  =  0.2 

Poisson's  ratio  (023)  =  0.25 

Shear  modulus  (Gu)  =  13.8  GPa  (2.E+6  psi) 

Shear  modulus  (G23)  =  6.9  GPa  (l.E+6  psi) 

Longitudinal  thermal  expansion  coefficient=l.E-6/°C  (-0.55E-6/T') 
Transverse  thermal  expansion  coefficient=l.E-6/°C  (-0.56E-6/T^) 
Longitudinal  heat  conductivity  =  43.4  J-m/hr/m  /°C 
=  (580  BTU-in/hr/in^/°F) 

Transverse  heat  conductivity  =  4.34  J-m/hr/mVC 
=  (58  BTU-in/hr/in^/°P) 

Heat  capacity  =  712  J/Kg/“C  (0. 17  BTU/lb/T*) 

Tensile  strength  =  3,723  MPa  (540  ksi) 

Compressive  strength  =  3,351  MPa  (486  ksi). 
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Table  2;  HMIIS  Epoxy  Matrix  Properties: 

Matrix  density  =  3.4E-7  kg/m^  (0.0457  ib/in^) 

Normal  modulus  =  4.27  GPa  (629  Ksi) 

Poisson's  ratio  =  0.34 

Coeffient  of  thermal  expansion  =  0.72/”C  (0.4E-4/*T) 

Heat  conductivity  =  1.25  BTU-in/hr/in^/T 

Heat  capacity  =  0.25  BTU/lb/T 
Tensile  strength  =  84  8  MPa  (12.3  Ksi) 

Compressive  strength  =  423  MPa  (61.3  Ksi) 

Shear  strength  =  148  MPa  (21 .4  Ksi) 

Allowable  tensile  strain  =  0.02 
Allowable  compressive  strain  =  0.05 
Allowable  shear  strain  =  0.04 
Allowable  torsional  strain  =  0.04 

Void  conductivity  =  16.8  J-m/hr/mVC  (0.225  BTU-in/hr/in^/TF) 
Glass  transition  temperature  =  216  °C  (420  °F) 


Table  3  -  AS-4/HMHS  Ply  Strengths 

Slut  =  1930.30  MPa  (280  ksi) 

SLtic=  1475.85  MPa  (210  ksi) 

Sl22t=  91.38  Mpa(  13  ksi) 

Sl22c  =  228.27  MPa  (  33  Ksi) 

Sli2  =  65.57  MPa  (9.5  Ksi) 

Si,23  =  59.98  MPa  (8  7  ksi) 

where  1,  2,  3  are  the  material  axes  of  the  ply.  The  direction  of  the  fibers  are 
parallel  to  1-axis  T  is  for  tension  and  C  is  for  compression. 
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Table  1:  AA-4  Graphite  Fiber  Properties: 

Number  of  fibers  per  end  =  10000 
Fiber  diameter  =  0.00762  mm  (0.3E-3  in) 

Fiber  Density  =  4.04E-7  Kg/m^  (0.063  Ib/in^) 

Longitudinal  normal  modulus  =  227  GPa  (32.9E+6  psi) 

Transverse  normal  modulus  =13.7  GPa  (1.99E+6  psi) 

Poisson's  ratio  (niz)  =  0.2 

Poisson's  ratio  (023)  =  0.25 

Shear  modulus  (G12)  =  13.8  GPa  (2.E+6  psi) 

Shear  modulus  (G23)  =  6.9  GPa  (1  .E+6  psi) 

Longitudinal  thermd  expansion  coefficient=l.E-6/°C  (-0.55E-6/°F) 
Transverse  thermal  expansion  coefficient=l.E-6/“C  (-0.56E-6/TF) 
Longitudinal  heat  conductivity  =  43.4  J-m/hr/m  l°C 
=  (580  BTU-in/hr/in^/TF)^ 

Transverse  heat  conductivity  =  4.34  J-m/hr/m^/“C 

=  (58  BTU-in/hr/in^n>) 

Heat  capacity  =  712  J/Kg/“C  (0.17  BTU/lb/°F) 

Tensile  strength  =  3,723  MPa  (540  ksi) 

Compressive  strength  =  3,351  MPa  (486  ksi). 


Table  2:  HMHS  Epoxy  Matrix  Properties: 

Matrix  density  =  3.4E-7  kg/m^  (0.0457  Ib/in^) 

Normal  modulus  =  4.27  GPa  (629  Ksi) 

Poisson's  ratio  =  0.34 

Coeffient  of  thermal  expansion  =  0.72/"C  (0.4E-4/TF) 

Heat  conductivity  =1.25  BTU-in/hr/in^/°F 
Heat  capacity  =  0.25  BTU/lb/T^ 

Tensile  strength  =  84.8  MPa  (12.3  Ksi) 

Compressive  strength  =  423  MPa  (61.3  Ksi) 

Shear  strength  =  148  MPa  (21.4  Ksi) 

Allowable  tensile  strain  =  0.02 
Allowable  compressive  strain  =  0.05 
Allowable  shear  strain  =  0.04 
Allowable  torsional  strain  =  0.04 

Void  conductivity  =  16.8  J-m/hr/m^/“C  (0.225  BTU-in/hrAn  /°F) 
Glass  transition  temperature  =  216  “C  (420  ®F) 


Table  3  -  AS-4/BnVIHS  Ply  Strengths 

Slut  =  1930.30  MPa  (280  ksi) 

Slug  =  1475.85  MPa  (210  ksi)  Sl22t=  91.38  Mpa  ( 13  ksi) 
Sl22c  =  228.27  MPa  ( 33  Ksi) 
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Su2  =  65.57  MPa  (9.5  Ksi) 
Sl23  =  59.98  MPa  (8.7  ksi) 


where  1,  2,  3  are  the  material  axes  of  the  ply.  The  direction  of  the  fibers  are 
parallel  to  1-axis.  T  is  for  tension  and  C  is  for  compression. 
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Table  5  -  Damage  Progression  Through  the  0.10  in.  Composite  Containment  at 
Node  5  (Graphite/Epoxy  0.6  FVR  0.01  WR) 
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Table  6  -  Damage  Progression  Through  the  0.15  in.  Composite  Containment  at 
Node  1)  (Graphite/Epoxy  0.6  FVR  0.01  WR) 
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Table  7  -  Damage  Progression  Through  the  0.25  in.  Composite  Containment  at 
Node  7  (Graphite/Epoxy  0.6  FVR  0.01  WR) 
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Table  8  -  Damage  Progression  Through  the  0.35  in.  Composite  Containment  at 
Node  7  (Graphite/Epoxy  0.6  FVR  0.01  WR) 
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Figure  1  -  Schematic  of  CODSTRAN  computational  simulation  cycle  (lower  part  - 

composite  mechanics,  upper  part  -  general  finite  element  structural  analysis). 


♦  MAXIMUM  STRESS  FAILURE  CRITERION. 

THE  SIX  PLY  STRESS  COMPONENTS  ARE  ALONG  THE  MATERIAL  AXES  . 
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igure  2  -  ICAN  ply  fracture  mod^  cntena 
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Figure  3  -  Schematic  of  CODSTRAN  load  incrementation  and  damage  progression  tracking. 
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Figure  4  -  Schematic  of  sample  case  evaluated  -  geometry,  loads,  and  composite. 


(0/145/90) 
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Figure  5  -  Schematic  of  composite  containment  shell  laminate  configuration  and  ply  stress 
definition. 
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igure  6  -  Sample  case  flnite  elemem 
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Figure  7  -  Expanded  finite  element  model  of  impact  site  -  nodes  at  which  damage  tracking  i 
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Figure  8  -  Effect  of  the  composite  containment  shell  thickness  on  the  impact/contact  velocity  of 
the  blade. 


angular  velocity  =  4000  rpm 
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time,  msec 

igure  9  -  Effect  of  the  composite  containment  shell  thickness  on  the  radial  displacement  at 


40000.0 
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angular  velocity  =  4000  rpm 
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Figure  11  -  Effect  of  the  composite  containment  shell  thickness  on  the  cumulative  damage 
sustained. 
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gure  12  -  Typical  impact  displacement  patterns  of  a  0.25  in  thick  composite  containment  shell 
prior  to  initial  damage  (37  kib  impact  force;  see  Figure  4  for  other  parameters). 
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Figure  13  -  Typical  impact  displacement  and  damage  patterns  of  a  0.25  in.  thick  composite 
containment  shell  ( 66  klb  impact  foree;  see  Figure  4  for  other  parameters). 
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Abstract 

The  fatigue  life  of  a  gas  turbine  disk  attachment  is  affected  by  several 
variables  such  as  surface  finish,  material  fatigue  property,  blade  and  disk 
attachment  tolerances,  temperature,  and  stresses.  The  traditional  life  prediction 
approach  generally  treats  all  variables  except  the  material  fatigue  property  as 
invariants  which  are  established  at  certain  design  parameters.  The  design 
parameters  are  usually  fixed  at  some  probable  level  or  at  some  conservative  value. 
Because  the  traditional  approach  ignores  the  effects  of  most  variables  on  fatigue 
life,  it  results  in  component  designs  with  inconsistent  risks.  That  is,  some 
component  designs  may  be  overly  conservative  when  compared  to  others  in  the 
same  engine.  This  inadequacy  of  the  traditional  method  can  be  eliminated  by 
treating  the  dominant  variables  probabilistically. 

A  probabilistic  method  was  used  to  evaluate  the  fatigue  life  of  T800-LHT- 
801  gas  generator  turbine  (GGT)  disks  two-lobe  attachments.  Disk  and  blade 
attachment  tolerances  and  material  fatigue  properties  were  established  as  the  two 
dominant  variables  on  attachment  life.  Manufacturing  tolerances  for  disk  and 
blade  attachments  were  monitored  with  an  Automated  Disk  Slot  Inspection 
System  (ADSIS).  Results  show  that  disk  and  blade  attachment  tolerances  are  well 
controlled  in  a  narrow  band  smaller  than  allowable  values.  A  comprehensive 
research  program  was  conducted  to  determine  the  fatigue  property  distribution  for 
the  disk  attachment  material,  wrought  nickel  base  alloy  Udimet  720LI.  An 
emphasis  was  placed  on  the  effects  of  surface  condition  produced  by  the 
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attachment  broach  machining  operation.  A  significant  quantity  of  configured  notch 
fatigue  specimens  were  manufactured  with  production  broach  tooling  and  shot 
peened  according  to  required  specifications.  A  resultant  bi-modal  fatigue  life 
distribution  was  used  in  the  life  analysis.  A  Monte  Carlo  simulation  method  was 
used  to  couple  the  material  fatigue  property  distribution  with  the  tolerance 
distribution  to  produce  an  outcome  distribution  of  disk  attachment  lobe  life. 

Background 

The  firtree  slots  of  gas  turbine  disks  serve  as  attachment  points  for  inserted 
blades.  The  Light  Helicopter  Turbine  Engine  Company’s  (LHTEC)  T800-LHT- 
801  gas  generator  turbine  disks  use  a  two-lobed  attachment  design.  The  disk 
material  is  a  nickel  base  wrought  alloy,  Udimet  720  Low  Inclusion  (LI),  and  the 
blades  are  single  crystal  (SC)  180. 

The  criteria  for  establishing  a  minimum  service  life  for  attachment  regions 
on  turbine  disks  is  based  on  customer  requirements.  A  widely  accepted  minimum 
life  design  requirement  is  based  on  a  “-3a  minimum”.  Turbine  disk  attachment 
lives  must  be  assessed  accordingly  and  risk  should  remain  consistent  from  one 
location  to  the  next.  For  example,  the  bore  should  be  analyzed  with  the  same  level 
of  risk  as  the  attachment.  Disk  attachment  cycle  life  calculations  are  traditionally 
based  on  deterministic  approaches  which  treat  material  fatigue  properties 
probabilistically  while  other  variables  are  held  constant  at  specified  design  levels. 
If  the  variables  are  treated  as  invariants  held  at  overly  conservative  values,  a  rate  of 
occurrence  well  below  -3a  can  occur. 

Disk  Attachment  Variables 

Variables  such  as  operating  speeds  and  temperatures,  fnction  between  the 
disk  and  blade  attachment,  disk  and  blade  attachment  profile  tolerances,  surface 
finish,  and  material  fatigue  properties  influence  turbine  disk  attachment  life.  For 
the  T800-LHT-801  gas  generator  turbine  disks,  material  fatigue  property  and 
tolerances  were  established  as  the  dominant  variables  which  influence  disk 
attachment  life.  All  other  influences  (speed,  temperature,  fnction)  are  held 
constant  at  appropriate  design  values.  The  effects  of  material  fatigue  properties 
and  tolerances  are  described  in  the  following  subsections. 

Material  Fatigue  Properties:  Effect  of  Surface  Condition 

Broaching  is  a  material  removal  process  that  is  used  to  produce  attachment 
slots  in  turbine  disks.  Fatigue  crack  initiation  in  broached  attachments  is 
predominantly  a  surface  phenomenon  that  is  dependent  upon  broaching  parameters 
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and  surface  treatments.  Figure  1  shows  a  500X  photograph  of  a  broached  surface 
in  a  disk  slot.  The  broach  machining  grooves  are  detrimental  to  fatigue  life  since 
they  act  as  local  stress  concentrations.  Shot  peening  is  a  surface  treatment  that  is 
applied  to  improve  fatigue  life.  The  shot  peening  process  produces  compressive 
residual  stresses  near  the  surface  of  a  part.  Shot  peening  also  acts  as  a  method  to 
reshape  and  blend  the  machining  grooves  produced  by  broaching. 


Figure  1 .  5  OCX  photograph  of  broach  machining  marks  in  a  turbine  disk 
attachment  slot. 

A  test  program  was  developed  to  evaluate  the  effects  of  surface  condition 
on  the  low  cycle  fatigue  (LCF)  life  of  Udimet  720LI.  Specimens  were  removed 
from  disk  forgings  and  broached  with  the  tools  used  for  manufacturing  T800  gas 
generator  turbine  disks.  Figure  2  shows  an  illustration  of  a  broached  specimen. 
The  slot  bottom  notch  is  the  critical  location  on  the  specimen.  A  test  matrix  based 
on  a  design  of  experiment  (DOE)  approach  was  used  in  this  study.  Conditions 
such  as  as-broached  (without  shot  peening)  and  variations  in  the  shot  peening 
process  were  studied.  Results  for  the  conditions  used  to  manufacture  production 
disks  are  presented  here. 


Load 


Broach  Slot  (T800  Gas  Generator 
Broach  Tooling) 


Load 

Broached  Specimen 

Figure  2.  Illustration  of  configured  specimen  (Double  notch,  LCF,  load 
controlled) 

Shot  peening  was  applied  according  to  component  specifications.  A 
significant  quantity  of  specimens  were  tested  at  a  single  stress  and  temperature  that 
simulates  engine  operating  conditions.  Figure  3  shows  a  Weibull  probability  plot 
of  the  fatigue  specimens  tested  at  one  condition.  The  x-axis  in  Figure  3  represents 
cycles  to  crack  initiation  and  the  y-axis  represents  the  cumulative  number  of 
occurrences.  Crack  initiation  cycles  were  based  on  a  typical  detectable  flaw  size 
for  an  elliptical  surface  crack. 


Figure  3.  Weibull  plot  of  broached  Udimet  720  LI  fatigue  specimens  with  shot 
peen. 
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Figure  3  shows  a  distinct  separation  of  failure  mechanism  for  shot  peened 
data.  Two  of  the  shot  peened  specimens  experienced  a  substantially  lower  life  than 
the  other  specimens  in  the  sample.  The  low-life  specimens  were  examined  in  detail 
and  no  indication  of  surface  anomaly  was  found.  Fractography  shows  that  the 
low-life  shot  peened  specimens  initiated  cracks  at  the  surface  where  the  remaining 
samples  initiated  cracks  at  subsurface  crystallographic  sites.  Since  two  modes  of 
failure  (surface  versus  subsurface)  occurred,  a  bi-modal  fatigue  property 
distribution  exists. 

These  results  show  that  shot  peening  has  a  certain  amount  of  inherent 
scatter  resulting  from  low-life  dropouts.  A  dropout  is  described  as  a  specimen 
with  a  low  life  and  an  uncharacteristic  surface  initiation  while  the  majority  of  the 
other  samples  have  subsurface  initiations.  The  two  specimens  with  a  low  life  and  a 
surface  initiation  represent  approximately  5%  of  the  specimen  sample. 

Effect  of  Tolerance: 

Three  dimensional  finite  element  analysis  shows  that  disk  to  blade  tolerance 
has  a  significant  influence  on  attachment  stresses.  Tolerances  can  result  in  uneven 
load  sharing  for  the  two  attachment  lobes.  Worst  case  tolerances  result  in 
maximum  lobe  stresses.  Figure  4  shows  an  illustration  of  the  tolerances  associated 
with  a  two-lobed  disk  and  blade  attachment.  Figure  4  also  shows  how  tolerances 
combine  to  produce  a  gap.  Gap  is  a  measure  of  the  difference  in  tolerance  when 
the  disk  and  blade  are  coupled.  A  gap  on  the  inner  lobe  results  in  higher  loading 
on  the  outer  lobe  and  a  gap  on  the  outer  lobe  results  in  higher 


loading  on  the  inner  lobe. 

®  2-Lobe 


Inner  Lobe  Outer  Lobe 

Loading  Loading 


Figure  4.  Illustration  of  disk  and  blade  tolerances  and  resulting  gap  and 
load  split. 
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Figures  5  and  6  show  actual  tolerances  measured  for  gas  generator  turbine 
disks  and  blades.  The  inspections  were  performed  with  an  automated  disk  slot 
inspection  system  (ADSIS).  There  are  28  disks  from  two  separate  lots  represented 
in  Figure  5.  Five  slots  were  measured  from  each  disk.  These  results  show  that 
disk  and  blade  tolerances  are  well  within  the  current  print  limits. 


T800-LHT-801  GOT  DISK  SLOT  LOBE-TO-LOBE  TOLERANCE  DIMENSION 


Figure  5.  Actual  disk  attachment  tolerances  measured  with  an  automated  disk  slot 
inspection  system  (ADSIS). 


T800-LHT-801  GOT  BLADE  ATTACHMENT  BEARING  SURFACE  TOLERANCE 


BLADE  SERIAL  NUMBER  (sequential) 


Figure  6.  Actual  gas  generator  turbine  blade  attachment  tolerances. 
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Monte  Carlo  Simulation 


A  Monte  Carlo  simulation  was  used  to  assess  the  combined  influence  of  the 
input  variables  (fatigue  data  and  tolerances)  on  attachment  stresses  and  disk 
attachment  life.  The  simulation  proceeds  by  generating  independent  random  values 
for  each  input  variable.  The  resulting  input  values  are  used  to  establish  the  output 
values  based  on  parametric  relations.  These  steps  are  repeated  for  a  large  sample 
(i.e.  100,000  disk  simulation)  and  the  distribution  of  the  output  is  established. 
Figure  7  illustrates  the  simulation  process. 


Figure  7.  Illustration  of  the  Monte  Carlo  simulation  process  which  includes 
variation  in  tolerance  and  material  fatigue  property. 


Variables  and  Distributions 

Specimen  Fatigue  Data:  Specimen  data  was  used  to  establish  the  material 
fatigue  life  input  distribution.  The  material  fatigue  life  distribution  was  generated 
from  the  bi-modal  fatigue  property  presented  in  Figure  3.  The  material  fatigue 
property  distribution  was  based  on  the  Weibull  parameters  for  95%  high  life  (no 
dropouts)  and  5%  low  life  data.  Figure  8  shows  a  100,000  fatigue  specimen 
distribution  simulated  in  the  Monte  Carlo  process. 
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OUTPUT  DISTRIBUTION  FOR  MATERIAL  FATIGUE  PROPERTY 


Figure  8.  Probability  plot  of  output  distribution  for  material  fatigue  property  based 
on  a  Monte  Carlo  simulation  of  shot  peen  data  with  5%  dropout  rate. 

Gap:  The  dimensional  tolerances  of  the  disk  attachment  are  based  on  the 
nominal  or  mean  dimensions  of  the  broach  slots  and  the  standard  deviation  or 
scatter  associated  with  the  machining  operation.  The  mean  dimensions  of  the 
broach  are  assumed  to  be  a  uniform  or  random  distribution  while  the  standard 
deviation  or  scatter  associated  with  the  machining  operation  is  assumed  to  be  a 
normal  distribution  about  the  mean.  The  tolerance  mean  can  vary  anywhere 
between  the  upper  and  lower  tolerance  limits.  The  data  displayed  in  Figures  5  and 
6  was  used  to  establish  broach  and  blade  attachment  scatter.  For  simulation 
purposes,  the  mean  tolerance  for  both  the  disk  and  blade  is  allowed  to  be  at  the 
upper  or  lower  limit.  Figure  9  shows  an  illustration  of  the  tolerance  distribution 
assumed  for  the  disk  and  blades. 

Lower  Limit  Upper  Limit 


Figure  9.  Illustration  of  the  disk  and  blade  tolerance  distribution  as.sumed  for  the 
Monte  Carlo  simulation. 
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The  total  gap  is  a  combination  of  the  tolerances  for  the  disk  and  blade. 
Figure  10  shows  the  resulting  Monte  Carlo  distributions  for  disk  and  blade 
tolerances  and  the  combined  gap.  The  distributions  in  Figure  10  were  based  on  a 
100,000  disk  simulation.  Note  that  disk  and  blade  tolerances  resemble  a  uniform 
distribution  between  the  upper  and  lower  tolerance  limits.  For  the  purpose  of  the 
simulation  only,  scatter  allows  tolerance  limits  to  be  exceeded.  The  Monte  Carlo 
distributions  resemble  the  illustrated  distribution  shown  in  Figure  9. 


OOT1  BLADE  FIRTREE  TOLERANCE  DISTRIBUTION  OOT1  DISK  LOBE  TOLERANCE  DISTRIBUTION 


OlFFeRENCE  FROM  NOMIML,  heh«i 


(d-b) 

Figure  10.  Disk  and  blade  tolerances  and  resulting  gap  produced  by  the  Monte 
Carlo  simulation  (100,000  disk  simulation). 

Figures  5  and  6  showed  actual  plots  of  lobe  to  lobe  tolerance  variation  for 
disks  and  blades.  Figures  5  and  6  show  that  tolerance  is  well  within  the  print 
limits.  Most  tolerances  did  not  exceed  +40%  of  the  limits.  This  indicates  that  the 
distributions  used  in  the  Monte  Carlo  simulation  are  conservative  since  mean 
tolerances  are  allowed  to  vary  from  ±  print  limits  and  scatter  allows  limits  to  be 
exceeded. 

Parametric  Relations 

Once  the  tolerance  and  gap  distributions  have  been  established,  a 
parametric  relation  between  stress  and  gap  must  be  developed.  Parametric 
relations  are  a  set  of  equations  that  present  the  output  variables  in  terms  of  input 
variables.  The  load  distribution  in  the  attachment  region  is  dependent  upon  the 
magnitude  and  sign  of  the  gap.  If  the  disk  and  blade  for  a  particular  attachment 
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are  both  positive,  the  gap  will  be  positive  and  the  majority  of  the  load  will  be 
applied  to  the  inner  lobe.  If  the  total  gap  is  negative,  the  majority  of  the  load  will 
be  applied  to  the  outer  lobe.  The  parametric  relations  were  established  from  3- 
dimensional  (3D)  and  2-dimensional  (2D)  finite  element  analysis.  Figure  1 1  shows 
a  plot  of  the  stress  versus  gap  relation  for  the  inner  and  outer  lobes  of  a  gas 
generator  disk. 

RELATION  OF  GGT1  INNER  AND  OUTER  LOBE  STRESSES  TO 
GAP 


Di£ference  From  Line-On-Line  Gap 


LolM  LlrM4»’Un*  lnn«r  Lotos 

Lowlino  ^  LoMins 


Figure  1 1 .  Relation  of  lobe  stress  to  gap  for  the  gas  generator  disk  inner  and  outer 
lobes. 

Output  Distribution  and  Minimum  Life  Assessment 

After  establishing  the  variables  and  parametric  relations,  the  Monte  Carlo 
simulation  can  be  applied.  Disk  life  is  the  final  output  distribution  and  is  found  by 
relating  the  gap  stresses  to  the  material  fatigue  properties.  Schemes  for 
interpolating  between  different  temperatures  and  stresses  are  also  included.  The 
lives  are  sorted  and  assessed  for  -3o  or  0.135%  minimum  and  50%  average  life. 
Figure  12  shows  an  example  output  distribution  for  a  gas  generator  disk  inner 
lobe. 
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OUTPUT  DISTRIBUTION  FOR  GGT1  INNER  LOBE 


Figure  12.  Probability  plot  showing  output  distribution  of  inner  lobe  lives  based 
on  Monte  Carlo  simulation  with  material  fatigue  property  and 
tolerance  variation  included. 

Summary  and  Conclusions 

•  A  Monte  Carlo  simulation  was  used  to  couple  the  material  fatigue  property 
distribution  and  the  tolerance  distribution  to  produce  an  outcome  distribution 
of  disk  attachment  lobe  life. 

•  Broached  specimens  with  shot  peening  resulted  in  a  bi-modal  fatigue  property 
distribution.  Shot  peening  on  average  improves  fatigue  life  but  low-life  scatter 
at  a  rate  of  approximately  5%  occurred. 

•  Inspections  of  actual  hardware  show  that  worst  case  tolerances  rarely  occur. 
Inspected  tolerances  were  well  within  print  limits. 

•  Tolerance  distributions  were  established  by  allowing  disk  and  blade  tolerances 
to  vary  uniformly  between  print  limits.  Tolerance  scatter  was  established  from 
actual  inspection  data. 

•  Finite  element  analysis  was  used  to  establish  the  relation  of  tolerances  to  disk 
lobe  stresses. 

•  The  results  from  the  traditional  method  provide  an  overly  conservative  risk  that 
is  impractical  for  design  considerations.  A  comparison  of  the  minimum  life 
calculated  by  the  traditional  method  to  the  disk  life  distribution  from  the 
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probabilistic  method  shows  that  the  traditional  method  produces  a  risk  well 
below  the  -3a  design  requirement.  For  the  gas  generator  inner  lobe,  the 
minimum  life  determined  by  the  traditional  method  using  worst  case  tolerances 
and  -3  a  material  fatigue  properties  would  provide  a  risk  of  approximately  - 
4.5a  (1  in  »  300,000  disk  failures)  when  compared  to  the  probabilistic  disk  life 
distribution. 

•  The  probabilistic  method  that  includes  tolerance  variation  and  material  fatigue 
properties  provides  a  method  where  the  -3a  design  requirement  can  be  met. 
The  probabilistic  method  provides  the  appropriate  life  method  for  evaluating 
the  T800-LHT-801  disk  attachment  lobes. 
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The  Future  Direction  and  Development  of  Engine  Health  Monitoring 
(EHM)  Within  the  United  States  Airforce 
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Wright  Laboratory 
Wright  Patterson  Air  Foree  Base 
Dayton,  Ohio  45433-7251 


ABSTRACT 

1 .  The  ability  to  trend  an  engine’s  performanee  has  been  possible  ever  since  James 
Watt  fired-up  his  first  steam  engine;  however,  the  development  of  the  ability  to  monitor 
and  predict  an  engine’s  life,  health  and  performance  has  not  kept  abreast  with  technology. 
Advancements  like  model  based  digital  engine  control  management  and  the  use  of  data 
management  buses  have  enabled  us  to  obtain  considerable  sensed  data  whilst  the  engine 
is  running.  With  major  advances  in  computer  science  and  production  control  technologies 
we  can  now  realize  a  true  cognitive  (awareness),  ontogenetic  (learning  organism)  engine 
health  monitoring  (EHM)  system. 

2.  The  DOD’s  engine  development  towards  increased  power  to  weight  goals  and  the 
need  to  show  improved  reliability  will  obligate  major  advances  in  control  and  diagnostic 
technologies.  The  acquisition  of  real  time  engine  data  is  already  achievable,  however  the 
interpretation  and  utilization  of  such  data  is  difficult.  Thus  by  actively  advancing 
technology  we  can  realize  a  true  cognitive  and  ontogenetic  (CO)EHM  system  that  will 
trend  and  predict  the  performance,  life  consumption  and  health  of  an  engine  in  real  time. 
The  USAF’s/DOD’s  research  &  development  activities  are  firmly  assisting  in  the 
development  work  that  is  required  to  provide  a  future  COEHM  system  that  can  be  truly 
called  artificial  intelligence  (AI)  based.  These  activities  will  bring  about  technologies  to 
make  accurate  predictions  and  provide  technical  solutions  so  as  to  reduce  engine  life 
cycle  costs  and  enhance  operational  capabilities. 

THE  ENGINE  MONITORING  (EM)  GOALS 

3.  The  increasing  emphasis  on  improved  affordability,  availability  and  safety 
prompted  has  prompted  an  investment  in  improved  embedded  engine  diagnostic 
technologies;  this  approach  has  been  called  ‘Autonomies’.  The  focus  of  this  investment 
was  to  select  the  “low  hanging  Suit,”  i.e.  the  relatively  high  value  low  risk  problems. 
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Although  extensive  improvements  in  diagnostic  capability  for  controls,  accessories  and 
lubrication  system  components  have  been  incorporated  in  the  latest  generation  engines, 
the  diagnostic  coverage  for  gas  path  does  requires  further  development.  Problems  with 
gas  path  structures  relate  to  approximately  30%  of  current  fighter  engine  in-flight 
shutdowns. 

4.  The  DOD’s/USAF’s  Integrated  High  Performance  Turbine  Engine  Technology 
(IHPTET)  goals  for  performance,  weight  reduction,  reliability  and  life  cycle  costs  will 
need  accurate  and  timely  data.  These  objectives  will  only  be  achieved  through  an  EM 
system  that  provides  real  time  monitoring  and  health  information.  Therefore  IHPTET 
needs  a  COEHM  system  that  will  monitor,  trend,  diagnose,  predict  and  inform.  This 
paper  addresses  some  of  the  research  and  development  programs  and  the  required 
methodologies  that  will  help  achieve  real  time  AI  EM. 

EM  DEVELOPMENT 

5.  The  development  of  an  AI  EM  system  will  need  to  use  tools  such  as  data  filters, 
polynomials,  fuzzy  logic,  expert  systems,  probabilistics  and  neural  networks.  This  list  is 
not  exhaustive  and  will  require  the  application  of  novel  approaches  to  give  the  system  the 
ability  to  make  accurate  prediction  before  the  event  it  is  monitoring  happens.  A  COEHM 
system  will  provide  fast  and  accurate  diagnostic  and  prognostic  information  to  reduce 
maintenance  times,  no  fault  founds  and  turn  round  times.  The  improved  critical  life 
management  aspect  will  reduce  engine  life  cycle  costs.  Therefore  the  development  of  a 
COEHM  system  will  considerably  reduce  engine  cost  of  ownership,  enhance  operational 
capabilities  and  overcome  loss  of  technical  experience  due  to  personnel  downsizing. 

COEHM  METHODOLOGY 

6.  The  COEHM  Methodology  approach  (pictorially  shown  at  fig  1)  requires  an 
integrity  check  through  a  Data  Integrity  Module  for  all  data  inputted  and  will  compare 
thjs  to  imperial  data  as  well  as  real  time  model  data  from  the  Engine  Model  Module.  The 
Engine  Model  Module  feeds  accurate  data  for  real  and  derived  parameters  into  the  Life 
Control,  Alerts  and  Diagnostic  Modules.  The  Health  Module  will  be  able  to  make 
comparisons  between  the  data  coming  from  the  engine,  those  derived  from  the  model  and 
those  performance  curves  that  were  obtained  during  engine  pass  off  and  are  now 
contained  within  the  Individual  Engine  Model  Module.  The  system  feeds  life,  alerts  and 
health  data  directly  to  maintenance  staff  or  can  be  feed  through  an  Ontogenetic 
Prognostic  (i.e.  true  AI)  Module  that  will  improve  the  probability  of  identifying  the 
outcome  of  current  or  future  events;  this  final  module  will  give  the  maintainer  a  true 
diagnostic  and  prognostic  capability  that  is  accurate  and  fast.  As  a  modular  approach  the 


system  concept  can  be  modified  to  meet  the  needs  of  the  user  and  as  such  can  be  applied 
to  aging  aircraft  as  well  as  those  currently  in  service  and  planned  for  the  third 
millennium. 


Fig  1 


7.  COEHM  Model  Based  Diagnostic  &  Performance  Algorithms.  The  Engine 
Model  Module  is  a  model  based  diagnostics  system,  which  can  be  used  to  improve 
performance,  increase  reliability  and  sortie  generation  rate,  and  so  reduce  maintenance 
costs.  This  system  features  a  real-time,  nonlinear,  physics  based,  dynamic  model  of  the 
engine  embedded  in  the  engine  controller  (FADEC)  or  as  part  of  the  EM  system.  This 
model  is  updated  in  real-time  using  a  tracking  filter  to  match  actual  engine  characteristics. 
Model  computed  values  can  then  be  passed  to  the  Health  &  Diagnostic  Module.  Some 
gas  path  structural  failures  occur  with  significant  precursors  identifiable  in  performance 
parameters.  To  date  normalizing  performance  parameters  sufficiently  to  detect  and  isolate 
these  precursors  has  been  difficult.  The  advent  of  adaptive  on-board  performance 
simulations  has  provided  normalized  gas  path  performance  parameters  that  are 
proportional  to  changes  in  engine  module  performance.  This  methodology  utilizes  these 
parameters  and  a  neural  network  to  improve  detection  accuracy. 
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8.  COEHM  Health  &  Diagnostics  Approach.  Advancing  the  USAF’s  capabilities 
in  engine  life  measurement,  diagnostic  and  prognostics  capability  of  critical  engine 
components  is  necessary  to  improve  engine  availability,  minimize  performance 
degradation,  and  reduce  life  cycle  costs.  Engine  data  currently  sensed  and  recorded  for 
post  flight  processing  can  be  analyzed  in  a  continuous  real-time  mode  ’within  the  Health 
&  Diagnostic  Module.  Proven  AI  technologies  such  as  neural  networks,  fuzzy  logic  and 
expert  systems  present  an  opportunity  to  significantly  enhance  current  trending  and 
diagnostic  capabilities  in  a  real-time  monitoring  environment.  For  fault  detection  and 
accommodation,  extensive  knowledge  of  how  a  healthy  engine  operates  under  given 
conditions  will  be  analyzed,  and  any  deviation  from  this  ‘normal’  pattern  of  expected 
parameters  will  be  detected  and  further  analyzed.  The  same  sensed  data  will  be  used  as 
inputs  to  life  usage  algorithms  in  the  Life  Control  Module  and  will  determine  critical 
component  remaining  life  based  on  actual  experienced  severity. 

9.  Probahilistic  Method  (PMf  for  Life  Management  and  Diagnostics.  The  use  of 
PM  for  the  development  of  improved  design  and  life  sensitivities  has  been  achievable  for 
some  years,  and  we  can  now  more  accurately  design  and  life  a  component.  The  growth  in 
computing  power  has  freed  this  statistical  tool  and  allows  the  application  of  resolving 
tools  such  as  Monte  Carlo,  Second  Order,  Taylor  Expansion,  Orthogonal  Array  etc.  The 
extension  of  PM  for  the  production  of  generic  High  Cycle  Fatigue  (HCF)  codes  will 
require  validation  and  verification  (V&V)  of  the  sensitivities  that  were  applied.  The 
function  of  a  PM  V&V  tool  would  be  ideally  suited  to  run  concurrent  with  the 
component,  so  as  to  assure  that  the  real  time  experience  reflects  the  one  assumed  at  the 
design  stage. 

10.  The  ability  of  a  PM  code  to  apply  sensitivity  to  data  will  further  increase  the 
chances  of  identifying  the  cause  of  an  engine’s  fault  (diagnostics)  or  deducing  the  most 
likely  health  or  performance  outcome  (prognostics).  Probabilistic  as  a  real-time 
diagnostic,  prognostics  and  life  management  tool  'will  be  an  important  contributor  to 
producing  a  COEHM  as  well  as  to  help  meet  the  IHPTET  goal  of  reducing  maintenance 
costs.  The  application  of  a  global  genetic  ‘optimization’  probabilistic  tool  will  improve 
the  sensitivity  for  diagnostic  and  prognostic  speed  and  accuracy.  The  use  of  P  M  for 
V&V,  fault  isolation,  identification  and  prediction  still  needs  further  development. 

DATA  NEEDS  FOR  A  COEHM  SYSTEM 

1 1 .  ‘Total  System’  Sensing.  The  need  for  data  integrity  is  a  comer  stone  of  an 
effective  COEHM  approach,  and  the  ability  to  model  real  time  data  or  virtual  data 
(Reference  1)  are  major  steps  towards  a  true  understanding  of  the  engine’s  health. 
However  there  is  a  need  for  a  more  ‘total  system’  approach  to  sensing  data  and  this  is 
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pictorially  shown  at  fig  2.  A  ‘total  system’  approach  to  data  sensing  will  require  the 
application  of  new  advances  in  sensing  technology.  The  concerns  about  any  sensing 
expansion  is  weight  and  reliability  and  so  the  approach  must  be  towards  function 


Fig  2 


amalgamation  and  simplification,  e.g.  we  will  develop  sensors  and  methodologies  that 
will  perform  both  vibration  and  speed  or  temperature  and  speed  monitoring.  The 
development  of  more  passive  sensors  will  improve  reliability  in  that  they  only  need  to 
detect  changes  in  amplitude  or  frequency. 

12.  FOP  Detection  «&  Exhaust  Emissions  Analysis  .  The  increasing  complexity  of 
modem  aircraft  inlet  stmctures  will  increase  the  maintenance  burden  for  routine 
inspections  for  Foreign  Object  Damage  (FOD).  FOD  detection  technology  (acoustic, 
radar  or  electrostatic)  will  reduce  the  maintenance  burden  by  providing  an  automatic 
FOD  detection  capability;  it  does  require  detailed  signature  profiles  of  events  to  be 
effective.  The  systems  are; 

a.  Acoustic.  The  acoustic  approach  utilizes  close  coupled  high  response  pressure 
transducers  and  advanced  signal  processing  to  detect  the  acoustic  energy  emitted  when  a 
engine  fan  blade  is  impacted  by  a  damaging  foreign  object.  This  concept  focuses 
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on  the  characterization  of  the  acoustic  signal  generated  by  impact  and  the  detectability  of 
that  characteristic  within  the  normal  engine  background  noise  environment.  Laboratory 
and  engine  testing  demonstrated  that  this  detection  technology  is  practical  with  high 
accuracy  for  cases  of  blendable  FOD. 

b.  Radar.  The  radar  approach  was  initially  designed  to  detect  blade  damage.  The 
system  uses  a  low  power  radar  emission  and  detection  system  within  the  inlet;  this 
approach  has  already  been  able  to  detect  1mm  defects  in  blades  as  far  back  as  the 
compressor’s  third  stage.  The  system  goal  is  to  determine  the  type  and  characteristics  of 
all  possible  FOD  ingested  by  an  engine.  The  technology  can  already  derive  velocity  and 
relative  mass  and  can  determine  the  difference  between  a  split  pin  and  other  metallic 
objects. 

c.  Electostatic.  The  electrostatic  approach  monitors  both  the  inlet  and  outlet  gas 
path.  It  employs  an  electro-magnetic  detector  in  the  inlet  as  well  as  one  in  the  outlet.  The 
system  monitors  the  change  in  ionization  of  the  gas  path  and  is  more  complex  than  the 
approaches  detailed  above  and  as  such  requires  a  high  rate  of  data  acquisition  and 
considerable  computer  power  to  perform  diagnostic  and  prognostic  evaluations. 

Electrostatic  Engine  Monitoring  (EEM)  has  been  a  technology  that  has  shown  promise 
since  the  early  1970s.  Many  evaluations  from  laboratory,  to  engine  and  flight  testing 
have  shown  that  material  within  the  engine  gas  path  is  detectable  as  charge  particles 
either  entering  or  exiting  the  engine  gas  stream.  The  early  attempts  to  employ  this 
technology  were  troubled  by  false  indications  and  problems  in  setting  thresholds  for 
normal  versus  abnormal  signatures.  New  sensing  electronics  and  signal  processing 
software  promise  to  overcome  these  problems. 

1 3 .  Non  Synchronous  Vibration  -  HCF.  The  failure  of  an  aircraft’  s  gas  turbine 
engine  can  be  catastrophic.  Similarly,  millions  of  aviation  industry  maintenance  man¬ 
hours  are  spent  each  year  inspecting  for  the  precursors  to  HCF  damage.  HCF  is  caused  by 
resonance,  and  whilst  its  effects  in  a  gas  turbine  can  be  reduced  by  avoiding/eliminating 
resonance  at  the  design  stage,  changes  in  usage  or  configuration  can  unknowingly 
introduce  HCF.  HCF  differs  from  Low  Cycle  Fatigue  (LCF)  in  that  the  fatigue 
mechanism  from  varying  loads  of  smaller  amplitude  but  much  higher  frequency.  This 
will  cause  rapid  propagation  of  a  crack  and  lead  to  failure  in  a  short  time.  The 
combinations  of  parameters  which  generate  HCF  are  much  more  difficult  to  define  and 
predict,  than  the  well  characterized  conditions  which  are  associated  with  LCF.  An 
accurate  and  effective  means  of  monitoring  HCF  damage  and  diagnosing  it  would  be 
essential  for  COEHM  system. 

14.  Real-Time  Vibration  Monitoring  &  Improved  Vibration  Analysis.  The  need 
to  measure  true  individual  blade  vibration  is  essential  to  any  active  vibration  control 
system  or  to  accurately  deduce  where  a  component  is  on  its  life  to  failure  curve. 

s _ _ _  ^ 
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The  current  technology  of  using  accelerometers  is  adequate  for  determining  out  of 
balances  or  identifying  a  pump  malfunction,  but  they  have  application  and  environmental 
limitations.  Therefore  new  approaches  are  required  to  the  measurement,  in  real  time,  of 
vibrational  forces  being  experienced  inside  an  engine.  The  technologies  that  could  be 
used  are  almost  limitless,  but  some  of  the  current  thinking  is  towards: 

a.  Acoustic.  Required  only  to  pick  up  the  acoustic  changes  in  a  passing  blade, 
but  does  require  an  expert  interpretation  of  the  resolved  frequencies.  The  sensor  is  passive 
in  that  it  only  receives  and  has  no  emit  requirement.  The  rotational  speed  as  well  as 
pressure  can  also  be  easily  monitored. 

b.  Blade  Tip  Deflection  Sensors.  This  system  uses  time  measurement  to 
determine  the  dynamic  tip  deflection.  The  optical  probes  are  located  over  the  blades  being 
monitored  and  laser  light  is  used  to  detect  changes  in  the  position  of  a  blade,  and  as  such 
can  be  directly  related  to  vibration  (Reference  2).  The  reflected  light  process  is  more 
complex  than  an  acoustic  sensor  but  can  provide  rotational  speed  as  well  as  thermal  data 
when  used  in  conjunction  with  thermographic  phosphors. 

c.  Eddy  Current.  With  a  eddy  current  probe  mounted  on  the  shaft  then  any 
changes  in  an  electro-field  can  be  resolved  directly  into  a  vibration.  The  system  can  also 
deduce  rotational  speed  and  torque.  The  inherent  property  of  a  rotating  mass  is  that  it 
vibrational  signature  changes  dramatically  if  it  has  a  defect,  and  as  such  this  approach 
could  also  detect  blade  or  disc  cracks, 

d.  Oil  Monitoring.  The  use  of  in  line  real  time  oil  monitoring  (Reference  3  )  will 
identify  the  mass  £ind  density  of  any  bearing  material  in  the  oil  system.  As  bearing  break¬ 
ups  follow  a  characteristic  bum  out  curve  the  comparison  of  vibrational  data  and  bearing 
debris  data  will  help  identify  more  accurately  incipient  bearing  failures. 

15.  Real-Time  Crack  Detection.  The  ability  to  accurately  design  and  so  predict  a 
defect  free  component  is  driven  by  the  need  to  control  life  cycle  costs  within  technology 
constraints.  The  greater  the  need  to  produce  a  defect  free  component  then  the  greater  are 
the  potentials  to  gain  additional  cost  or  performance  benefits  (design  and  manufacturing 
cost  reductions,  weight  reductions,  life  extension  and  improved  damage  tolerence).  This 
approximation  of  events  is  shown  at  fig  3.  However  there  will  never  be  a  point  of  zero 
failure  and  so  we  must  consider  the  need  for  a  real-time  crack  detection  system.  The 
current  technologies  would  lend  to  the  development  of  a  system  to  detect  cracks  using 
eddy  currents  or  X-Ray  Tomography  (Reference  4). 

IMPROVED  LIFE  ALGORITMS 

16.  The  effectiveness  of  monitored  data  depends  on  how  it  is  interpreted.  The  used  of 
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life  algorithms  are  well  understood  to  equate  a  total  life  as  well  as  deduce  a  life  used.  To 


Fig  3 

das,e  the  accuracy  of  these  algorithms  have  been  adequate,  but  a  more  precise  approach  is 
now  required.  The  tracking  of  engine  usage  has  progressed  from  manually  recorded 
engine  operating  time  to  today’s  standard  of  total  accumulated  cycles  based  on 
monitoring  of  speed  gates.  Even  today’s  approach,  however,  is  a  rough  approximation  of 
actual  life  consumption  during  normal  engine  operation.  These  rough  approximations 
result  in  considerable  uncertainty  in  setting  inspection  intervals,  and  can  result  in 
inspections  occurring  too  late,  impacting  safety  or  too  early,  impacting  availability.  The 
development  of  advance  life  algorithms  rely  on  design  structural  analysis  equations  and 
on-board  measurements  to  improve  accuracy.  The  use  of  Probabilistic  as  a  design  and  life 
tool  was  defined  at  para  9  and  reflects  the  current  thinking  on  more  accurate  life 
predictions. 

CONCLUSION 

16.  The  USAF  has  set  itself  goals  for  capability,  performance  and  reliability  standards 
that  it  must  achieve  if  it  is  to  maintain  air  superiority.  The  advent  of  novel  design 


methodologies  and  materials  has  put  the  spot  light  on  engine  diagnostics  and  prognostics 
as  an  essential  element  to  achieve  those  goals.  The  development  and  implementation  of 
the  COEHM  Methodology  will  help  meet  the  set  Autonomies  goals  and  the  needs  of  the 
third  millennium.  The  development  of  a  totally  sensed  engine  (real  or  virtual)  that 
provides  exact  and  accurate  data  will  help  a  COEHM  system  perform  the  AI  function  that 
is  required  to  derive  fast  and  accurate  answers;  this  will  enable  the  maintainers  to  quickly 
regenerate  an  aircraft  for  it  next  mission.  The  COEHM  is  more  than  just  an  approach  but 
an  asserted  effort  to  produce  a  range  of  compatible  EM  systems  for  2001  and  beyond. 
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Abstract 

Shot  peening  has  been  used  by  industry  for  more  than  50 
years.  The  significant  increases  in  resistance  to  fatigue, 
fietting,  galling,  and  stress  corrosion  are  well  known,  yet 
engineers  have  been  reluctant  to  use  shot  peening  in  design 
allowables  due  to  a  lack  of  confidence  in  the  reproductibility 
of  the  process.  AMS  2432  SHOT  PEENING,  COMPUTER 
MONITORED  was  written  by  the  Society  of  Automotive 
Engineers,  Inc.  so  that  the  performance  enhancement  of 
peening  could  be  taken  into  account  in  the  initial  design.  It 
tightens  the  requirements  on  the  media  and  the  equipment  to 
the  maximum  extent  practicable.  Of  most  iiiqiortance,  the 
peening  of  subsequent  parts  even  years  later  will  be  a 
duplicate  of  the  original  part  that  was  fatigue  tested. 
Peenstress™  is  a  new  software  program  capable  of 
predicting  the  residual  stresses  that  are  introduced  by  shot 
peening  in  most  metals.  This  new  program  allows  engineers 
to  optimize  die  basic  peening  parameters  so  that  tiie  first 
peening  selection  is  correct. 

AIRCRAFT  HARDWARE,  because  of  the  overriding 
necessity  to  save  weight  under  dynamic  loading  condictions, 
are  usually  designed  to  fatigue  criteria  rather  than  to  ultimate 
strength.  Metal  fatigue  is  caused  by  cyclic  tensile  stresses, 
usually  highest  at  the  surface  and  concentrated  by  notches, 
holes,  physical  damage,  etc.  Metal  fatigue  is  further 
aggravated  by  the  effects  of  environment  (corrosion  fatigue), 
by  residual  tensile  stresses  caused  by  welding  or  grinding, 
for  instance,  or  by  localized  wear  (fretting  fatigue.) 
Metallurgical  coating  such  as  plating  or  flame  deposition  can 
cause  a  severe  reduction  in  fatigue  strength.  Metal  fatigue 
most  often  initiates  as  a  microscopic  crack  at  the  surface 
after  many  load  cycles  and  propagates  until  the  part  fails. 
Another  stress-related  mode  of  failure  of  great  concern  to  the 
designer  is  stress  corrosion  cracking.  The  combination  of 


environmental  conditions  (airborne  salt  or  a  leaky  toilet,  for 
instance),  a  susceptible  material  and  a  surface  static  tensile 
stress  (residual  or  applied)  can  also  cause  failures. 

In  all  the  modes  of  failure  mentioned  above,  the  common 
denominator  is  tensile  stress,  which  in  effect  pulls  the 
surface  apart  in  a  propagating  crack.  Compressive  stress 
which  can  be  thought  of  as  causing  the  surface  to  push 
together  will  prevent  surface  cracks  from  initiating  or 
propagating.  Shot  peening  is  the  most  economical  and 
practical  method  of  ensuring  surface  residual  compressive 
stresses.  A  recent  test  by  an  airframe  manufacturer  on  a 
wing  attach  fitting  showed  the  development  of  a  crack  at 
60%  of  predicted  life.  The  flaw  was  removed,  then  the  same 
area  on  flie  part  was  shot  peened.  The  fitting  was  then 
fatigue  tested  to  over  300%  life  without  further  cracking. 
FUght  critical  coriqjonents  like  this  require  shot  peening 
controls  diat  insure  quality  processing.  Other  components 
such  as  a  turbine  blisk;  see  ftgure  1,  require  complex 
machine  setups  because  the  contour  of  the  blades  can  be 
changed  by  incorrect  peening. 

Computer  Monitored  Shot  Peening 

The  procedure  is  as  follows.  The  engineer  designates 
on  the  drawing  the  critical  Almen  intensity  verification 
locations.  An  Almen  fixture  preferably  made  from  a  scrap 
part  or  a  fixture  duplicating  the  proper  geometric  areas  is 
fabricated.  See  figure  2.  Then  shot  peening  machine  setups 
are  made  with  tooling  designed  to  hold  the  part  to  insure 
proper  placement  of  it  in  the  machine.  The  Almen  test 
fixture  is  then  processed  to  verify  intensity  and  saturation 
curves  for  each  location. 

The  first  part  is  then  processed  by  applying  a  fluorescent 
tracer  dye  to  verify  complete  coverage.  The  computer 
monitors  shot  flow,  air  pressure,  part  movement,  and  shot 
stream  movement  over  the  part.  If  any  of  the  parameters 
vary  out  of  tolerance  the  computer  will  abort  the  cycle 
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Fig.  3  -  Peening  parameters  for  computer  monitored  shot 
peening  per  AMS  2432B. 


Fig.  2  -  Tip  rib  for  V-22  Osprey  at  tear.  In  front  is  a 
fabricated  Almen  fixture  made  from  plastic. 


telling  the  operator  where  the  problem  is  so  he  can  fix  the 
problem  and  then  finish  the  cycle.  See  figure  3. 

Upon  successful  completion  of  the  first  part,  the  nozzle 
fixmre  is  fabricated  freezing  the  setup  (permanently  welding 
the  nozzles  in  place)  and  part  niunbered  so  that  it  is  only  used 
for  that  particular  part.  The  next  part  is  processed  using  the 
fluorescent  tracer  to  verify  the  nozzle  rack  holding  fixture. 
All  parts  processed  to  this  procedure  are  approved  by  the 
manufacnirer's  quality  assurance  source.  The  procedure  is 
then  frozen,  recorded  in  hard  copy,  and  retrieved  any  time  a 
lot  of  this  part  number  is  to  be  shot  peened,  therefore  exact 
duplication  of  the  process  is  assured. 


Because  of  file  confidence  in  the  repeatability  of  computer 
monitored  shot  peening.  The  Department  of  the  Navy's  Naval 
Air  Systems  Coimnand  (NAVAIR)  allowed  the  benefits  of 
shot  peening  to  be  used  in  the  original  design  of  the 
Bell/Boeing  V-22  aircraft  NAVAIR  Instruction  4870.2 
states;  "peening  required  during  repair  or  reworic  to  attain 
fatigue  life  will  be  by  computer  controlled  and  monitored 
processes  or  will  conform  to  the  same  specifications  and 
standards  used  for  original  manufacture."  The  controlling 
document  will  be  AMS  2432B.  A  significant  weight  savings 
was  obtained  on  the  V-22  utilizing  the  beneficial 
compressive  stresses  from  shot  peening  to  attain  required 
fatigue  life. 

Computer  Opdmization  of  Shot  Peening 

A  software  program,  Peensiress™,  has  been  developed  to 
optimize  the  effects  of  shot  peening  by  predicting  the 
residual  stresses  derived  from  the  process.  The  careful 
selection  of  shot  size,  hardness,  and  shot  composition,  the 
Almen  intensity  (which  determines  the  depth  of  the 
coiiqiressive  layer)  and  file  percent  of  coverage  are  possible. 
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The  many  possible  combinations  of  these  factors  without  this 
program  make  the  correct  choice  difficult.  There  are  over  70 
materials  in  MIC's  Peenstress™  library  from  which  to 
choose.  To  use  the  program,  we  first  choose  the  type  and 
size  of  shot  as  well  as  the  Almen  intensity  which  experience 
would  indicate  should  be  best  for  the  application. 
Peenstress™  will  then  calculate  the  shot  velocity,  using  the 
material  behavior  laws  for  the  material  selected  to  determine 
the  residual  stress  created.  The  Peenstress™  program  will 
then  print  out  a  stress  curve  that  shows  both  the  magmtude  of 
the  residual  stress  distribution  and  the  depth  profile  beneath 
the  surface.  The  benefits  of  this  program  are  best  imderstood 
using  an  example  where  the  program  has  been  used  to  help 
an  engineer  call  out  a  shot  peening  parameter  to  get  the  best 
choice  for  a  given  problem. 

Full  scale  fatigue  testing  of  a  new  design  landing  gear 
fitting  indicated  a  low  cycle  fatigue  crack  in  a  fillet,  figure  4, 
on  an  attach  lug.  The  company's  in-house  shot  peening 
specification  suggested  an  Almen  intensity  of  5  to  9  A  using 
MI  230R  shot  for  7075-T73  aluminum.  Finite  analysis 
revealed  tensile  stresses  to  .OOSin.  depth  in  the  critical  area. 


Fig.  4  -  Landing  gear  ttunion  fitting  being  prepared  for 
processing.  Cracks  were  initiating  in  the  fillet  of  the  lugs 
before  peening,  which  improved  fatigue  life  by  400%. 


As  can  be  seen  in  figure  5,  using  the  low  end  of  the  call  out, 
Almen  5  A,  a  residual  compressive  stress  of  .006  in.  depth  is 
possible.  This  is  a  compressive  stress  of  .002  less  than 
needed  with  a  tensile  stress  of  +5  ksi  at  .007  in.,  far  fiom 
ideal.  Figure  6  shows  that  by  using  a  larger  diameter  shot, 
MI  330R,  at  a  higher  intensity,  10  A,  the  surface  compressive 
stress  was  improved  from  -17  ksi  to  -30  ksi  due  to  an 
improved  surface  finish.  The  depth  of  the  beneficial 
compressive  stress  is  now  .01 1  in.  or  .003  in.  deqier  than  the 
stress  to  the  component.  Testing  on  the  fitting  peened  to  an 
Almen  intensity  of  10  to  14  A  showed  a  400%  increase  in 
fatigue  life! 


Fig.  5  -  Residual  stress  distribution  of  7075-T73  aluminum 
calculated  by  Peenstress™.  There  is  residual  tensile  stress 
where  finite  analysis  showed  applied  tensile  stress. 


Fig.  6  -  Peenstress™  calculates  that  by  shot  peening  at  a 
higher  intensity  lOA,  the  conqjressive  stress  is  now  deeper 
than  the  loadhig  of  the  part.  The  rectangles  are  actual 
measurements  by  x-ray  defiaction. 

Conclusion 

Shot  peening  is  a  recognized  method  of  improving  the 
fatigue  strength  and  damage  tolerance  of  a  piece  part.  Large 
magnitudes  of  improvement  are  possible,  yet  no 
non-destructive  method  to  verify  the  quality  has  been 
developed.  Conqtuter  monitoring  of  the  shot  peening 
process  however  assures  repeatability  of  the  process, 
allowing  the  use  of  the  beneficial  residual  stresses  to  attain 
required  fatigue  lives.  The  ability  to  predict  the  residual 
stress  using  computer  software  is  a  very  effective  tool  in  the 
selection  of  peening  parameters.  Peenstress™  gives  the 
designer  the  ability  to  optimize  the  shot  peening  process. 
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Abstract 

Synchronous  Multiplane  Tomography  (SMT)  provides  a  series  of  freeze- 
frame  X-ray  cross-sectional  pictures  of  the  interior  of  a  turbine  engine  while  it  is 
running  and  under  load.  SMT  allows  users  to  detect  and  monitor  crack  growth  in 
turbine  disks  and  other  critical  components  long  before  they  become  dangerous. 
Many  of  these  cracks,  which  would  be  closed  under  non-rotating  conditions,  open 
under  engine  operation  and  are  thus  visible  to  freeze-frame  SMT  imaging.  SMT  can 
also  measure  interior  clearances  and  other  difficult-to-obtain  operating  parameters. 

In  the  first  phase  of  a  USAF-sponsored  SBIR  program,  the  interior  of  a 
rotating  automobile  turbocharger  was  imaged,  demonstrating  that  SMT  could 
detect  calibrated  cracks  having  thicknesses  of  0.0003  in.  and  areal  extents  of  0.01 
square  inches.  In  the  second  stage  of  the  program,  a  full-scale  SMT  system  has 
been  demonstrated  on  a  T-53  turboshaft  engine  which  contains  calibrated  cracks 
in  its  first  stage  turbine  disk.  The  demonstration,  completed  in  early  October 
1996  at  the  Navy  China  Lake  facility  yielded  excellent  data.  First  images  and 
preliminary  analysis  are  presented  in  this  paper. 

This  successful  demonstration  will  be  followed  by  an  end-to-end  scan  of  an 
operating  F-404-100  engine  and  on  a  flawed  turbine  disk  rotating  at  10,000  rpm  in 
early  1997  also  at  NAWC/China  Lake. 
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1.  Introduction 


Turbine  disk  cracks  can  lead  to  catastrophic  engine  failure,  destroying  an 
airplane  and  possibly  killing  the  crew.  Synchronous  Multiplane  Tomography 
(SMT)  is  an  X-ray  imaging  device  that  produces  highly  detailed  cross-sectional 
pictures  of  the  insides  of  a  turbine  engine  while  the  engine  is  hot,  running,  and 
under  load.  Under  these  conditions,  cracks  at  the  center  of  turbine  disks  - 
especially  those  on  the  bore  -  are  expected  to  open  due  to  the  high  centrifugal 
forces  and  be  detectable  by  synchronous  X-ray  computed  tomography  imaging 
methods.  Other  internal  features  that  can  lead  to  engine  failures,  e.g.,  blade  root 
cracking,  can  also  be  imaged  with  this  technique. 

Normally,  such  turbine  disk  cracks  -  buried  deeply  within  a  turbine  engine  - 
are  impossible  to  detect  without  complete  dismantling  of  the  engine.  Thus,  the 
impetus  to  find  small,  incipient  cracks  on  routine  engine  teardowns  before  they 
grow  to  potentially  catastrophic  size  is  high.  Today’s  methods  of  inspection 
require  dismantling  the  engine  and  removing  the  disk  from  the  engine  for  a  bench 
test.  For  such  small,  closed,  or  nearly-closed  cracks  these  methods  include  total 
immersion  ultrasonics,  eddy  current,  and  dye  penetrant.  Even  when  the 
inspection  is  conducted,  any  incipient  crack  is  usually  closed  and  the  two  sides  of 
the  crack  are  in  intimate  contact,  perhaps  even  under  some  pressure.  Under  these 
conditions,  these  inspection  techniques  can  and  do  fail. 

The  trend  in  modem  turbine  engine  life  extension  programs  is  in  pushing  the 
intervals  between  routine  engine  teardowns  to  much  longer  periods.  The  two 
major  enabling  mechanisms  for  such  extensions  are  the  greater  consistency  of 
materials  performance  data  and  the  availability  of  remote  sensing  instrumentation 
that  yield  preliminary  warnings  of  engine  failure.  SMT  falls  in  the  latter  category. 
The  major  reasons  for  avoiding  teardown  are  cost  and  the  complexity  of  engine 
teardown  and  re-assembly.  Hard  cost  numbers  are  difficult  to  find  in  the  military 
tmgine  world,  because  the  total  cost  is  a  highly  variable  function  of  engine  type 
and  perceived  cost  of  the  labor  component.  According  to  industry  sources,  the 
cost  of  a  teardown  and  re-assembly  operation  for  a  typical  military  turbine  engine 
is  at  least  $250K.  (In  the  civilian  aerospace  market,  the  Engine  Economics  Group 
at  Boeing  estimates  the  cost  at  $500K  to  $850K.)  Moreover  the  probability  of  an 
(jngine’s  being  incorrectly  re-assembled  is  high.  For  these  reasons,  an  alternative 
to  engine  teardown  is  highly  desirable,  from  both  economic  and  flight  safety 
points  of  view. 
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2.  Conventional  Computed  Tomography  (CT)  as  an  Inspection  Approach 

From  a  naive  perspective,  CT  appears  to  fulfill  most  of  the  requirements  for 
flaw  detection  and  mensuration  of  anomalies  hidden  deep  within  the  engine.  The 
truly  seductive  aspect  of  CT  is  that  it  provides  a  visual  image  of  a  virtual  cross- 
sectional  plane  of  the  test  specimen.  There  is  a  1 : 1  correspondence  between  each 
picture  element  seen  in  the  image  and  the  corresponding  volume  element  in  the 
real  object.  In  addition,  CT  provides  a  quantitative  measure  of  quality: 
Discrepancies  in  measured  X-ray  density.  Conventional  CT,  unfortunately,  has 
three  requirements  that  make  its  use  extremely  difficult  on  engines: 

1 .  A  test  specimen,  only  parts  of  which  are  moving  rapidly,  is  not  a  rigid 
unchanging  scene,  a  necessity  for  conventional  CT. 

2.  Every  volume  element  in  the  test  specimen  line  of  reconstruction  must 
be  examined  from  all  directions,  even  if  we  wish  to  inspect  only  the 
region  near  the  center.  This  effectively  precludes  examination  of  all  but 
the  smallest  of  engines  with  conventional  CT. 

3.  Conventional  CT  requires  that  X-ray  absorption  data  be  acquired  in  a 
plane  perpendicular  to  the  spin  axis.  In  a  large  turbine,  this  path  may 
require  X-ray  penetration  of  20  to  30  in.  of  metal  -  too  large  an 
attenuation  to  result  in  a  useful  measurement. 

While  conventional  CT  fails  to  inspect  spinning  turbine  engines,  CT- 
derivative  technologies  can  be  utilized  with  existing  hardware  to  circumvent  such 
difficulties  and  produce  diagnostically  useful  images.  SMT,  our  implementation 
of  this  approach  is  spin-synchronous  to  the  engine,  and  it  allows  an  anomaly  to 
trace  a  unique  sinusoidal  pattern  in  successive  inspection  positions  of  the 
engine. 

3.  SMT  as  a  Viable  Inspection  Approach 

SMT  is  a  second  generation  synchronous  X-ray  CT  imaging  system  for 
turbine  engines.  The  SMT  concept  is  based  on  a  previous  system,  the  FAA- 
sponsored  Spin-synchronous  X-ray  Sinography  (SXS)  that  was  designed  to  do 
much  of  the  same  thing,  albeit  with  different  detection  technology.  Both  SXS  and 
SMT  produce  cross-sectional  images  of  the  interior  of  the  turbine  engine.  The 
main  difference  is  in  the  speed  of  data  acquisition,  and  in  the  increased  spatial 
resolution  that  will  be  attainable  with  SMT.  SXS  produces  a  single  cross-sectional 
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image  at  a  time,  while  SMT  produces  an  entire  series  of  multiplanar  images 
simultaneously. 

4.  How  SMT  Technology  Works 


The  main  concept  of  synchronous  CT  imaging  is  shown  in  Figure  1 .  As  the 
“turbine”  is  rotated,  the  point  source  of  X-rays  to  the  left  of  the  rotating  engine  is 
pulsed  at  a  predetermined  rotation  angle  to  produce  an  instantaneous  X-ray 
shadow  of  the  pin,  as  shown.  At  each  angle  the  X-ray  source  is  pulsed  so  that 
finally,  the  pattern  at  the  right  side  of  the  figure  is  generated,  with  the  position  of 
the  pin  forming  a  sinusoidal  pattern.  The  original  SXS  approach  used  a  single 
linear  array  of  detection  elements  to  gather  data  in  this  manner.  Thus  SXS 

We've  Used  a  Parallel  Beam 
Rather  than  an  X-ray"  Beam  Detector 

for  this  Illustration  f 

V  4  Position  of  Flaw  In  Array 


12 

Rotating  Engine 


’  The  X-ray  beam  introduces  a  magnification  difference  as  a  function  of 
engine  rotation  angle.  This  is  handled  easily  mathematically,  but 
Is  not  necessary  for  sinography  explanation. 
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Figure  1.  This  figure  shows  sinography  within  a  single  plane.  The  X-ray 
source  is  to  the  left,  and  a  one-dimensional  X-ray  sensitive  of  detector  records 
the  appearance  of  a  point  flaw  as  the  disk  is  rotated.  Within  the  detector,  the 
flaw  begins  at  the  middle,  moves  up  to  the  top,  then  descends  to  the  bottom,  and 
then  moves  to  the  middle  before  it  begins  the  cycle  again.  If  we  rotate  the  disk 
at  constant  time  and  plot  the  position  as  a  function  of  time  (or  alternatively,  as 
a  function  of  disk  phase  angle),  we  get  the  curve  on  the  right,  which  is  simply  a 
sine  curve.  A  knowledge  of  the  sinography  pattern  for  each  point  at  each 
position  in  time  (or,  equivalently,  angular  position)  allows  us  to  reconstruct  the 
interior  of  the  disk.  The  sinogram  of  a  complex  object  contains  the 
superposition  of  the  sinograms  of  each  individual  feature.  Moreover,  for  the 
SMT,  the  measurements  are  no  longer  constrained  to  a  single  plane,  but  are 
taken  simultaneously  over  many  oblique  (with  respect  to  the  spin-axis  of  the 
test  specimen)  planes . 
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gathered  only  a  single  slice  or  plane  of  data  at  a  time.  SMT  gathers  data  with  an 
area  detector  so  that  an  entire  volume,  equivalent  to  many  slices  or  planes  can  be 
inspected  simultaneously. 

Synchronous  X-ray  CT  Imaging  Technology  is  different  from  conventional 
CT  in  three  ways,  as  shown  in  Figures  2  and  3. 

1 .  SMT  is  synchronized  to  the  rotary  motion  of  the  engine  so  that  the 
rotation  itself  substitutes  for  the  necessity  for  moving  the  X-ray  beam 
generator  and  detection  system  around  the  engine  (Figure  2). 

2.  SMT  uses  proprietary  algorithms  that  do  not  require  that  all  data  are 
taken  around  the  periphery  of  the  test  specimen.  The  algorithm  also  rids 
the  image  of  stationary  clutter,  co-rotating  clutter,  and  the  artifacts  that 
those  extraneous  regions  produce. 

3.  SMT  uses  a  skewed  form  of  data  collection  (Figure  3)  that  allows  non- 
orthogonal  slices  to  be  reconstructed,  and  hence  the  long  attenuating 
path  through  the  center  of  the  disks  is  avoided. 

5.  SMT  Inspection  Advantages 

The  data  acquisition  sequence  illustrated  in  Figure  2  is  the  same  for  SXS  and 
SMT.  The  difference  between  the  two  is  shown  in  Figure  4,  which  is  a  top  view 

Critical  Area  Scan 

^ —  Engine  Mounted 
\  Hardware 


X-Ray 
Source 

Engine  Case 
221-P-94346-2 

Figure  2.  SMT  technology  is  synchronized  to  the  rotary  motion  of  the  engine 
with  the  CT  rotation  provided  by  the  engine  itself.  The  proprietary  algorithms 
developed  by  the  SMT  team  permit  data  acquisition  only  in  the  area  of  interest 
and  do  not  require  a  much  larger  data  set  for  the  entire  rotating  part  as  in 
conventional  CT. 
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Figure  3.  SMT  technology  gathers  X-ray  attenuation  data  slightly  off-axis  to 
the  orthogonal  plane  typical  to  conventional  CT,  thereby  avoiding  the 
unacceptably  high  attenuation  of  X-rays  that  would  have  to  pass  through  the 
entire  diameter  of  the  turbine  disk. 


Figure  4.  Top  view  of  Figure  2  showing  how  SMT  simultaneously  gathers 
many  data  sets  of  planes  or  slices  while  SXS  gathers  only  a  single  plane  of  data 
in  the  same  data  run  or  time  period. 
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of  Figure  2.  As  the  turbine  rotates,  the  X-ray  source  is  strobed  to  obtain  the  X-ray 
shadow  of  the  turbine  at  a  particular  engine  phase  angle.  This  single  frame  of 
data  is  called  a  view.  An  entire  sequence  of  views  is  gathered,  each  at  an 
appropriate  engine  phase  angle,  and  a  sequence  of  cross-sectional  images  can  be 
reconstructed.  What  distinguishes  SMT  from  the  cross-sectional  imaging  that  we 
accomplished  in  the  earlier  SXS  program  is  in  the  detector  and  reconstruction 
algorithm.  The  SXS  approach  uses  a  one-dimensional  linear  array  which  can 
gather  data  on  only  one  cross-sectional  “slice”  at  a  time.  The  SMT  approach 
measures  the  entire  region  along  the  axis  simultaneously. 

SXS  presents  spatial  resolution  in  radial  and  axial  directions  of  approximately 
0.02  and  0.06  in.  respectively.  SMT  is  able  to  present  much  higher  spatial 
resolutions,  as  high  as  0.005  in.  in  either  direction.  (Spatial  resolution  is  typically 
much  coarser  than  defect  detection  capability.  Thus,  while  spatial  resolution  is 
0.005  in.,  the  defect  detection  capability  might  be  0.0003  in.)  SMT  should  be 
able  to  acquire  data  in  a  much  shorter  time  interval  than  SXS. 

6.  SMT  Phase  I  Results 

In  the  USAF-sponsored  SBIR  Phase  I  SMT  program,  we  accomplished 
experimental  verification  of  the  principles  of  the  technique,  performance 
predictions  of  the  full-up  system,  and  provided  a  conceptual  design  and  cost- 
benefit  and  use  plan  for  SMT.  The  main  results  from  the  Phase  I  program  are; 

•  The  SMT  system  will  detect  cracks  as  small  as  0.0003  in.  in  thickness, 
having  areal  extents  of  0.01  in.^. 

•  Complete  data  can  be  acquired  on  a  single  engine  in  a  time  of 
approximately  an  hour  or  less;  meaningful  data  and  its  analysis  and 
interpretation  can  be  completed  very  shortly  thereafter. 

•  The  SMT  concept  is  useful  not  only  for  turbine  disks,  but  for  blades  and 
other  rotating  members  as  well.  In  addition,  SMT  may  find  use  in 
applications  outside  aerospace,  e.g.,  massive  turbines  in  electricity¬ 
generating  equipment,  and  anywhere  else  where  failure  or  downtime  in 
high-cost  capital  equipment  or  critical  components  can  justify  the  initial 
investment  costs  in  SMT  technology. 
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•  A  cost/benefit  analysis  shows  that  introduction  of  SMT  technology  can 
pay  for  itself  rapidly  —  probably  within  six  months  after  deployment  at  a 
major  air  logistics  center. 

An  image  produced  in  this  Phase  I  program  is  showii  in  Figure  5.  The  image 
is  a  2  in.  square  section  of  a  fiducial  disk  that  was  mounted  adjacent  to  the 
compressor  section  of  an  automobile  turbocharger.  As  the  compressor/fiducial 
disk  of  the  turbocharger  was  rotated,  shadowgraph  X-ray  images  of  the  central 
region  of  the  turbocharger  were  obtained.  Artificial  separations  6f  sizes  ranging 
from  0.020  in.  to  0.0003  in.  were  inserted  in  the  fiducial  disk;  they  can  all  be 
detected  in  these  images.  If  these  data  were  to  be  obtained  on  an  actual  SMT 
system,  the  acquisition  time  for  the  entire  component/assembly  would  be  less  than 
a  minute. 

7.  SMT  Phase  II  Initial  Demonstration 

A  prototype  SMT  system  was  assembled  in  the  Air  Foree  sponsored  Phase  II 
SBIR  program.  This  system,  as  shown  in  Figure  6,  used  an  X-ray  source  (9  MeV 
Linatron)  provided  by  NAWC/CL,  an  X-ray  camera  developed  by  Lockheed  and 
the  data  acquisition,  control  and  processing  electronics  (HR3DCT  Breadboard 
Workstation)  on  loan  from  the  Air  Force. 

The  demonstration  specimen  for  the  initial  demonstration  was  the  turbine 
section  of  a  T-53  turboshaft  engine  with  a  calibrated  crack  disk  bolted  directly  to 
the  turbine  disk.  The  test  configuration  is  shown  in  Figure  7  with  a  close-up  of 
the  crack  calibration  disk  shown  in  Figure  8.  A  drawing  of  the  crack  calibration 
disk  is  shown  in  Figure  9  with  the  six  1/8,  1/4  and  3/8  in.  diameter  "crack  stacks" 
shown  in  their  relative  positions. 

Experiment  Demonstration  Results 

The  first  overall  image  that  was  reconstructed  from  these  data  is  shown  in 
Figure  10.  We  emphasize  that  this  is  an  early  result,  and  that  there  has  been  no 
special  processing  or  tinkering  done  with  the  image  beyond  our  standard 
algorithmic  approaches.  We  have  not  yet  begun  any  artifact  compensation  work. 
The  stainless  steel  disk  image  reveals  the  three  holding  bolts  spaced  at  120  deg 
intervals,  about  halfway  in  radius  between  the  center  of  the  disk  and  its  outside 
edge. 
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a)  Drawing  of  crack  phantom  disk.  The  entire 
disk  is  1 .5  inches  in  diameter  and  was  rotated 
within  its  6"  diameter  housing  while  all  data 
were  acquired.  Two  sets  of  crack  anomalies 
were  utilized,  1/4"  and  1/8"  in  diameter.  The 
section  shown  in  the  drawing  is  through  the 
plane  perpendicular  to  the  axes  of  the  crack 
anomalies.  The  sizes  of  these  anomalies 
vary  from  0.020"  to  0.0003". 
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b)  Reconstructed  image  of  the  phantom  disk 
showing  artificial  calibrated  anomalies  that 
were  inserted  into  the  disk. 
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c)  An  enlargement  of  the  region  in 
the  lower  right  hand  quadrant 
showing  the  anomalies  at  higher 
contrast. 
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d)  A  density  profile  across  line  A-A'  (in  figure  1c) 
containing  the  anomalies.  All  anomalies,  including 
the  0.0003"  thick  crack,  were  seen.  As  described 
later  in  sections  2.4  and  2.5,  the  actual  sensitivity  was 
in  fact  higher  than  this  figure  -  in  the  0.0001 5-0.0002" 
range.  364-m96-08i-3 


Figure  5.  SMT  Phase  I  results 
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Figure  6.  SMT  block  diagram 

In  addition,  the  six  sets  of  calibrated  crack  simulants  are  seen.  The 
circumferential  cracks,  i.e.,  those  that  run  along  the  circumferential  direction,  are 
located  at  positions  of  approximately  1  o'clock,  5  o'clock  and  9  o  clock.  (The 
circumferential  cracks  are  arranged  so  that  the  gross  appearance  of  each  family  of 
cracks  appears  radial.  Inside  each  band  of  features,  the  individual  cracks  may  be 
seen.)  The  radial  cracks,  i.e.,  those  cracks  whose  major  features  run  in  a  radial 
direction,  are  at  positions  of  approximately  12, 4,  and  8  o'clock.  The  major  cracks 
can  be  seen  in  all  groups. 

Figure  1 1  shows  an  expanded  view  of  the  section  near  the  circumferential  set 
of  1/4  in.  long  cracks  located  at  9  o'clock.  These  are  arranged  radially,  and  at 
least  four  and  possibly  five  of  the  cracks  are  .seen.  A  profile  of  the  density  as  a 
function  of  radial  position  is  shown  in  Figure  12,  where  the  different  cracks  are 
seen.  Starting  from  the  inside  and  working  out,  we  see  that  the  0.020  in.  thick 
crack,  the  0.010  in.  crack,  and  the  0.003  in.  crack  are  seen  very  clearly.  The 
0.005  in.  crack,  while  seen  on  the  image,  is  not  so  prevalent  in  the  profile  as  the 
0.003  in.  crack.  We  believe  that  the  0.005  in.  shim  material  may  be  somewhat 
denser  than  the  others,  and  hence  more  X-ray  opaque.  There  is  also  a  strong 
visual  indication  that  the  0.001  in.  thick  shim  is  pre.sent  in  the  image,  but  that  is 
due  to  the  fact  that  the  observer  knows  where  to  look  for  it.  (The  bright  mark  at 
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Figure  7.  Turbine  section  of  T53 
turboshaft  engine  shown  on  test 
stand  with  its  electrical  drive  system 
on  right  and  shaft  position  encoder 
on  left.  The  cowling  is 
approximately  2  ft  in  diameter. 


Figure  8.  A  close-up  view  of  the 
interior  of  the  T53  engine  showing 
the  crack  calibration  disk  held  by 
three  screws  to  the  turbine  disk, 
interior  to  the  blades.  The  diameter 
of  the  supplementary  disk  is  about 


Figure  9.  Crack  calibration  disk 


Figure  10.  The  first  reconstruction  of  the  stainless  steel  disk  phantom 

having  calibrated  crack-simulants.  See  text  for  discussion. 


the  larger  radius  end  of  the  pattern  is  the  position  where  the  last  spacer  meets  the 
plate.) 

We  will  return  to  the  field  in  the  spring  to  produce  images  on  a  production 
fighter  engine.  Based  on  these  initial  results,  we  are  very  optimistic  about 
producing  images  that  are  suitable  for  both  mensuration  and  diagnostic  NDT 
information. 


Figure  11.  An  expanded  view  of  the  1/4  in.  diameter  crack  simulants 
reconstructed  in  the  image.  The  cracks  of  sizes  0.020,  0.010,  0.005  (less 
contrast,  as  discussed  in  text),  and  0.003  are  easily  seen.  In  addition,  the 
0.001  in.  crack  can  be  seen,  but  not  with  as  much  contrast  as  the  others. 


Figure  12.  A  radial  density  profile  of  the  region  shown  in  Figure  11.  The 
overall  gradient  is  an  artifact  of  the  first  reconstruction  process.  This  will  be 
removed  in  much  the  same  way  that  the  previous  Phase  1  results  shown  in 
Figure  5  were.  The  crack  positions  are  shown  in  the  figure. 
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ORTHOGONAL-AXIS  EDDY  CURRENT 
PROBES  FOR  HIGH  SENSITIVITY/HIGH 
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PROBE  DESIGN  (CONT’D) 
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PROBE  CONFIGURATION  FOR 
DETECTION  OF  CRACKS  AROUND 
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MAUS  SYSTEM 
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CORROSION  SPECIMEN 
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Configuration  for  Configuration  for 

0.2  to  0.3  in.  thickness  0.05  to  0.15  in.  thickness 


CORROSION  DETECTION  RESULTS 
ORTHOGONAL-AXIS  PROBE 
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Thick  Thick  Thick 


CORROSION  DETECTION  RESULTS 
ORTHOGONAL-AXIS  PROBE 
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c  . ^ - » - ,, - /  depths  of 

0.25  in.  0.3  in.  simulated 

Thick  Thick  corrosion 
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CORROSION  DETECTION  RESULTS 
ORTHOGONAL-AXIS  PROBE,  SPECIMEN  NO.  2 
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Position  (in.) 


CRACK  SPECIMEN 
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CRACK  DETECTION  RESULTS 
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CONCLUSIONS 
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is  reduced. 
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SRL’s  sewing  stitch  technique 
P&W/SRL/Uniwest’s  Wide  Field  Coil 


Requirements 


Throughput  Rate 
False  Calls/Rework 
RFC  system  application 
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fretting 

The  slots  may  have  broaching  irregularities 


The  Challenge  of  the  Inspection 
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-  Scan  speed,  sampling  rate,  index  step  size 
Signal  processing 


Sewing  Stitch  -  Perpendicular 
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shaft  of  probe  tip 
6  MHz 


Sewing  Stitch  -  Perpendicular 


r 


QJ 

O 


^  a 
2  ^ 
a  S 

a  S 
xs 


fl 


fl 
o 

DD  ^ 
S3  .X3 

o  o 
J  U 


I  I 


CJ 

o 


c/) 


Cl^ 

CQ 

QJ 


I 


piS  c> 

±i  o 


•  • 


k. 


957 


Spring  loaded 

Ball  slides  for  parallel  displacement 
Micromanipultor  for  coil  position 


Sewing  Stitch  -  Perpendicular 
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Sewing  Stitch  -  Perpendicular 

Coil  Orientation 
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Index  1/4  of  coil  diameter 


Sewing  Stitch  -  Perpendicular 

Coil  Orientation 
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Subtract  fit  from  reference  to  remove  geometry 
signal 

Threshold  residual  to  detect  flaws 


Sewing  Stitch  -  Perpendicular 
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CRACK  LENGTH  (MILS) 
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Sewing  Stitch  -  Parallel  Coil 

Orientation 
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Fit  model  to  data, 
constrain,  subtract, 
filter,  and  threshold 
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X =  independent 
variable 

Optimize  parameters 


Sewing  Stitch  -  Parallel  Coil 
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Sewing  Stitch  -  Parallel  Coil 
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Flaw  size  (0.001  inch) 


Sewing  Stitch  -  Parallel  Coil 

Orientation 
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Flaw  Size  (0.001  inch) 


Sewing  Stitch  -  Parallel  Coil 

Orientation 
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monopolar  pulse  at  edge  -  less  effective  during 
processing  (more  false  calls  due  to  geometry  signal) 


Shaped  Coil  -  Parallel 
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Reflection 


Shaped  Coil  -  Parallel 
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Shaped  Coil  -  Parallel 


974 


Shaped  Coil  -  Parallel 
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Slot  tolerances  for  fixed  shoe/coil  shape  can  cause 
liftoff  and  reduced  sensitivity 


Shaped  Coil  -  Tilted  Approach 
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Data  acquisition 
-  Same 


Shaped  Coil  -  Tilted  Approach 
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Shaped  Coil  -  Tilted  Approach 
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Summary 
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False  calls 
Throughput 
Tolerances  in  the  slots 
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F-14  FATIGUE  TRACKING 
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December  5, 1996 


OUTLINE 


•  Overview 

•  Fatigue  Tracking  Methodology 

-  Flight  data  recorders 

-  Fatigue  tracking  algorithm 

-  Feedback /Reporting 

-  Results 

•  Lessons  Learned 

-  Data  Recording 

-  Fleet  Interface 


Summary 
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OVERVIEW 


•  Historical  Tracking 

-  Flight  hours 

-  CAG  (counting  acceierometer  group) 

•  F-14  Tracking 

-  Parametric  based  system 

-  Reflned  conservatism 

»  Point-in-the-sky  effects 
»  Sequence  accountahie 


-  One  of  the  most  simplistic  ways  to  track  aircraft  fatigue  is  by  flight 
hours,  which  generally  is  done  in  a  very  conservative  manner. 

-  To  improve  on  this,  systems  were  installed  on  aircraft  with  CAG’s,  or 
counting  accelerometer  groups,  which  provided  ways  to  count  up  the 
number  of  times  that  certain  ‘g’  limits  are  exceeded.  This  method  gives  a 
much  better  accounting  of  the  general  usage  of  the  aircraft,  but  many 
conservative  assumptions  about  the  critical  location  fatigue  damage  must 
be  made. 

-  The  F-14  fatigue  tracking  system  improves  on  that  methodology  by  using 
a  multi-channel  flight  data  recorder  to  capture  structurally  significant 
events  when  they  occur.  This  refines  the  conservatism  in  the  fatigue 
damage  computation  by  taking  advantage  of  point-in-the-sky  and 
sequencing  effects. 

-  The  F-14  system  is  a  parametric  based  system,  which  differs  fi’om  a 
strain-gage  based  system  in  that  it  primarily  uses  existing  aircraft 
instrumentation  already  available.  This  reduces  the  need  to  maintain 
separate  instrumentation,  and  the  data  is  not  tied  to  any  specific  location 
on  the  aircraft.  Additional  locations  on  the  aircraft  can  be  tracked  when 
the  need  emerges  as  the  fleet  ages. 


985 


•  Like  most  modem  fatigue  tracking  system,  the  major  components  of  the  F- 14 
tracking  system  are  the  flight  data  recorder,  the  ground  station,  fatigue 
damage  algorithms  for  tracking  locations,  and  reports  and  feedback  to  the 
fleet. 

•  In  the  F-14  community  there  are  2  different  flight  data  recorders.  The  first  is 
the  Fatigue  and  Engine  Monitoring  System  (FEMS)  on  F-14  B  and  D 
aircraft,  which  is  a  system  that  was  developed  and  installed  integrally  with 
the  aircraft.  The  F-14A  has  a  retrofit  system  for  stmctural  parameters  only 
called  the  Structural  Data  Recording  Set  (SDRS). 
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•  The  heart  of  the  FEMS  flight  data  recorder  is  the  Airborne  Data  Acquisition  Computer. 

It  takes  information  from  the  existing  aircraft  parameters  as  well  as  the  Engine 
Monitoring  Signal  Processor  and  the  linear  accelerometer  and  records  the  pertinent  data 
to  the  Data  Storage  Unit,  which  is  removed  from  the  aircraft  and  brought  to  the  ground 
station.  The  Fault  Maintenance  Indicator  relays  any  aircraft  problems  recorded  by  the 
FEMS  system  at  the  end  of  each  flight. 

•  Similarly,  the  SDRS  takes  information  from  the  existing  aircraft  parameters  as  well  as 
the  accelerometer.  It  passes  this  information  throu^  the  Signal  Data  Converter,  and 
using  the  Recorder  Converter,  writes  the  pertinent  information  to  the  Memory  Unit.  The 
MU  is  removed  from  the  aircraft  for  transfer  to  the  ground  station. 

•  List  of  acronyms: 

-FEMS 

»  Airborne  Data  Acquisition  Computer  (AD AC) 

»  Engine  Monitoring  Signal  Processor  (EMSP) 

»  DSU  (Data  Storage  Unit) 

»  Fault  Maintenance  Indicator  (FMI) 

»  linear  accelerometer  for  Nz  (g)  at  c.g.  of  aircraft 
-SDRS 

»  Signal  Data  Converter  (SDC) 

»  Recorder  Converter  /  Memory  Unit  (RC/MU) 

»  Accelerometer  (Nz,  Nx  and  Roll  Acceleration) 
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EVENT  TRIGGERS 


■  M  i|i|im  iK  II 1 1 1 M 

RANGE 

DEADBAND 

RISE /FALL  VALUE  | 

•Normal  Acceleration  (Nz) 

-3.0gto 

10.0g 

0.0  g  to  2.0  g 

1.0g  1 

•Roll  Rate  (P) 

130  deg/sec 

•Differential  Stabilizer 

WS<30° 

lao* 

2.0deg  1 

(left  horizontal  stabilizer  - 

124.0  deg 

WS  30‘-60‘ 

14.0° 

1.0  deg  1 

right  horizontal  stabilizer) 

snaigBnmm 

WS>60‘ 

12.0° 

OJdeg  1 

WS  ■  wing  Sweep  Angle 


AIRBORNE  DISCRETE  TRIGGERS _ 

•Angle  of  Attack  Increases  through  S,  8, 10, 12,  and  14  deg 
•Maneuver  Flap  Position  (SDRS) 

•Continuation  Records  (regular  Intervals) 

•Transition  Events  (to  /  from  ground  mode) 


GROUND  EVENT  TRIGGERS  | 

•Takeoff 

•Landing 

•TouciHindgo 


•  For  the  F- 14  tracking  system,  data  is  recorded  only  when  structurally 
significant  events  occur.  There  are  three  basic  type  of  events  that  trigger  data 
recording.  In  airborne  mode,  there  is  “peak/valley”  triggering  and  “discrete 
event”  triggering.  And  there  are  ground  event  triggers. 

•  The  most  critical  structural  event  for  fatigue  tracking  is  Nz  peaks  and 
valleys.  The  F-14  uses  a  deadband  of  0  to  2.0  g’s  and  a  rise/fall  criteria  of 
1 .0  g  to  trigger  data  recording. 

•  In  addition,  there  are  maximum  left  and  right  roll  rate  triggers  and  maximum 
left  and  right  delta  between  horizontal  stabilizers  triggers. 

•  The  airborne  “discrete  events”  that  trigger  data  recording  include 

-  the  transition  of  Angle  of  Attack  (AO  A)  through  6, 8, 10, 12  and  14  deg, 

-  a  change  in  maneuver  flap  position, 

-  continuation  records  at  regular  intervals, 

-  and  transition  to  and  from  ground  mode  conditions. 

•  Angle  of  attack  triggers  are  required  because  peak  load  at  a  critical  location 
can  develop  before  peak  Nz.  This  is  due  to  wing  stall  which  can  occur 
because  of  the  unique  swing  wing  configuration  of  the  F-14. 
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RECORDED  PARAMETERS 


•  These  are  the  structurally  significant  parameters  recorded  with  every 
airborne  record  written  to  the  storage  unit,  with  the  Nz  being  the  most 
important. 

•  The  data  is  transferred  to  an  engineering  facility  via  ground  station. 
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FATIGUE  ALGORITHM 


•  Data  Quality  Control 

•  Sequential  Load  History 

-  Ertemal  loads 

-  Transfer  functions  for  critical  location  strains 

•  Grumman  local  strain  method 

-  Cyclic  stress/strain  curves,  strain  cycling 

-  Neuber’s  equation 

-  Rainflow  method  of  cycle  counting 

•  Residual  stresses  and  rainflow  across  flights 


•  When  the  data  is  received  at  the  engineering  facility,  it  first  goes  through  a 
series  of  quality  control  procedures.  Data  that  is  deemed  correctable  is  fixed, 
usually  in  a  conservative  manner. 

•  Then  the  data  is  converted  to  a  sequential  load  history  for  that  flight.  This  is 
done  by  first  converting  the  recorded  parameters  for  each  event  into  external 
loads  on  the  aircraft.  External  loads,  which  include  wing  pivot  shear, 
bending  and  torsion  and  aft  fuselage  bending,  are  formulated  by  computing 
the  inertia  portion  of  the  load  separately  fi'om  the  air  load  and  adding  them 
together. 

•  The  external  loads  are  then  converted  into  a  strain  using  a  quasi-regression 
technique  that  calculates  strains  at  discrete  wing  sweep  positions  and 
interpolates  between  wing  sweeps. 

•  In  this  manner  a  sequential  strain  history  file  is  created  for  each  tracking 
location.  The  Grumman  local  strain  method  is  then  used  to  convert  these 
histories  into  fatigue  damage  for  the  given  flight.  This  method  incorporates 
cyclic  stress/strain  curves  with  strain  cycling  concepts  and  uses  Neuber’s 
equation.  The  rainflow  method  of  cycle  counting  is  used  and  residual 
stresses  and  rainflow  counting  is  maintained  between  flights. 
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TRACKING  LOCATIONS 


vying  CwilwSMtIon  Wli^  Outer  Panel  BunUiwIO 

Rear  Beam  Oulboani  Ra^nbantmdim  Upper  Langaran 

AeoaMHola08LS2  •PiralRoot  •F8643 


F845rN  Fssss/ F85M  FS8« 

I  \\i  1  1/ 


Fuaalage  Stafion  seg 
Nacalla  Ring  Frame 
Flange  0  loKpapFTO 


Fuaalaga  Station  4S3  Fuoalaga  Station  533  \  range  ip 

CenteibodyBHD  Nacelle  Ring  Frame  \ 

LowmrUigalRadhM  kinar  Flange  0WL 140  Puaelago  Statian  500 

Mum.  Canter  Body  BHD 
Tiough0BL7 


These  are  the  locations  that  are  currently  tracked  on  the  F- 14  aircraft.  They 
are  primarily  wing  interface  and  aft  fuselage  locations. 

These  locations  were  determined  fi^om  an  extensive  Fatigue  Life  Evaluation 
and  Enhancement  Team  (FLEET)  effort.  They  are  derived  from  fatigue  test 
article  cracks,  known  fleet  cracks,  or  are  analytically  determined  from  finite 
element  model  results  in  conjunction  with  flight  test  loads. 

The  locations  are  tracked  for  scheduled  maintenance  activities  and 
inspections  and  major  structural  life  enhancements  as  well  as  aircraft 
retirement.  The  most  critical  location  can  vary  with  differing  aircraft  usage. 


991 


FEEDBACK  /  REPORTING 


•  F^back 

-  Data  recovery  rat» 

-  Monthly  aiPCFiift  usage 

•  Usage  Studies 

•  Structural  Appraisal  of  Fatigue  Effects 

-  Deflnes  structural  life 

-  Issued  quarterly 


•  The  final  aspects  of  the  fatigue  tracking  system  are  feedback  to  the  fleet  and 
reporting  of  results.  Monthly  reports  of  data  recovery  rates  and  individual 
aircraft  usage  are  supplied  to  fleet  representatives. 

•  Because  the  flight  data  is  stored  in  a  database  for  easy  access,  usage  studies 
can  be  performed  on  aircraft,  squadrons,  time  periods,  etc. 

•  The  final  outcome  of  the  tracking  system  is  the  SAFE  report.  Issued 
quarterly,  it  is  the  document  vdiich  defines  the  fatigue  life  expended  on  each 
aircraft.  This  is  the  document  that  the  fleet  uses  to  schedule  aircraft 
structural  modifications  and  retirements. 
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•  The  primary  thrust  of  the  F-14  fatigue  tracking  system  is  to  obtain  as  much 
flight  data  as  possible,  reducing  the  need  to  replace  untracked  aircraft  flights 
at  conservative  statistical  levels.  The  F-14B  and  D  community  is  now 
recovering  near  80%  of  the  flight  hours  flown.  Dick  will  discuss  the  many 
steps  we  have  taken  to  achieve  this  data  recovery  in  his  lessons  learned. 

•  Through  these  efforts,  the  F-14  community  has  been  able  to  significantly 
improve  the  useful  life  of  our  fleet.  Through  collecting  over  100000  hours  of 
data  on  the  F-14B  and  D  aircraft,  we  have  increased  the  available  flight  hours 
for  each  aircraft  an  average  of  12.5%  so  far.  This  translates  into  an 
additional  1  1/2  to  2  years  of  operational  use  for  each  aircraft  saving  many 
hundreds  of  millions  of  dollars  in  new  aircraft  costs. 
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F-14  FATIGUE  TRACKING  - 
LESSONS  LEARNED 


Lessons  Learned  in  Improving  Data  Recovery 

•  Fatigue  Data  Recorders 

-  Avionics 

-  Ground  Stations 

•  Fleet  Interface 

-  Aircrew 

-  Maintainers 


•  Summary 


AVIONICS 


•  We  have  found  advantages  and  disadvantages  to  built-in  and 
retrofit  Flight  Data  Recorders  (FDR’s).  Recall  that  the  F-14 
program  has  both: 

-  FEMS  is  built  into  the  F-14B/D 

-  SDRS  is  retrofit  into  the  F-14A 

•  When  tempo  of  flight  operations  restricts  maintenance,  the  built-in 
systems  are  better  maintained  since  some  parameters  are  mission 
essential. 

•  One  significant  disadvantage  to  built-in  systems  is  that  upgrades 
are  very  expensive. 

•  Piratization  of  computing  or  storage  capacity  can  occur. 


We  have  found  advantages  and  disadvantages  to  built-in  and  retrofit  FDR’s. 
Recall  that  the  F-14  program  has  both: 

-  FEMS  is  built  into  the  F-14B/D 

-  SDRS  is  retrofit  into  the  F-14A 

When  tempo  of  flight  operations  restricts  maintenance,  the  built-in  systems 
are  better  maintained  since  some  parameters  are  mission  essential. 

-  Engineering  requirements  do  not  always  coincide  with  operational 
commitments. 

-  However,  if  you  can  provide  something  back,  like  identifying 
overstresses,  then  those  sensors  are  better  maintained. 

Upgrades  on  retrofit  systems  are  less  programmatically  complicated,  so  it’s 
easy  to  modify  characteristics  of  individual  channels. 

-  A  distinct  disadvantage  to  built-in  systems  is  that  upgrades  are  very 
expensive,  and  take  a  long  time  to  field.  Consequently,  a  cost-benefit 
analysis  for  something  simple  to  improve  data  recovery  and  data  quality 
may  show  the  change  is  cost  prohibitive. 

Be  wary  of  piratization  of  computing  or  storage  capacity. 

-  By  virtue  of  being  on  the  aircraft,  you  are  vulnerable  to  other  systems 
sharing  your  computing  or  storage  capacity. 

-  More  likely  to  happen  on  a  built-in  system,  as  has  happened  with  our 
FEMS  system. 


GROUND  STATIONS 


•  It  is  impossible  to  develop  ground  stations  that  keep  pace 
with  technology. 

-  NAWCAD  Lakehurst  suggests  planning  for  hardware 
obsolescence  every  6-7  years,  and  on-board  software 
changes  every  3  years. 

-  Design  with  the  best  technology  available,  by  time  system 
is  ready  for  release,  the  hardware  is  affordable. 

-  Don’t  lock  system  design  to  prevent  upgrades  and 
enhancements. 


•  It  is  impossible  to  develop  ground  stations  that  keep  pace  with  technology. 

-  NAWCAD  Lakehurst  suggests  planning  for  hardware  obsolescence  every 
6-7  years,  and  on-board  software  changes  every  3  years. 

»  The  problem  is  not  that  the  existing  ground  station  cannot  meet  it’s 
requirements,  it’s  that  there  comes  a  time  when  you  cannot  get  spare 
parts  to  keep  the  machines  running 

»  Software  support  is  a  continuing  requirement  for  the  ground  station 
since  on-board  software  changes  are  inevitable. 

-  Consequently,  when  you  are  developing  a  new  system,  design  it  with  the 
best  technology  available,  by  time  system  is  ready  for  release,  the 
hardware  is  affordable. 

»  There  is  always  that  reluctance  to  use  state-of-the-art  hardware  at  the 
outset  of  a  program. 

-  Don’t  lock  system  design  to  prevent  upgrades  and  enhancements. 

»  We’ve  seen  where  obsolete  hardware  and  operating  systems  have  to 
be  maintained  because  of  the  expense  of  porting  to  new  systems. 

This  means  we  have  to  live  with  work-arounds,  which  degrades 
performance  and  ultimately  the  data  recovery  suffers. 

»  One  thing  that  will  help  is  to  use  commercial  off-the-shelf  (COTS) 
hardware  and  software  that  is  upward  compatible  where  practical, 
which  was  not  an  option  1 0  years  ago. 
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GROUND  STATIONS 
Man/Machine  Interface 


•  Design  the  system  to  give  the  operator  the  minimum  amount  of 
work  and  training  required,  while  still  giving  enough  information 
to  correct  instrumentation  problems. 

-  Assignments  are  generally  collateral  duty  in  a  variety  of 
environments. 

-  Training  should  be  developed,  but  the  best  systems  can  be 
learned  through  pass  down  and  on-the-job  training. 

-  Best  systems  have  routine  procedures. 

-  Quality  control  should  be  built  in  to  flag  aircraft 
instrumentation  problems,  and  provide  data  to  aid 
troubleshooting. 


•  Design  the  system  to  give  the  operator  the  minimum  amount  of  work  and 
training  required,  while  still  giving  enough  information  to  correct 
instrumentation  problems. 

-  Assignments  are  generally  collateral  duty  in  a  variety  of  environments. 

»  It  is  difficult  to  get  manpower  dedicated  to  one  system  with  current 
budgetary  constraints. 

»  The  system  must  go  on  detachments  and  deployments,  so  it  must  be 
either  portable  or  transportable. 

-  Training  can  be  developed,  but  the  best  systems  can  be  learned  through 
pass  down  and  on-the-job  training. 

-  Best  systems  have  routine  procedures. 

»  FEMS  data  is  downloaded  at  the  end  of  the  fly-day. 

»  SDRS  data  download  is  tied  to  10-hour  engine  oil  sample 
maintenance  action. 

-  Quality  control  should  be  built  in  to  flag  aircraft  instrumentation 
problems,  and  provide  data  to  aid  troubleshooting. 

»  Avionics  built-in-test  will  not  catch  all  of  the  problems. 

»  Use  technical  manuals  to  troubleshoot  the  problem  based  on  the  data 
provided  by  the  ground  station. 
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*  Operation  of  the  FDR’s  are  transparent  to  the  aircrew. 

*  What  is  important  is  have  a  working  knowledge  of  aircrew 
regulations,  procedures,  routines,  and  rituals. 

-  The  FDR  should  be  designed  with  normal  operating 
procedures  in  mind. 

-  Knowing  the  normal  operating  procedures  can  help  in 
performing  quality  control  on  the  recorded  data. 


•  Operation  of  the  FDR’s  are  transparent  to  the  aircrew. 

-  The  only  exposure  to  the  FDR  is  a  pilot-initiated  “data  save”  for 
recording  engine  events  on  FEMS,  and  overstresses. 

•  What  is  important  is  for  the  systems  engineers  to  have  a  working  knowledge 
of  aircrew  regulations,  procedures,  routines,  and  rituals. 

-  The  FDR  should  be  designed  with  normal  operating  procedures  in  mind. 

»  We  had  a  problem  early  on  with  FEMS  where  we  did  not  capture 
flights  where  they  were  practicing  landings  and  not  raising  the 
landing  gear. 

-  Knowing  the  normal  operating  procedures  can  help  in  performing  quality 
control  on  the  recorded  data. 

»  The  best  example  of  this  is  we  use  a  neural  network  to  replace  invalid 
wing  sweep  angle  data. 
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MAINTAINERS 


Maintainers  are  a  critical  element  to  a  successful  fatigue  tracking 
system. 

-  They  operate  the  ground  station,  they  check  to  see  that  the 
data  is  correct,  and  they  correct  instrumentation  problems 
when  they  occur. 

The  tools  they  need  are: 

-  Logistics  -  training,  publications,  supply  support,  etc. 

-  Tech  Reps  -  technical  representatives  provide  training  and 
assistance  in  troubleshooting. 

-  Feedback  --  we  provide  data  receipt  feedback  to  provide 
visibility  and  to  correct  deficiencies. 


Maintainers  are  a  critical  element  to  a  successful  fatigue  tracking  system. 

-  They  operate  the  ground  station,  they  check  to  see  that  the  data  is  correct, 
and  they  correct  instrumentation  problems  when  they  occur. 

The  tools  they  need  are: 

-  Logistics  "  training,  publications,  supply  support,  etc. 

-  Tech  Reps  --  technical  representatives  provide  training  and  assistance  in 
troubleshooting. 

»  Tech  reps  are  subject  matter  experts  on  the  aircraft  and  FDR’s. 

»  They  provide  continuity  with  large  turnover  typical  of  military 
environment. 

-  Feedback  --  we  provide  data  receipt  feedback  to  provide  visibility  and  to 
correct  deficiencies. 

»  Since  fatigue  tracking  is  more  important  at  higher  levels  than 
squadrons,  visibility  up  the  chain  of  command  encourages  squadron 
support. 
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THE  FOCUS... 


The  critical  element  to  data  recovery  can  change  with  program 
maturity.  Fpr  the  F-14  experience, 

•  In  Infancy,  the  focus  is  on: 

Updating  hardware  and  software  to  correct  problems,  then 
maintaining  supply  support  of  updated  hardware. 

-  Developing  procedures,  training,  and  technical  publications. 

•  Later,  the  focus  is  on: 

-  Keeping  up  with  training  and  fleet  feedback. 

-  Keeping  ahead  of  hardware  and  software  obsolescence. 


The  critical  element  to  data  recovery  can  change  with  program  maturity.  For 
the  F-14  program,  we  have  that  experience  in  bringing  an  infant  system  to  to 
maturity  - 

-  We’ve  done  it  with  FEMS 

-  We’re  doing  it  with  SDRS 


•  In  Infancy,  the  focus  is  on: 

-  Updating  hardware  and  software  to  correct  problems,  then  maintaining 
supply  support  of  updated  hardware. 

-  Developing  procedures,  training,  and  technical  publications. 

•  Later,  the  focus  is  on: 

-  Keeping  up  with  training  and  fleet  feedback. 

-  Keeping  ahead  of  hardware  and  software  obsolescence. 
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SUMMARY 


•  The  basis  of  the  F-14  Fatigue  Tracking  Program  is  a  parametric 
based  system  that  gives  point-in-the-sky,  sequence  accountable 
information  that  allows  us  to  safely  maximize  the  life  of  each 
aircraft 

•  We’ve  realized  an  increase  in  aircraft  life  through  a  high  data 
recovery  rate. 

-  Intense  scrutiny  on  design  and  upkeep  of  the  avionics  and 
ground  stations. 

-  Close  contact  with  fleet  administration,  the  Tech  Reps,  and 
where  practical,  the  maintainers  themselves. 


•  We  tried  using  an  approach  where  there  is  little  to  no  impact  on  the 
maintainers. 

-  An  agreement  on  the  A-6  SDRS  development  was  for  a  once  per  month 
download. 

»  SDRS  replaced  the  Counting  Accelerometer  Postcard,  which  was  a 
once-a-month  odometer-style  reading. 

»  Introducing  a  more  labor-intensive  FDR  was  a  tough  sell  when 
squadron  resources  were  dwindling. 

•  We  rely  on  total  involvement  of  the  whole  team.  Once  they  learned  the 
value  of  FDR’s  for  enhancing  the  fatigue  life  of  their  airframes,  they  came  to 
us  with  suggestions  to  improve  data  recovery  in  spite  of  the  increased 
manpower  requirements.  They  keys  are: 

-  Close  contact  with  fleet  administration,  the  Tech  Reps,  and  where 
practical,  the  maintainers  themselves. 

-  The  maintainers  are  a  critical  member  of  the  team. 

»  Give  them  the  tools  to  effectively  do  their  job. 

»  Remind  them  that  their  efforts  are  important. 
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1996  USAF  ASIP  Conference  -  3-5  December  1 996 
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Synopsis 

This  paper  will  describe  recent  work  that  the  Royal  Australian  Air  Force 
(RAAF)  has  undertaken  on  improving  usage  monitoring  on  its  fleet  of  ageing 
aircraft.  The  paper  briefly  outlines  where  usage  monitoring  fits  into  the  RAAF 
Aircraft  Structural  Integrity  Program  (ASIP)  and  why  usage  monitoring  is  now 
the  subject  of  increased  attention.  The  paper  then  provides  cases  studies  based  on 
P-3,F-111  and  B707  aircraft. 

For  each  aircraft  type,  the  following  elements  are  discussed: 

a.  the  basis  of  ASIP  management, 

b.  how  usage  monitoring  fits  into  the  ASIP, 

c.  the  short  comings  of  the  existing  usage  monitoring  program,  and 

d.  improvements  to  the  usage  monitoring  system. 
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Introduction 


The  Royal  Australian  Air  Force  (RAAF)  has  developed  a  range  of  programs  to 
manage  the  structural  integrity  of  aircraft  in  both  RAAF  and  Australian  Army 
inventory.  The  specifics  of  each  program  are  generally  unique  to  an  aircraft  type, 
however,  each  program  does  accord  to  the  same  generic  principles.  The  Aircraft 
Stmctural  Integrity  Program  (ASIP)  subsumes  the  individual  aircraft  programs 
and  is  aimed  at  managing  the  structural  airworthiness  of  aircraft  such  that 
operations  can  safely  continue  until  the  planned  withdrawal  dates  (PWDs)  for  the 
aircraft  are  reached.  This  ASIP  mission  can  be  viewed  in  terms  of  the  following 
constituent  elements; 

a.  To  constrain  the  risk  of  structural  failure,  particularly  for  structure 
the  failure  of  which  would  have  safety  of  flight  (SOF)  ramifications. 

b.  To  implement  and  assist  with  asset  preservation  measures  to  achieve 
PWD. 

c.  To  achieve  the  safety  and  longevity  goals  without  imparting  undue 
operational  or  logistical  constraints. 

Pursuit  of  the  above  ASIP  goals  is  accomplished  via  a  range  of  initiatives,  the 
major  foundations  of  which  are  as  follows: 

a.  Establish,  evaluate  and  substantiate  the  structural  integrity  (airframe 
strength,  rigidity,  damage  tolerance  and  durability)  of  the  aircraft 
structure. 

b.  Acquire,  evaluate  and  utilise  operational  usage  and  aircraft  structural 
condition  data  to  provide  continual  assessment  of  the  in-service 
integrity  of  individual  aircraft  structure. 

c.  Provide  a  basis  for  determining  logistics  and  RAAF  and  Army 
planning  requirements  (maintenance,  inspections,  spares,  rotation  of 
aircraft,  weapon  system  replacement  and  future  requirements). 

d.  Provide  a  basis  to  improve  structural  criteria  and  methods  of  design, 
evaluation  and  substantiation  for  future  aircraft  structure. 
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Consequently,  usage  monitoring  (UM)  programs  are  an  integral  part  of  the 
ASIP  and  provide  feedback  on  the  usage  of  individual  aircraft,  and  the  fleet  of  an 
aircraft  type,  to: 

a.  assess  if  each  individual  aircraft  is  being  operated  within  the  fleet’s 
defined  usage  spectrum  and  hence,  assess  if  its  certification  basis 
remains  valid; 

b.  enable  structural  life  assessments  to  be  based  on  actual  individual 
aircraft  usage;  and 

c.  provide  historical  data  on  which  to  base  predicted  usage  spectra  for 
future  acquisitions. 

For  aircraft  approaching  or  passed  their  substantiated  life  limit,  accurate  UM  is 
particularly  important.  Accurate  usage  data  enables  accurate  determination  of  the 
rate  of  damage  accumulation.  This  can  facilitate  the  calibration  of  aircraft  usage 
to  that  used  in  fatigue  test  work  thereby  refining  safe-life  limits  or  it  can  help  to 
accurately  define  inspection  requirements  for  those  aircraft  that  are  managed 
under  the  safety-by-inspection  (SBI)  methodology. 

The  depth  of  UM  varies  from  simple  parametric  approaches,  rudimentary  on- 
boards  monitoring  systems  utilising  Nj.  meters,  to  highly  advanced  digitally  based 
recording  systems  with  on-board  processing  capabilities.  Historically,  the  level 
of  UM  employed  in  the  management  of  an  aircraft  was  a  function  of  what 
technology  was  relevant  to  the  era  of  manufacture.  Some  aircraft  were 
retrospectively  fitted  with  meters  and  others  had  parametric  based  systems 
developed  for  their  management.  However,  in  recent  times,  economics  has 
driven  the  RAAF  to  revisit  UM  requirements. 

Aircraft  structural  integrity  has  been  assured  in  the  past  through  the  application 
of  management  procedures  appropriate  to  the  level  of  capability  of  the  UM 
system.  Accordingly,  there  has  been  a  degree  of  conservatism  required  when 
implementing  the  results  of  rudimentary  recording  systems.  However,  with 
better  recording  (whether  based  on  improved  systems  or  simply  enhancements  to 
current  systems),  many  of  the  conservatisms  can  be  relaxed.  This  provides 
economic  benefit  in  terms  of  making  full  use  of  available  aircraft  life. 

Recognition  of  this,  coupled  with  the  cost  and  robustness  of  new  UM  systems,  has 
prompted  the  RAAF  to  upgrade  the  UM  systems  on  the  P3C  and  F-1 1 1  and  better 
integrating  UM  work  on  B707  aircraft. 
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P3  Usage  Monitoring 


The  P3  structure  is  currently  managed  on  a  safe  life  basis  in  accordance  with 
the  Lockheed  developed  Service  Life  Evaluation  Program  (SLEP).  This  program 
was  developed  as  part  of  a  Service  Life  Extension  Program  which  considered  the 
life  limiting  aspects  of  the  US  Navy  P3A  aircraft.  The  study  examined  both 
fatigue  and  corrosion  aspects  of  the  ageing  P3A.  The  SLEP  was  considered 
successful  for  the  P3  A  and  subsequently  extended  to  include  the  other  P3  models 
operated  by  the  US  Navy  (P3B  (L&H)  and  P3C). 

The  SLEP  is  a  unique  structural  fatigue  life  management  method  that 
incorporates  both  safe  life  (SL)  and  safety-by-inspection  (SBI)  management.  The 
SL  is  based  on  a  Miner’s  cumulative  damage  analysis  method  and  the  SBI 
component  is  based  on  analytical  crack  growth  calculations.  The  RAAF  SLEP 
only  requires  hours,  flights  and  landing  values  for  each  mission  type  flown  to 
calculate  the  SL;  Nz  data  is  not  required.  The  SLEP  recommends  initiation  of  a 
SBI  program  at  75%  of  the  SL  but  the  inspection  program  is  only  valid  to  the  SL. 
Once  the  SL  is  reached,  a  different  inspection  program  must  be  developed.  Thus 
the  SLEP  is  only  useful  up  to  the  SL  of  the  aircraft  even  though  it  instigates  a  SBI 
program.  Although,  at  the  SL  the  structural  condition  of  the  safe  life  components 
will  be  known  and  a  decision  to  continue  operation  or  retire  the  structure  can  be 
made. 

In  1981  the  RAAF  tasked  Lockheed  to  develop  a  SLEP  for  the  RAAF  P3C 
aircraft.  The  RAAF  SLEP  was  based  on  RAAF  Nz  data  and  the  US  Navy  SLEP 
program.  Adjustments  were  made  to  account  for  differences  in  usage  between 
the  two  fleet,  based  on  mission  profiles  and  Nz  data.  By  1989,  the  RAAF  usage 
had  changed  such  that  the  SLEP  was  no  longer  appropriate.  Lockheed  was 
tasked  to  conduct  a  second  SLEP;  named  SLEP  II.  SLEP  II  only  considered  the 
SL  analysis  component  of  the  SLEP  and  adjusted  the  program  to  account  for  the 
changes  in  usage. 

Current  usage  predictions  indicate  that  the  SLEP  II  SL  will  be  exceeded  before 
the  P3C  PWD  of  2015  and,  for  operations  beyond  the  SL,  structural  integrity  will 
be  assured  using  a  SBI  program.  The  SBI  program  will  begin  with  the  SLEP  SBI 
program  but  only  to  the  SLEP  II  SL.  After  this,  SBI  will  continue  but  the 
program  will  include  all  SLEP  II  safe  life  structural  items  and  all  non  safe  life 
structural  items  that  may  impact  on  structural  integrity. 
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Present  usage  indicates  that  the  SLEP  II  may  be  inappropriate  for  future  RAAF 
P3  structural  life  management  because  usage  has  changed  since  the  development 
of  SLEP  II.  Consequently  the  SLEP  SBI  is  also  considered  inappropriate.  To 
further  complicate  the  issue,  the  RAAF  fleet  is  about  to  undergo  a  significant 
configuration  change  that  will  alter  the  aircraft  center  of  gravity  and  usage.  The 
uncertainty  in  the  SLEP,  the  proximity  of  the  SL,  the  intention  to  operate  the 
aircraft  to  2015  and  the  unknown  effect  of  the  configuration  changes,  highlight 
the  need  for  an  omniscient  through  life  fatigue  life  management  system  for  the 
RAAF  P3  aircraft.  This  need  has  resulted  in  the  development  of  a  comprehensive 
P3  structural  life  strategy  that  addresses  all  the  structural  integrity  concerns 
associated  with  the  use  and  operation  of  the  P3  beyond  the  SLEP  II  SL.  The 
strategy  is  made  up  of  three  distinct  phases; 

a.  Usage  monitoring  and  SL  analysis  before  the  configuration  change, 

b.  Usage  monitoring  and  SL  analysis  after  the  configuration  change, 
and 

c.  Usage  monitoring  and  SBI  program  development  for  continued 
operations. 

Phase  one  will  involve  the  installation  of  advanced  monitoring  equipment  in 
two  aircraft  to  record  wing  strain  and  flight  parameters.  The  data  will  be  used  for 
mission  profile  development  and  SL  analysis.  All  historic  data  held  by  the  RAAF 
will  be  reviewed  and  combined  with  the  wing  strain  and  flight  parameter  data  to 
produce  a  complete  structural  load  history  for  SL  analysis  of  each  aircraft.  The 
SL  analysis  is  expected  to  be  based  on  a  Miner’s  rule  analysis  and  will  follow  the 
SLEP  analysis  approach. 

Phase  two  will  involve  the  installation  of  an  advanced  monitoring  system, 
similar  to  that  of  phase  one,  which  will  remain  installed  for  phase  three  and  the 
remainder  of  the  aircraft  life.  The  equipment  will  be  installed  in  a  sample  of  the 
fleet  such  that  there  will  always  be  four  operational  aircraft  monitored.  The 
equipment  will  record  wing,  fin  and  horizontal  tail  strains,  and  flight  parameters. 
The  data  will  be  used  for  SL  analysis  using  the  program  developed  in  phase  one 
but  modified  to  aecount  for  the  configuration  changes. 

Phase  three  will  involve  the  development  of  a  complete  structural  SBI 
program.  The  analysis  will  begin  with  the  identification  of  all  structurally 
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significant  areas  and  include  a  structural  Durability  and  Damage  Tolerance 
Assessment  (DADTA)  to  all  the  SL  locations. 

To  date,  the  functional  specification  for  the  hardware  of  phases  two  and  three 
has  been  developed  and  the  equipment  will  be  installed  during  the  configuration 
modification  program.  The  functionality  of  the  phase  one  equipment  has  also 
been  identified  and  installation  is  expected  early  in  1997.  The  software  and 
analysis  methods  for  the  DADTA  have  not  yet  be  finalised.  The  phase  three  SBI 
program  is  anticipated  to  be  fully  operational  in  approximately  five  years. 


F-111  Usage  Monitoring 


The  structure  of  the  F-111  aircraft  is  managed  on  the  basis  of  assuring  integrity 
through  repeated  inspections.  This  SBI  methodology  requires  the  determination 
of  inspection  requirements  through  assessment  of  the  rate  of  damage  accrual. 
Some  assessment  is  possible  via  the  recording  of  inspection  results,  however, 
predictive  methods  (for  fatigue  related  damage)  axe  largely  based  on  carrying  out 
crack  growth  calculations.  This  necessitates  developing  stress  histories  in  critical 
structural  locations  which,  in  turn,  requires  details  of  aircraft  usage. 

The  current  inspection  requirements  for  the  F-111  are  largely  based  on  the 
results  of  a  DADTA  program  based  on  1980s  operational  usage.  The  UM  system 
employed  to  collect  and  collate  UM  data  was  comprised  of  three  levels.  The  first 
level  of  recording  consisted  of  manual  recording  of  mission  parameters  such  as 
flight  time,  weights,  profiles  and  stores.  The  second  level  of  recording  was  based 
on  data  collected  from  meters  installed  on  each  aircraft.  The  third  level  of 
recording  was  accomplished  via  a  broad  parametric  multi-channel  recorder 
(MCR).  This  MCR  recorded  a  wide  range  of  parameters  that  were  determined  to 
impact  upon  structural  loads;  such  as  altitude,  mach  number,  wing  sweep, 
etcetera.  The  MCR  was  only  fitted  to  four  aircraft  for  a  limited  period  of  time 
(that  is,  on  a  survey  basis)  and  the  first  two  levels  of  recording  were  required  to 
assemble  the  MCR  data  such  that  it  was  representative  of  fleet  operations. 

The  first  two  levels  of  UM  have  continued  unabated  since  the  1980s  and  these 
have  been  used  to  assess  whether  there  has  been  significant  changes  in  operations 
since  the  DADTA  spectra  were  developed.  Indications  are  that  changes  have 
occurred  (for  example,  due  to  Pavetack  operations)  and,  consequently,  the  validity 
of  the  DADTA  results  needs  to  be  revisited.  To  accomplish  this,  an  on-board 
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parametric  recording  system  is  again  required,  however,  the  MCR  system  is  no 
longer  supportable  and  an  alternate  system  is  required. 

Significant  progress  was  made  on  acquiring  and  installing  Smiths  Industries’ 
Standard  Flight  Data  Recorder,  however,  a  funding  shortfall  forced  the 
cancellation  of  the  project  and  funds  were  redirected  elsewhere.  Shortly 
afterwards,  the  RAAF  issued  and  funded  a  requirement  for  all  aircraft  to  be  fitted 
with  crash  data  recorders  (CDRs).  There  is  a  great  deal  of  commonality  with  the 
parameters  required  by  the  CDR  system  and  that  required  by  a  comprehensive 
parameter  based  UM  system.  Accordingly,  and  at  a  fraction  of  the  cost  of  the 
SFDR  system,  a  UM  system  is  under  development  that  will  ‘piggy-back’  the 
CDR.  The  simplicity  of  the  solution  is  benefited  by  the  upgrade  of  RAAF  F-1 1 1 
aircraft  to  digital  based  systems  and  there  are  only  a  few  analogy  signals  that 
require  conversion  prior  to  storage  on  a  stand-alone  memory  unit.  At  this  stage, 
the  UM  system  will  only  be  fitted  to  a  fleet  sample  and  on-board  data 
compression  will  be  limited.  This  reflects  a  staged  approach  to  implementation 
in  which  initial  costs  are  being  minimised  by  focusing  on  the  minimum 
requirements  necessary  to  achieve  a  capable  UM  system.  This  is  based  on  the 
precept  that  a  limited  UM  system  is  better  than  no  UM  system. 

Concurrent  with  this  work,  the  RAAF,  with  the  assistance  of  Aeronautical  and 
Maritime  Research  Laboratories,  is  developing  and  refining  methodologies  for  the 
use  and  integration  of  a  strain  based  UM  system.  The  system  consists  of  ten 
strain  gauges  and  one  channel  and  is  fitted  to  approximately  30  percent  of  the 
fleet.  Strain  data  is  currently  stored  on  a  unique  stand  alone  recording  system, 
however,  the  new  UM  memory  unit  will  be  capable  of  storing  strain  data  thereby 
facilitating  the  integration  of  strain  data  into  the  UM  system  for  the  F-1 1 1  aircraft. 

B-707  Usage  Monitoring 

The  RAAF  operates  a  fleet  of  five  B-707-300C  aircraft  in  the  passenger  and 
cargo  transport  roles,  for  both  domestic  and  international  travel.  Over  1 988  to 
1992  four  aircraft  were  fitted  with  removable  wing-tip  refuelling  pods  to  provide 
an  air-to-air  refuelling  (AAR)  capability.  The  AAR  role  increases  the  fatigue 
damage  accumulation  rate  to  the  wing  structure  compared  to  non  AAR  flights, 
and  the  RAAF  removes  the  wing-tip  pods  when  they  are  not  in  use.  The  five 
aircraft  have  each  accumulated  between  19  000  to  22  800  flights  and  28  600  to 
55  600  air-frame  hours.  The  RAAF  plans  to  retain  the  B-707s  in  service  until 
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2010,  although  this  is  subject  to  review  pending  a  life  cycle  cost  review  and  an 
investigation  into  noise  abatement. 

The  RAAF  B-707  ASIP  relies  on  compliance  with  the  Boeing  system  of 
maintenance  together  with  the  Boeing  ageing  aircraft  maintenance  requirements. 
These  encompass  threshold  and  repeat  inspections  in  accordance  with  the 
Supplemental  Structural  Inspection  Program/Document  (SSIP),  corrosion 
prevention  and  control,  maintenance  program  review,  and  repair  quality 
assessment.  Overlaying  these  requirements  is  a  RAAF  unique  management 
system  to  account  for  the  impact  of  AAR  on  aircraft  structural  integrity. 

Additional  inspections  are  made  to  a  set  of  fatigue  critical  locations  that  are 
unique  to  the  AAR  modified  structure,  and  adjustments  are  made  to  the  SSIP 
inspection  requirements  for  a  group  of  baseline  configuration  structural  locations 
that  are  affected  by  AAR  usage.  A  separate  DTA  performed  by  the  AAR 
modification  contractor  supports  the  associated  inspection  requirements.  Other 
key  elements  of  the  RAAF  B-707  ASI  management  philosophy  include  recording 
and  monitoring  the  structural  condition,  monitoring  aircraft  usage  and  keeping 
abreast  of  world-wide  B-707  structural  activities. 

Historically  the  B-707  usage  monitoring  system  has  recorded  limited  data 
(flight  hours,  full  stop  and  touch  and  go  landings)  to  support  the  scheduling  of 
SSIP  inspections,  as  well  as  recording  missions  that  carry  the  AAR  pods  to  allow 
adjustments  for  the  pods  affected  critical  structure  based  on  the  actual  pods-on 
usage.  Considerable  other  data  has  also  been  recorded  (such  as  take-off  weight, 
fiiel  weight  data,  and  mission  duration),  however,  it  has  mostly  been  used  for 
operational  purposes  and  was  not  well  integrated  into  the  structural  management 
program.  In  recent  years  the  RAAF  has  revisited  the  B-707  structural  condition 
monitoring  and  aircraft  usage  monitoring  programs.  This  was  considered 
particularly  important  for  the  RAAF  B-707s  which  will  soon  be  amongst  the 
world- wide  fleet  leader  population  and  which  are  of  a  unique  configuration  (fitted 
for  AAR).  Particularly,  additional  usage  data  was  sought  to  assess  the  RAAF 
usage  in  comparison  to  the  commercial  usage  that  underlies  the  inspection 
program  mandated  by  the  SSIP.  The  data  is  necessary  to  validate  the  adequacy  of 
the  SSIP  for  RAAF  operations,  and  also  to  provide  a  basis  to  rationalise  the  SSIP 
inspection  requirements  according  to  RAAF  usage.  Particular  differences 
between  RAAF  B-707  operations  and  commercial  operations  include  a  higher 
proportion  of  aircrew  training,  different  operating  weights  and  air-to-air  refuelling 
tasks. 


In  early  1996  a  contractor  was  tasked  to  recommend  a  service  life  monitoring 
program  (SLMP)  for  the  RAAF  B-707  fleet  which  encompassed  updated  usage 
monitoring  and  integrated  structural  condition  monitoring.  The  contract  assessed 
the  structural  build  state  of  each  aircraft,  recent  usage  patterns,  existing  data 
recording  systems  and  the  adequacy  of  the  AAR  structural  management  system. 
The  outcomes  from  the  investigations  proposed  a  manual  entry  parametric  type 
recording  system  to  satisfy  the  flight  data  and  maintenance  inspection  recording 
requirements,  in  conjunction  with  a  computer  database  information  management 
support  system.  The  latter  will  likely  be  provided  by  an  existing  third  party 
defence  contractor  who  provides  data  management  services  for  other  RAAF 
aircraft.  The  studies  also  highlighted  deficiencies  in  the  AAR  management 
system,  particularly  in  the  area  of  the  assumed  analytical  stress  spectra  used  for 
the  DTA,  as  well  as  significant  changes  to  the  AAR  usage  patterns  that  were  not 
automatically  accounted  for  with  the  current  structural  management  program. 
Follow-up  activities  to  instigate  the  proposed  SLMP  are  current  RAAF  tasks. 

The  following  paragraphs  describe  the  RAAF  direction  for  future  B-707  flight 
data  usage  recording  and  structural  condition  recording,  and  these  changes  are 
expected  to  be  made  within  the  next  twelve  months. 

Flight  Data  Usage  Recording.  For  structural  integrity  UM  support,  RAAF  B- 
707  operations  will  be  categorised  into  five  mission  profiles  based  on  flight 
duration,  training,  and  AAR  operations.  The  five  profiles  comprise  short  range 
transport  (less  than  three  hours),  long  range  transport  (greater  than  three  hours), 
training,  AAR  with  fuel  transfer  and  AAR  ferry.  These  profiles  will  be  coupled 
to  a  fatigue  damage  model  that  will  allow  the  RAAF  to  relate  usage  to  fatigue 
damage.  It  is  yet  to  be  decided  whether  a  customised  damage  model  will  be 
developed  to  suit  RAAF  B-707s,  or  whether  fatigue  damage  assessments  will  be 
referred  to  the  OEM.  An  existing  Flight  Engineer’s  Log  form,  which  is  currently 
used  to  record  take-off  weight  and  fuel  data,  flight  duration  and  landing 
information,  will  be  expanded  to  include  altitude/time  data,  fuel  offload  weights, 
and  additional  landing  data  and  this  document  will  then  become  the  primary  UM 
recording  form.  The  advantage  of  using  this  form  is  that  an  new  system  does  not 
need  to  be  introduced  to  satisfy  the  operational  data  recording  requirements.  The 
data  from  the  Flight  Engineer’s  Log  will  be  managed  using  a  computer  database 
and  six  monthly  reports  will  be  raised  showing  periodic  usage  results,  trends, 
predictions  and  variations  that  are  likely  to  impact  upon  structural  integrity.  The 
data  will  also  allow  revisions  to  the  inspection  intervals  in  accordance  with 
individual  aircraft  usage.  Furthermore,  the  information  will  make  comparative 
studies  with  other  military  B-707  operators  feasible. 
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Structural  Condition  Recording.  Considerable  structural  maintenance  data  is 
already  recorded  by  the  RAAF  and  the  primary  B-707  depot  level  maintenance 
(DLM)  contractor  (QANTAS);  however,  this  data  is  not  well  managed  or  used. 
Condition  reports  are  raised  after  each  DLM  visit  and  the  intention  is  that  these 
reports  will  be  enhanced  to  more  clearly  report  corrosion  and  fatigue  defect  and 
repair  data.  Furthermore,  a  maiual  entry  recording  system  will  be  introduced  to 
record  the  inspection  results  from  the  ageing  aircraft  program.  Positive  and 
negative  defect  findings  will  be  recorded.  These  reports  will  form  the  basis  for 
on-going  structural  condition  assessments. 


Conclusion 


The  RAAF  in  the  process  of  enhancing  ASIPs  for  ageing  aircraft  each  aircraft 
through  incorporating  improvements  to  usage  monitoring.  The  objectives  of  this 
effort  are  to  support  safe,  efficient  operations  until  the  aircraft  PWDs,  as  well  as 
providing  data  for  new  aircraft  acquisition.  There  are  various  levels  and  types  of 
UM  systems  employed  in  each  aircraft  type  depending  upon  the  associated 
structural  integrity  management  programs.  They  range  from  simple  manual  entry 
parametric  systems  to  fully  automated  flight  parameter  and  strain  based  systems. 
The  P3C,  F-1 1 1  and  B-707  aircraft  are  examples  of  ageing  aircraft  in  the  RAAF 
inventory  that  are  receiving  considerable  attention  and  enhancement  in  usage 
monitoring.  These  initiatives  are  expected  to  mature  on  these  aircraft  within  the 
next  few  years  to  better  support  the  life  management  for  each  aircraft  fleet. 
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SYNOPSIS 

A  REVIEW  OF  A  STRAIN  AND  FLIGHT  PARAMETER  DATA  BASED  AIRCRAFT 
FATIGUE  USAGE  MONITORING  SYSTEM 

In  the  current  environment  of  decreasing  budgets,  the  need  for  an  accurate  and  reliable  fatigue 
usage  monitoring  system  is  of  ever  increasing  importance  to  ensure  the  safe  and  economical 
utilisation  of  aircraft,  which  are  now  expected  to  last  much  longer  than  first  envisaged.  Strain 
based  in-flight  data  recorders  are  perceived  to  provide  an  increase  in  accuracy  over  the 
conventional  fatigue  g  meter,  and  have  thus  been  implemented  worldwide  by  many  military 
fleet  operators.  Although  this  may  be  the  case,  these  new  generation  recorders  and  the  systems 
required  for  fatigue  damage  interpretation  are  complex,  and  many  problems  can  arise  with 
their  use. 

The  Royal  Australian  Air  Force  use  a  system  which  utilises  seven  strain  sensors  and  multiple 
flight  parameters  to  monitor  the  usage  of  their  F/A-18  fleet.  A  review  of  the  integrity  of  the 
fatigue  monitoring  system  has  resulted  in  several  suggestions  for  improving  its  accuracy. 

This  paper  addresses  the  generic  findings  of  this  review  and  presents  lessons  learnt  which 
should  be  considered  in  the  implementation  of  fatigue  monitoring  systems.  Areas  covered 
include  problems  associated  with  the  positioning  of  the  strain  sensors,  in-flight  sensor 
calibration  and  drift,  sensor  bi-linearity,  calibration  of  damage  models  against  durability  test 
results,  and  data  validation.  The  reliability  of  strain  sensors  and  the  effects  of  overloads  on  life 
predictions  are  also  considered.  The  findings  discussed  in  this  paper  can  significantly  effect 
the  fatigue  damage  calculation  procedure,  regardless  of  the  quality  and  type  of  the  recorder  in 
use. 
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1.  introduction 


In  the  current  environment  of  decreasing  budgets,  the  need  for  an  accurate  and  reliable  fatigue 
usage  monitoring  system  is  of  ever  increasing  importance  to  ensure  the  safe  and  economical 
utilisation  of  aircraft,  which  now  are  expected  to  last  longer  than  ever.  Strain  based  in-flight 
data  recorders  are  perceived  to  provide  an  increase  in  accuracy  over  the  conventional  fatigue  g 
meter,  and  have  thus  been  implemented  worldwide  by  many  military  fleet  operators.  Although 
this  may  be  the  case,  these  later  generation  recorders  and  the  systems  required  for  fatigue 
damage  interpretation  are  complex,  and  many  problems  can  arise  with  their  use. 

In  common  with  other  F/A-18  operators,  the  Royal  Australian  Air  Force’s  (RAAF)  principal 
tool  utilised  for  managing  the  life  of  the  F/A-18  aircraft,  is  a  system  developed  by  the 
aircraft’s  manufacturer,  McDormell  Douglas  Aerospace  (MDA),  known  as  the  Maintenance 
Signal  Data  Recording  System  (MSDRS).  The  MSDRS  utilises  seven  strain  sensors  and 
multiple  flight  parameters  to  monitor  the  usage  of  individual  F/A-18  aircraft.  The  MSDRS 
also  performs  other  ftmctions  including  engine  health  monitoring.  The  system  used  to 
interrogate  the  data  and  calculate  individual  aircraft  fatigue  accrual  has  undergone  several 
iterations  since  its  conception.  These  iterations  have  evolved  from  improvements  suggested 
by  MDA  and  the  aircraft’s  structural  integrity  managers. 

As  part  of  this  evolution,  a  recent  intensive  review  of  the  integrity  of  the  current  fatigue 
monitoring  system  was  conducted  by  DSTO’s  Aeronautical  and  Maritime  Research 
Laboratory  for  the  RAAF  and  several  suggestions  were  made  to  further  improve  its  reliability 
and  accuracy. 

In-addition  to  the  primary  system  based  on  the  MSDRS,  the  RAAF  have  also  developed  an 
alternative  method  based  on  Nz  or  strain  exceedances  and  simple  Miner’s  Rule  known  as  the 
Mission  Severity  Monitoring  Program  (MSMP).  In-addition  to  these  two  systems  the  RAAF’s 
F/A-18  fleet  is  also  equipped  with  a  Range-Pair  Count  (RPC)  recording  system,  manufactured 
by  British  Aerospace  Australia,  known  as  the  Aircraft  Fatigue  Data  Analysis  System 
(AFDAS),  which  utilises  an  additional  eleven  strain  sensors.  Currently  the  AFDAS  data  is  not 
processed  routinely. 

This  paper  addresses  the  generic  findings  of  the  review  of  the  fatigue  monitoring  system  and 
presents  lessons  learnt  which  should  be  considered  in  the  implementation  of  any  fatigue 
monitoring  system.  Areas  covered  include  problems  associated  with  the  positioning  of  the 
strain  sensors,  in-flight  sensor  calibration  and  drift,  sensor  bi-linearity,  calibration  of  damage 
models  to  durability  test  results,  and  data  validation.  The  reliability  of  strain  sensors  and  the 
effects  of  overloads  on  life  predictions  are  also  briefly  considered.  The  issues  presented  can 
have  a  significant  effect  on  the  fatigue  damage  calculation  procedure,  regardless  of  the  quality 
and  type  of  the  recorder  in  use.  Further  the  lessons,  derived  from  F/A-18  experience,  are 
applicable  regardless  of  the  aircraft  structural  integrity  management  philosophy,  namely  safe 
life  or  damage  tolerance. _  _ 


1036 


2.  Background 


The  design  speeification  for  the  F/A-18  required  that  the  aircraft  be  designed  to  achieve  a 
6000  hour  (safe)  Life  of  Type  (LOT)  to  a  predefined  USN  manoeuvre  and  operational 
environment.  To  assist  the  fleet  manager  in  achieving  the  required  LOT  the  design  authority 
(USN’s  NAVAL  AIR  SYSTEMS  COMMAND-referred  to  as  NAVAIR)  and  the  prime 
contractor  (MDA)  developed  a  system  of  fatigue  life  monitoring  tools.  This  system  has  been 
adapted  for  use  by  the  RAAF  and  is  known  as  “the  Hornet  Maintenance  Data  and  Service  Life 
Monitoring  System  (MD&SLMS)”.  The  MD&SLMS  includes  the  aircraft’s  on-board  data 
acquisition  system,  the  MSDRS,  the  data  collection  and  storage  functions,  and  analysis 
software  derived  from  the  NAVAIR  F/A-18  “Structural  Appraisal  of  Fatigue  Effects  (SAFE)” 
program.  The  MSDRS  is  an  omnibus  system  which  records  time  based  data  from  the  aircraft's 
data  bus  and  strain  sensors  located  such  as  to  be  representative  of  fatigue  critical  locations  in 
significant  structural  items  throughout  the  aircraft.  The  strain  sensor  locations  were  chosen  to 
be  predominantly  sensitive  to  each  component’s  bending  load.  Strain  data  is  filtered  by  a 
discrimination  and  deadband  criteria  before  it  is  recorded  in  Peak/Valley  (PV)  format.  When  a 
“trigger”  PV  criteria  is  met  for  a  particular  gauge/sensor,  that  gauge  along  with  all  other 
gauges,  and  a  limited  number  of  flight  parameters,  are  simultaneously  recorded. 

The  fatigue  life  monitoring  program  (SAFE)  implemented  for  the  aircraft,  compares  the  usage 
of  an  individual  aircraft  to  that  of  a  representative  fatigue  test  article.  The  test  spectrum  should 
be  similar  to  that  of  operational  aircraft  spectra.  As  the  aircraft  was  designed  and  certified  to  a 
safe  life  philosophy,  when  the  damage  accumulated  on  a  particular  aircraft  matches  that 
calculated  to  have  been  imparted  to  the  test  article  at  the  completion  of  testing,  with 
appropriate  scatter  factors  applied,  the  aircraft  is  said  to  have  consumed  its  safe  life.  The 
duration  of  all  fatigue  tests  incorporate  an  appropriate  scatter  factor  on  design  life  which 
depends  on  the  design  specifications. 

The  SAFE  process  calculates  a  Fatigue  Life  Expended  Index  (FLEI)  for  individual  aircraft  in 
the  fleet.  The  FLEI  is  defined  as: 


Z  (Calculated  Aircraft  Fatigue  Damage)  /SF] 


and  when 


FLEI  =  S(Damage  Accrued  on  Fatigue  Test  Article  at  Demonstrated  Life)*SF2  =  1.0,  the 
aircraft  is  said  to  have  consumed  its  safe  life.  Where: 

Z  cumulative  sum 

SF2  scatter  factor  applied  to  fatigue  test  result  as  mandated  in  the  test 

specification 

SFi  scatter  factor  applied  by  the  fleet  operator  (if  different  to  SF2) 

For  the  F/A-18  the  relevant  fatigue  substantiation  test  is  designated  as  the 
MDA  FT01/ST16/FT93  (referred  to  here  as  ST16) 


As  the  structure  which  primarily  governs  the  safe  (or  economical)  life  of  the  aircraft  as 
currently  demonstrated  on  ST16  test  is  one  of  the  three  centre  fuselage  aluminium  wing 
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attacliment  bulkheads,  the  FLEI  calculated  from  the  strain  sensor  placed  at  the  wing  root 
(WR)  titanium  lug  at  fuselage  station  FS470  (the  central  bulkhead),  to  monitor  the  fatigue 
usage  of  the  centre  fuselage  and  inner  wing,  is  of  primary  concern. 

In-addition  to  the  primary  system  based  on  the  MSDRS,  the  RAAF  have  also  developed  an 
alternative  method  based  on  Nz  and  strain  exceedances,  and  a  unit  damage  matrix  based  on 
simple  Miner’s  Rule  fatigue  damage  calculation,  known  as  the  MSMP.  This  is  available  at 
squadron  level  to  enable  the  fleet  commander  to  have  ready  access  to  flight  usage  severity 
information,  to  enable  them  to  manage  flying  severity  against  a  plarming  limit.  The  MSMP 
results  are  also  periodically  compared  to  those  from  the  SAFE  system. 

In  conducting  the  review,  both  the  SAFE  and  MSMP  systems  were  investigated. 

As  indicated  the  F/A-18  was  designed  and  certified  to  a  safe  life  philosophy.  At  the  core  of 
the  SAFE  software,  is  the  MDA  sequence  accountable  fatigue  crack  initiation  module, 
CRACKI,  which  includes  the  use  of  Neuber’s  notch  stress  algorithms,  equivalent  strain 
equations^  hysteresis  effects  and  material  fatigue  data  (for  R  =  CTmax/o^min  “  ■!)•  CRACKI  is 
used  to  calculate  the  FLEI.  The  SAFE  and  CRACKI  processes  are  described  in  detail  in  Ref  1 
and  3. 

As  with  other  high  strength  aluminium  alloys,  the  7050-T74  material  used  in  many  F/A-18 
components  has  a  critical  crack  size^  close  to  the  detectability  limits  of  current  NDI 
techniques  and  are  not  manageable  on  a  safety  by  inspection  basis.  As  such,  the  aircraft 
operators  require  a  reliable  and  accurate  fatigue  monitoring  tool  to  ensure  that  the  LOT  is  not 
exceeded. 

The  major  findings  of  this  review  included  limitations  or  deficiencies  in  the  MSDRS 
parameter  data  checking  routines,  in  the  strain  based  sequence  accountable  cumulative  fatigue 
damage  model,  and  in  the  available  coupon  test  and  material  data.  The  findings  and  the  results 
were  documented  in  Ref  1  and  2.  Some  of  the  lessons  learnt  from  this  investigation  form  the 
basis  of  this  paper,  but  other  observations  from  F/A-18  related  activities  are  also  discussed. 

This  paper  does  not  distinguish  between  safe  life  or  damage  tolerant  philosophies,  as  both  are 
still  used  by  design  authorities  and  play  a  role  in  the  fatigue  monitoring  process.  The  lessons 
learnt  are  applicable  to  both  structural  integrity  management  philosophies. 

3.  Basis  of  a  Fatigue  Tracking  System 

Once  the  type  of  in-flight  recorder,  the  position  of  strain  gauges,  and  the  flight  parameters  to 
be  recorded  have  been  determined  and  installed  for  a  given  aircraft  type,  there  is  still  much 
processing  to  be  conducted  before  the  in-flight  data  can  be  used  to  assess  the  fatigue  usage  of 
an  aircraft.  It  is  considered  that  after  data  retrieval  a  fatigue  tracking  system  requires  the 
following  capabilities: 

‘  Converts  cycles  at  any  R  ratio,  to  the  equivalent  cycle  for  R  =  -1 

^  The  USN  define  failure  to  be  vyhen  a  crack  on  a  critical  component/location  reaches  0.254  mm _ 
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1 .  Pre-processing  of  collected  data: 

A  code  is  required  that  formats  aircraft  unique  data  so  that  it  can  be  processed.  It  should 
provide  the  capability  to  identify  active  sensors,  identify  missing  sensor  initialisation  and 
determine  data  hours  (generally  from  landing  and  take  off  codes).  It  should  also  provide  an 
option  to  deal  with  data  recorded  out  of  order. 

2.  Data  Checking  Module,  which  should  provide  the  following  functions: 

•  Extracts  strain,  flight  parameter  and  Nz  data; 

•  Validates  data  and  eliminates  bad  data  by  checking  flight  parameters; 

•  Creates  PV  strain  files  or  other  appropriate  forms; 

•  Determines  inoperative  sensors  (by  comparing  recorded  against  calculated  strain)  and 
creates  a  sensor  log; 

•  Checks  gauge  initialisation  values; 

•  Checks  for  strain  data  spikes; 

•  Provides  the  capability  to  “fill-in”  or  compensate  for  missing  or  corrupted  strain  data; 

•  Calculates  eg  and  weight  of  aircraft  accounting  for  stores  configuration  and  fuel  usage; 

•  Normalises  Nz  (to  test  article  basic  configuration); 

•  Performs  sensor  calibration; 

•  Initialises  other  flight  parameter  variables  (eg  angle  of  attack); 

•  Tabulates  Nz,  velocity  and  altitude  exceedance  data; 

•  Identifies  mission  types. 

3.  Sequence  Counting  Module: 

The  module  is  required  to  build  a  Rain  Flow  Counted^  (RFC)  spectrum.  Depending  on 
computing  capability  it  may  also  discretise  and  block  the  sequence  to  optimise  processing 
time. 

4.  Fatigue  Damage  Module,  which; 

Calculates  damage  and  fatigue  indices  for  each  strain  sensor,  based  on  crack  initiation  or 
growth  algorithms.  It  also  updates  the  cumulative  “all  time”  damage  database  for  each 
aircraft,  and  should  check  if  the  accumulated  damage  equals  FLEI,  and  warn  if  the  damage 
rate  per  1000  flight  hours  exceeds  a  predefined  design  rate. 


^  Otherwise  known  as  range-pair  or  hysteresis  loop  counting 
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5.  Post-processor  Module,  which; 


Updates  the  database  file  for  each  aircraft  processed,  and  updates  the  documentation  file  of 
the  current  software  run.  Produces  a  summary  report,  which  includes  all  detected  data 
anomalies. 


Eacli  of  these  nominated  steps  are  critical  to  the  estimation  of  fatigue  damage  accumulated. 
The  review  of  the  RAAF  fatigue  monitoring  processes  identified  improvements  for  each  of 
the  above  steps,  some  of  which  are  discussed  below. 


4.  Notes  on  Strain  Sensor  Characteristics 


4.1  Gauge  locations 

It  can  be  demonstrated  that  strain  gauge  based  data  recorders  have  the  potential  to  provide  a 
more  accurate  assessment  of  fatigue  accrual,  than  conventional  Nz  based  systems,  for  high 
performance  aircraft.  This  is  principally  achieved  because  judicious  placement  of  the  strain 
gauges  can  automatically  account  for  aircraft  weight  and  stores  effects,  and  the  variation  of 
principal  loads,  such  as  Wing  Root  Bending  Moment  (WRBM),  at  various  Points  In  The  Sky 
(PITS)  constituting  the  flight  envelope. 

To  achieve  this  benefit  the  location  of  the  gauges  must  be  carefully  chosen.  In  particular,  care 
must  be  taken  to  ensure  that  the  location  of  the  sensor: 

•  is  dominated  by  the  principal  damage  inducing  load  (eg  WRBM); 

•  is  in  an  area  of  low  stress  gradient; 

•  can  be  directly  related'*  to  the  stress  at  critical  structural  locations; 

•  is  not  prone  to  gauge  “drift”  (varying  response  to  a  nominal  load  over  time^  see 
section  4.3); 

•  is  accessible  such  that  the  sensors  are  readily  replaceable;  and 

•  is  positioned  as  close  as  practicable  to  a  backup  sensor  in  the  advent  that  the 
primary  sensors  fails. 

Further  consideration  should  also  be  given  to  the  asymmetric  manoeuvres,  such  as  rolls,  as 
these  will  produce  differential  loading  on  the  main  flying  surfaces.  This  manoeuvre 
asymmetry  is  demonstrated  in 

Figure  1,  where  data  from  four  rolling  manoeuvres,  two  rolling  pullouts  (RPO)  and  two  Ig 
360“  rolls  (ROL),  taken  from  F/A-18  flight  trials  data  reported  in  Ref  4,  are  shown. 


'*  Preferably  providing  a  linear  relationship  for  both  positive  and  negative  loads 
^  F/A- 1 8  WR  lugs  are  an  example  of  this _ _ _ 
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Figure  1:  Flight  Test  WR  Strain  Time  History  for  Selected  Manoeuvres 


Operational  Roll  Rate  Distribution 

Aircraft :  A21-032  :  54  Flights  [1992] 
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Figure  2:  Roll  Rate  Distribution  [Operational  MSDRS  Data] 


From 


Figure  7  it  can  be  seen  that  the  right  and  left  wings  experience  significantly  different  load 
maxima  and  minima  during  the  manoeuvres.  A  gauge  solely  on  one  wing  may  be  acceptable  if 
it  can  be  demonstrated  that  over  time  the  usage  of  the  wings  balances  out,  for  example  as 


shown  for  distribution  of  roll  rate  from  the  limited  flight  trials  data  (from  RAAF  A2 1-032 
Ref  4)  in  Figure  2. 


4.2  Senior  Calibration 

The  fatigue  usage  of  a  military  aircraft  is  normally  monitored  against  the  damage  accumulated 
on  a  fatigue  test  article.  Before  the  strain  sensors  can  be  used  to  assess  an  aircraft’s  usage, 
they  must  be  calibrated  such  that  loading  derived  from  these  can  be  related  directly  to  the 
equivalent  load  on  the  fatigue  test  article.  To  verify  the  fatigue  test  loading  the  test  article 
gauges  may  also  have  been  calibrated  against  the  response  of  a  loads  development  aircraft. 
The  reasons  two  gauges  placed  at  nominally  identical  locations,  but  on  different  airframes, 
may  produce  varying  responses  to  nominally  identical  loading,  can  include  slight  differences 
in  airframe  build  quality,  slight  gauge  alignment  differences  and  variations  in  gauge  factors  or 
gauge  sensitivity.  Multiple  load  paths  in  redundant  structure  may  also  cause  varying  gauge 
response,  where  differences  between  aircraft  may  be  “built-in”  before  delivery. 

Great  care  must  be  taken  when  relating  the  loading  from  strain  measurements  from  these 
different  airframes.  Differences  will  also  arise  due  to  differences  in  zero  strain  setting,  ie.  Ig 
level  flight  or  pre-take  off  ground  condition,  or  due  to  sensor  drift  or  sensor  non-linear 
response. 

As  it  is  often  impractical  to  physically  groimd  calibrate  every  sensor  in  the  fleet,  it  is  normal 
to  rely  on  in-flight  recorded  data  to  relate  gauge  response  between  aircraft  to  the  loads  on 
calibrated  aircraft.  To  do  this,  data  recorded  at  unique  PITS  which  give  reproducible  values  of 
the  principal  loading  actions  are  required.  For  some  sensors,  namely  for  gauges  on  the  wing, 
this  is  a  relatively  simple  procedure.  For  the  F/A-18,  PITS  have  been  identified  at  which  the 
strain  sensor  has  maximum  response  to  WRBM  and  is  also  directly  proportional  to  Nz.  These 


Nz: 

Altitude: 
Mach  No.: 


3.5, 4.5  and  5.5g  ±  0.2g 
5000or  10000  ft  ±  1000  ft 
0.80  ±  20  KCAS 


From  these,  PITS  relationships  between  Nz  and  strain  can  be  determined,  which  in  turn  can 
then  be  used  to  scale  between  WR  sensors  on  different  airframes. 

In  other  instances,  for  example  vertical  and  horizontal  tails,  the  calibration  process  requires 
more  parameters  in  order  to  define  unique  PITS.  Thus  a  monitoring  system  which  records 
parameters  other  than  strain  is  essential  to  enable  scaling  factors  to  be  determined.  In  the  case 
of  the  F/A-18  Horizontal  Tails  (HT)  and  Vertical  Tails  (VT),  analytical  techniques  have  been 
determined  (eg.  Ref  5).  In  order  to  obtain  robust  solutions  for  these  structures  an  order  of 
magnitude  increase  in  the  number  of  data  points  over  that  for  the  wing  was  required.  PITS 
close  to  symmetrical  conditions  are  required  to  provide  the  data,  and  these  are  more  difficult 
to  define  for  the  tails  than  for  the  wing.  The  task  of  identifying  these  data  points  would  be 
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assisted  if  parameters^,  such  as  rudder  and  HT  deflection,  were  recorded  simultaneously  with 
the  sensor  strains.  However  the  current  MSDRS’  does  not  provide  this.  This  requirement 
would  involve  an  increase  in  data  storage  demands,  but  the  benefits  would  be  significant. 

Ideally  any  analytical  calibration  techniques  such  as  those  discussed  above  should  be 
validated  by  conducting  aircraft  ground  calibrations  on  a  sample  of  aircraft  prior  to  routine 


The  recorded  Nz  is  also  required  to  be  normalised  or  corrected  with  respect  to  the  reference 
(basic  design)  gross  weight  to  match  the  fatigue  test  configuration. 

The  lack  of  parameter  information  on  RPC  systems  like  AFDAS  is  seen  as  their  major 
limitation,  as  it  makes  the  sensor  scaling  and  data  validation  based  on  in-flight  data  alone 
difficult.  An  example  of  a  potential  method  developed  for  RPC  data  is  described  in  Ref  6. 

4.3  Sensor  Drift 

Compounding  the  problem  of  sensor  calibration,  is  the  phenomena  experienced  by  the  F/A-18 
WR  sensors,  whose  response  to  specific  loads  varies  over  time.  This  situation  is  particularly 
relevant  when  sensors  are  placed  on  lugs. 

In  the  early  1990’s  Rider  of  AMRL  noted  a  phenomenon  occurring  to  the  response  of  the  F/A- 
18  WR  sensor.  It  was  noted  when  comparing  the  response  of  the  WR  sensor  at  a  “reference” 
WRBM  over  different  periods  of  flying  for  a  given  aircraft,  that  it  gave  different  strain  values. 
It  was  fiirther  noted  that  the  response  increased  over  a  period  of  time  until  a  plateau  was 
reached  after  which  point  the  response  remained  constant.  This  became  know  as  WR  “drift”. 
This  behaviour  was  subsequently  confirmed  by  MDA  and  the  USN,  indicating  that  it  was  a 
“fleet”  problem.  It  is  believed  that  the  phenomena  is  a  local  effect  (in  the  vicinity  of  the  sensor 
only)  and  is  due  to  migration  and  wear  of  the  bushing  within  the  lug  (changes  in  the  lug  hole 
bearing  stress).  This  phenomenon  effectively  invalidated  the  calibration  values  calculated 
from  initial  flight  data.  In  turn,  the  “fatigue  life  expended”  calculated  from  the  WR  sensor 
response  was  compromised,  in  many  cases  conservatively  so. 

To  address  this,  MDA  developed  a  drift  /  calibration  analytical  process*  (Ref  7),  to  be  used 
prior  to  calculating  the  fatigue  life  expended.  The  process  can  be  summarised  as  follows: 

Once  the  data  files  are  obtained  the  strain  PV  information  and  flight  parameters  are 
extracted  at  PITS  similar  to  those  described  earlier.  In  addition  a  limitation  is  also 
placed  on  the  roll  rate  allowed,  in  order  to  obtain  symmetrical  manoeuvres. 


®  Although  beyond  the  scope  of  this  paper,  the  HT  and  VT  of  the  F/A-18  (and  other  modem  fighter  aircraft)  are 
affected  by  high  frequency  buffet  loading.  Currently  for  the  F/A-18  the  damage  induced  by  buffet  is  assessed  by 
monitoring  time  spent  at  pre-defined  angle  of  attack  and  dynamic  pressure  regimes.  This  further  highlights  the 
need  for  a  monitoring  system  which  also  records  flight  parameter  in  addition  to  strains. 

’  It  does  however  record  these,  amongst  other  parameters,  every  5  secs,  which  is  insufficient  for  this  purpose. 

*  An  alternative  technique  was  developed  in  Ref  1 . 
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The  expected  WRBM  is  obtained  for  those  selected  PITS  utilising  calibrated  flight 
loads  data  (requires:  weight,  altitude  and  Mach  No.).  From  the  WRBM  an  expected 
strain  is  calculated  using  nominated  reference  relationship  between  WRBM  and  strain 
In  the  F/A-1 8  case  the  loads  demonstration  aircraft  data  was  used. 

The  ratio  between  the  actual  measured  strain  to  expected  calculated  strain  is  then  the 
calibration  factor  for  the  period  represented  by  the  data.  Each  recorded  strain  peak  and 
valley  are  then  factored  by  this  value. 

Note  the  above  technique  simultaneously  calculates  the  amount  of  gauge  drift  and  its  scaling 
relative  to  the  loads  verification  aircraft.  An  example  of  the  WR  drift  is  shown  in  Figure  3, 
where  the  calibration  factors  were  calculated  at  different  cumulative  Airframe  Hours 
(AFHRS).  Note  that  the  factors  are  simultaneously  calculated  for  a  group  of  flights,  from 
which  the  results  for  the  valid  PITS  are  shown  at  the  mean  value  of  AFHRS  for  these  flights 
in  Figure  3. 

Ref  1  also  documents  a  discrepancy  in  the  load  data  used  in  the  above  process,  in  which  the 
maximum  WRBM  was  assumed  to  corresponded  to  the  maximum  Nz.  It  was  shown  for  the 
F/A-1 8  that  the  two  maxima  can  lag  one  other  by  as  much  as  2  seconds,  possibly  due  to 
fuselage  lift  contributions.  This  discrepancy  conservatively  effected  the  calculated  fatigue 
damage  by  overestimating  the  sensor  drift.  Systems  in  modem  military  high  performance 
aircraft  that  rely  solely  on  Nz  would  experience  a  similar  discrepancy. 

Sensor  drift  is  also  likely  to  occur  in  conventional  mechanically  fastened  aircraft  stmctures 
where  the  stiffness  is  likely  to  decrease  over  time  as  a  function  of  fastener  fretting  and  hole 
elongation. 
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Figure  3:  Calculated  WR  Drift 
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4.4  Sensor  Bi-linearity  -  - 

The  sensor  location  should  be  chosen  such  that  the  sensor  provides  a  good  representation  of 
the  principal  loading  influencing  the  structural  components  of  interest.  Subsequently  this 
gauge  can  be  used  to  monitor  specific  locations  which  are  effected  by  the  same  loading  action. 

In  the  case  of  the  F/A-18  fatigue  tracking,  it  had  been  assumed  in  the  process  that  the  WR 
sensor  related  linearly  to  strains  at  critical  locations  on  the  centre  fuselage  bulkheads.  Thus 
strain  transfer  function  relating  the  WR  strain  to  critical  location  strains  were  not  specifically 
needed,  as  the  spectrum  normalisation  process  (described  in  the  following  section)  would 
produce  the  same  sequence  regardless  of  the  transfer  functions  used.  However,  in 
investigating  this  relationship  between  the  WR  sensor  and  the  bulkhead  locations,  it  was 
determined  that  the  WR  sensor  to  WRBM  response  produced  a  bi-linear  ratio  between  the 
positive  and  negative  strain  ranges  and  this  was  reflected  in  the  relationship  between  the  WR 
strain  and  the  strain  at  the  critical  location.  An  example  is  shown  in  Figure  4,  using  drift 
corrected  ST16  test  data  for  the  FS488  bulkhead.  When  assessing  particular  locations  this  bi¬ 
linearity  must  be  accounted  for,  especially  when  dealing  with  spectra  which  contain  a 
significant  number  of  negative  load  cycles. 


ST16  MSDRS  WR  Strain  v  Strain  at  Gauge  40167  (M0.8  @  SL,  Flight  Loads) 

(NOTE:  Gauge  40167  is  located  on  the  outboard  edge  of  the  flange  near 
_ the  lower  wing  lug.  It  Is  supposedly  on  the  Y488  Bulkhead  critical  point.) _ 


FOR  tve  (120451  STRAIN:  R^=0.9971 

(40167)  =  2.379*(12045)  -  351 

FOR -ve(t2045>  STRAIN:  R^=0.9748 

(40167)  =  3.61 4*(1 2045)  -  273 


.  FIRST  20%  of  ST-16  block  33  data 


-3000  I - 

-1500 


ST16  WR  Strain  12045  (uE) 


Figure  4:  WR  MSDRS  To  Critical  Point  Strain  on  FS488  Bulkhead 


4.5  Data  checking 

There  are  numerous  data  checks  that  should  be  conducted  before  the  recorded  fleet  data  can  be 
used  with  eonfidence.  Examples  include: 


•  Strain  initialisation 
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•  Out  of  range  data 

•  Sensor  health  or  serviceability 

•  Missing  data 

•  Strain  spiking 

•  Strain  data  validity 

Of  these  only  strain  data  validation  will  now  be  discussed.  In  general,  when  validating  strain 
data,  the  recorded  strain  is  compared  to  a  calculated  value  that  relies  on  the  PITS  flight 
parameters  associated  with  that  strain.  In  general,  simple  linear  relationships,  such  as  between 
strain  and  Nz  will  not  suffice  for  modem  combat  aircraft,  as  loading  varies  considerably  with 
PITS. 

In  Ref  8,  multiple  parameter  least  squares  multiple  order  equations  were  developed^  for  the 
F/A-18  sensors  (this  was  only  possible  due  to  the  availability  of  a  substantial  amount  of  flight 
data  generated  by  IFOSTP).  The  aim  of  these  equations  was  to  predict  the  strain  response  of 
the  sensors  for  a  target  aircraft  to  an  accuracy  of  ±5%  for  all  fatigue  damaging  PITS.  For 
example,  the  equation  developed  (from  Ref  8)  for  the  WR  sensor  (valid  data  range  not  shown) 
is: 


Positive  (clean  stores  configuration) 

Strain  =  -134233  +  55.59xAoA  -  7.137xAoA^  +  0.2455xAoA^  -  0.002954xAoA'' 

+  39239.9xCG  -  2813.4xCG^  +  89.33xCG’  -  1.0607xCG‘' 

+  248.9xNz  +  4.733xNz^  -  0.7931xNz^ 

-  228.13xQ  +  30.047xQ^  -  1.648xQ^  +  0.0312xQ'' 

+  0.6227xRR  -  0.0152xRR^  ^  4.372e-6xRR^  +  1.9404e-7xRR^  -  7.8xGW 
+  0.0003242xGW^  -  5.926e-9xGW^  +  4.0145e-14xGW^ 

Where:  AoA  =  angle  of  attack,  CG  =  centre  of  gravity  position,  Q  =  compressible  dynamic 
pressure,  RR  =  roll  rate  and  GW  =  gross  weight  including  stores. 

From  the  validation  conducted  in  Ref  8,  it  was  demonstrated  that  all  these  flight  parameters 
were  required  to  achieve  the  required  accuracy.  The  situation  is  even  more  complex  for 
empennage  sensors,  as  the  following  equation  indicates  (from  Ref  8)  for  a  gauge  positioned 
at  a  ^■ertical  tail  attachment  stub  which  showed,  for  a  similar  level  of  accuracy,  that  a  fourth 
order  equation  of  sixteen  flight  parameters  was  required: 

Strain  =  function\AoA,  CG,  LStab,  Nz,  Q,  RR,  RRud,  RStab,  W,  RTef  LTef,  YR,  PR  ,M,  LAil, 
RAil\ 

Where:  L/RStab  =  left/right  stabilator  deflection,  RRud  =  right  radder  deflection,  L/R  Tef = 
trailing  edge  flap  deflection,  YR  =  yaw  rate,  PR  =  pitch  rate,  M  =  Mach  No.,  L/R  Ail  = 
aileron  deflection. 


’  MDA  also  developed  a  series  of  equations,  Ref  3,  and  have  produced  load  trend  “look  up  tables”  for  the  WR 
which  can  also  be  used. 

Number  of  significant  figures  shown  are  considered  necessary  - 

_ _ _ _ _ j 


1046 


As  can  be  seen  a  significant  number  of  parameters  is  necessary  to  achieve  the  required 
accuracy.  These  parameters  are  available  on  the  MSDRS  but  not  at  the  required  frequency 
(ideally  synchronous  with  the  strain).  This  currently  limits  the  validation  of  recorded  strains  at 
these  locations  using  this  method. 

These,  or  similar  techniques,  can  be  used  to  validate  the  recorded  strain.  The  importance  of 
achieving  good  accuracy  between  measured  and  predicted  values  is  particularly  important 
with  damage  models  which  account  for  hysteresis  effects,  such  as  the  Neuber  Notch  analysis, 
as  unrealistically  large  strains  (data  spikes)  can  lead  to  unrealistic  fatigue  damage  suppression 
(see  material  selection,  section  4.6.3).  This  situation  can  lead  to  an  unconservative  estimate  of 
fatigue  usage.  The  techniques  can  also  be  used  to  fill-in  for  missing  or  corrupted  data.  A 
review  of  missing  data  in  the  RAAF  fleet,  see  Ref  1,  indicated  that  a  significant  amount, 
approximately  12%,  of  data  used  in  the  fatigue  assessment  was  based  on  fill-in  techniques. 
Data  fill  in  options  are  limited  with  RPC  systems  which  do  not  record  flight  parameters. 

A  further  use  of  parametric  equations  is  in  the  gauge  scaling  process.  As  the  equations  are 
derived  for  a  specific  flight  trials  aircraft,  when  valid  data  from  another  aircraft  is  input,  the 
difference  between  the  predicted  and  measured  strain  is  a  reflection  of  the  scaling  between  the 
two  aircraft. 

Strain  gauges  do  become  unserviceable  and  their  replacement  is  a  significant  maintenance 
burden  to  the  RAAF  and  other  operators.  If  sufficient  flight  parameters  were  recorded  at  a 
sufficient  frequency  by  the  on-board  recorder,  then  parametric  equations  of  the  type  shown 
above  could  provide  a  potential  alternative  to  strain  based  systems. 


5.  Damage  model  calibration 

The  primary  purpose  of  a  fatigue  tracking  system  is  to  compare  an  aircraft’s  accumulated 
damage  against  the  fatigue  damage  imparted  to  the  test  article  in  the  reference  fatigue 
substantiation  test.  Therefore  the  fatigue  model  utilised  in  the  monitoring  system  must  be 
calibrated  to  the  test  result  before  it  can  be  used.  For  example,  as  the  required  design  life  for 
the  F/A-18  was  6,000  flight  hours,  under  “severe”  USN  usage,  the  crack  initiation  module 
CRACKI  within  the  SAFE  software  was  conservatively  calibrated  by  MDA  to  produce  a 
damage  of  1.0  at  6,000*^  spectrum  flight  hours  using  the  fatigue  test  spectrum  (ST16).  The 
following  should  be  considered  in  the  calibration  process. 

5.1  Spectra  Reference  Conditions 

In  order  to  determine  the  relative  fatigue  damage  between  an  aircraft’s  usage  and  the  full  scale 
fatigue  test  spectrum,  a  reference  flight  condition  is  required  to  relate  both  spectra  to  a  stress 
level  at  the  location  on  the  structure  at  which  the  fatigue  index  is  being  calculated.  For 
example  the  reference  condition  (or  PITS)  chosen  for  the  F/A-18  wing  was  a  7.5g  steady  state 
pull-up  (SSPU)  manoeuvre  at  Mn  =  1.0  at  15,000  ft.  From  the  MDA  load  demonstration 
aircraft  (F4)  flight  trials,  this  condition  produced  a  WRBM  of  6,390,000  inlb. 


This  assumes  that  all  relevant  test  failure  locations  are  modified  to  give  full  life  on  operational  aircraft. 
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I  The  fatigue  test  stress  life  curves  for  the  F/A-18  were  established  by  inputting  the  ST16  test 

J  ^ectrum  through  the  crack  initiation  program  (CRACKI)  and  outputting  results  for  a  range  of 

design  limit  stresses  (DLS)  multiplied  by  a  stress  concentration  factor  (Kj )  i  e  KtDLS  Before 
the  test  spectrum  is  input  to  GRACKI,  in  terms  of  the  test  target'^  WRBM,  it  is  normalised  by 
dividing  by  the  reference  WRBM  defined  above.  The  reference  stress  was  then  established 
by  entering  the  calculated  fatigue  test  stress-life  curve  for  the  relevant  material  at  the  required 
STi6  test  demonstration  life  of  12,000  hours  (i.e.  6,000*SF2)  and  reading  off  the  appropriate 
stress  level,  see  Ref  3 . 

5.2  Data  Processing 

When  conducting  the  above  procedure  it  is  important  thht  the  damage  ihbdel  processes  the 
test  data  in  the  same  manner  as  it  is  intended  to  process  fleet  data.  In  Figure  5,  the  ST  16  test 
WRBM  spectrum*'*  has  been  processed  through  CRACKI  for  the  WR  strain  gauge  location 
(titanium  WR  lug)  to  illustrate  the  sensitivity  of  the  crack  initiation  program  to  different  ways 
of  compiling  the  WRBM  sequence.  These  include: 

•  entire  spectrum  processed  on  a  flight  by  flight  (F  by  F)  or  load  line  by  load  line  (L 
by  L)  basis; 

•  RFC; 

•  WRBM  discretised  and  blocked; 

•  processed  by  blocking  the  resulting  discretised  data  ffOm  highest  to  lowest 
amplitude  blocks  (Hi  to  Lo); 

•  the  spectrum  divided  into  10  by  30  hour  segments;  and 

•  with  the  spectrum  Ground-Air-Ground  (GAG)  coupled.  A  GAG  cycle  is  the 
coupling  of  the  highest  peak  stress  with  the  lowest  minimum  stress  within  each 
single  flight,  with  all  other  PV  couplings  unchanged. 

As  can  been  seen  in  Figure  5  significant  differences  in  the  resulting  reference  stress  can  occur. 
The  effect  of  RFC  (or  GAG)  is  also  seen  to  be  significant.  It  has  been  shown,  Ref  1  and  9,  by 
comparing  experimental  data  to  fatigue  predictions,  that  the  closest  agreement  is  obtained 
when  the  spectra  are  RFC  before  the  prediction  is  made*^ 


12 

Theoretical  or  desired  spectrum  to  be  applied  to  the  test  article 

Note:  this  itself  induces  an  error  as  the  WRBM  is  PITS  dependent.  However  it  is  considered  impractical  to 
normalise  to  each  PITS  experienced  by  the  aircraft. 

“*  The  spectrum  consists  of  250  individual  flights,  for  a  total  of  300  hours. 

This  is  also  the  case  for  crack  growth  predictioi^  for  short  cracks  (Ref  9). 
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Figure  5:  Various  Data  Processes  for  ST-16  Spectrum 
5.3  Material  Data 

The  choice  of  material  fatigue  data  is  also  an  important  consideration  in  the  calibration 
process.  For  modem  aircraft  which  have  highly  optimised  structures,  it  is  possible  that  many 
locations  will  determine  the  LOT.  Therefore  it  may  be  attractive  or  economical  to  assume  that 
a  sensor  placed  at  one  location  can  be  used  to  monitor  significant  portions  of  the  airframe, 
assuming  that  each  has  been  tested  to  the  same  severity,  by  calculating  fatigue  damage  based 
on  material  data  relevant  to  that  sensor  location.  For  example,  fatigue  analysis  using  material 
relevant  to  the  F/A-18  WR  sensor  location,  the  titanium  wing  lug,  was  used  initially  to 
monitor  both  the  inner  wing  and  centre  fuselage  bulkheads  and  frames.  However,  this 
assumption  is  invalidated  with  the  use  of  fatigue  models  that  attempt  to  account  for  material 
hysteresis'^,  in  particular  the  effect  of  plasticity  on  suppressing  fatigue  damage'^  or  crack 
growth,  since  hysteresis  is  material  dependant.  For  instance,  if  titanium  fatigue  data  was  used, 
and  the  aircraft  loading  caused  the  model  to  predict  that  the  local  notch  stress  had  exceeded 
the  plastic  limit,  it  would  then  effectively  process  subsequent  cycles  about  a  mean 
compressive  residual  stress.  This  would  produce  a  reduction  in  subsequent  tensile  cyclic 
amplitude  and  lead  to  a  calculated  suppression  of  damage.  This  may  lead  to  significantly 
unconservative  predictions  of  damage  at  locations  fabricated  of  other  material,  eg. 
aluminium  .  The  location  which  experienced  the  most  significant  damage  during  fatigue 
testing  should  determine  the  choice  of  material  fatigue  data  used. 


®  Material  hysteresis  models  can  also  be  used  for  RFC  systems,  as  long  as  the  data  is  collected  on  a  flight  by 
flight  basis,  as  sequence  effects  within  a  flight  are  not  considered  significant. 

Literature  reviewed  in  Ref  1  produced  conflicting  evidence  as  to  whether  this  is  a  permanent  effect  or  not. 
Ref  1  demonstrates  that  hysteresis  effects  are  more  marked  for  titanium  than  aluminium. 
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The  choice  of  material  may  also  produce  conflicting  predictions  of  the  severity  between 
spectra.  Two  relatively  severe  F/A-18  usage  spectra,  SPECl  and  SPEC2,  have  been  compared 
to  the  ST- 16  design  spectrum,  for  titanium  and  aluminium  fatigue  data  respectively  in  Figure 
6  and  Figure  7.  From  these  two  figures  it  can  be  seen  that  the  relative  severity  of  the  two 
usage  spectra  in  relation  to  the  design  spectrum  are  significantly  changed  between  the  two 
materials. 


Titanium  Material  Properties 
No  Prestrain  -  Normalised  by  Reference  Strain  (1808) 


Spectrum  Flight  Hours  to  Crack  Initiation 


Figure  6:  Comparison  of  Spectra  -  Titanium  Fatigue  Data 


Aluminium  Material  Properties 
No-Prestrain  -  Normalised  by  Reference  Strain  (1808) 


Figure  7:  Comparison  of  WR  Strain  Spectra  -  Aluminium  Fatigue  Data 


1050 


5.4  Fatigue  Test  Interpretation 

Once  the  crack  initiation  model  has  been  calibrated  to  match  the  fatigue  test  result  it  is 
important  that  all  fleet  spectrums  are  processed  in  an  identical  manner.  As  stated  earlier  the 
damage  model  for  the  F/A-18  was  calibrated  using  the  target  test  WRBM.  However,  WRBM 
is  not  measured  on  fleet  aircraft,  and  thus  the  WR  strain  data  are  used  to  monitor  the  fleet.  In 
order  to  be  consistent,  it  is  considered  that  both  the  fleet  and  test  article  should  be  assessed  in 
the  same  manner,  thus  WR  strain  data  should  be  used  for  both.  Corrections  should  be  made 
for  the  sensor  characteristics  described  in  Sections  4.2  to  4.4  and  the  strain  sequences  should 
be  normalised  using  appropriate  reference  strain  levels.  The  following  example  from  the  F/A- 
18  illustrates  the  care  needed  in  processing  the  spectra. 

For  the  flight  loads  demonstration  aircraft,  zero  strain  corresponds  to  zero  g  in-flight  and  the 
strain  reading  at  the  reference  flight  condition  with  a  WRBM  of  6,390,000  inlb  is  1,808  ps. 
For  the  ST  16  test  article  zero  strain  corresponds  to  zero  WRBM,  and  the  strain  reading  at  the 
reference  flight  condition  is  1717  pe.  The  strain  recorded  at  the  reference  condition  is  referred 
to  as  the  reference  strain.  In  each  case  the  zero  strain  offset  should  be  taken  into  account  and 
the  strain  signals  normalised  to  provide  a  value  of  unity  at  the  reference  flight  condition. 
Figure  8  illustrates  the  substantial  errors  which  can  arise  in  the  crack  initiation  curves  when 
the  strain  sequence  is  normalised  with  the  incorrect  reference  strain. 

ST16  WR  STRAIN  AND  WRBM  CRACK  INITIATION  CURVE  FOR 
ALUMINIUM  7050-T74  (Prestrain) 

(The  Spectra  normalised  by  Reference  Strain  or  WRBM) 

120  ^ _ _ B_  VvR  Strain,  L  by  L,  RFQ  Ref  =  1 808ue 

110  - - ^ _ WRStrain,  FbyF,  RFQdiscrt. &Hi-lo,Re 

luu - - WRStrain,  FtyF,  RFC,  disot.  &I-li-lo : 

90 _ -  Kc/Kt=1.3  &NormalisedbyRef=  1717ue 

_  _ e  _  WRBH  F by F,  RFQdiscrt.  &Hi-lo,  Ref= 

^  80 - -  6,390,000  inlb 

5^  WRBM,LbyL,RFQRef=6,390,00Oinlb 


120 

110 

100 

90 

c« 

80 

Q 

70 

H 

60 

50 

40 

30 

20 

s 

s 

10000 

SPECTRIMHOURS  TO  CRACK  INITIATION 


Figure  8:  ST-16  WRBM  and  WR  Strain  Data  Comparison 


In  Figure  8  the  life  curves  generated  for  the  ST- 16  WRBM  and  WR  strain  spectra  are  shown 
normalised  by  6,390,000  inlb  and  1808  ps,  along  with  the  case  that  the  WR  spectrum  has 
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been  normalised  with  a  reference  strain  of  1717  las  and  account  has  been  taken  of  the  bi-linear 
response  of  the  gauge'®. 

5.5  Model  Validation 

Before  the  damage  model  is  used  to  assess  fleet  aircraft,  it  must  be  validated  against  available 
fatigue  test  data,  in  order  to  ensure  that  the  model  can  accurately  scale  between  spectra  of 
varying  severity  and  that  it  is  capable  of  reasonably  reproducing  the  test  results  in  terms  of 
either  total  life  or  crack  growth.  In  the  case  of  the  CRACKI  model  this  validation  was  done 
using  limited  coupon  test  results,  for  spectra  of  incremental  varying  severity,  see  Ref  1 .  The 
model  should  also  be  validated  using  test  results  for  spectra  of  significantly  varying  severity. 

Finally,  the  predicted  reference  stress  should  also  correlate  well  with  the  maximum  stress 
experienced  at  the  fatigue  test  failure  locations.  It  can  be  shown  (in  Ref  1),  that  the  reference 
stress  obtained  from  Figure  8,  using  the  strain  spectrum  normalised  by  1717  ps  and  corrected 
for  bi-linearity,  agrees  well  with  that  measured  at  the  critical  location  on  the  ST  16  test  article. 


6.  Conclusions 

This  paper  discussed  some  of  the  significant  issues  arising  from  a  review  of  the  RAAF’s  F/A- 
1 8  fatigue  monitoring  system.  Although  it  cannot  be  claimed  that  these  are  original  or  unique 
findings,  and  are  not  only  restricted  to  the  RAAF’s  system,  they  have  been  presented  here  in 
an  attempt  to  aid  a  fatigue  manager  in  defining  a  reliable  and  accurate  tracking  system.  Not 
only  is  the  design  of  the  data  recording  system  important,  but  similar  consideration  needs  to 
be  given  to  the  complexity  and  effort  required  before  the  data  can  be  used  (post-processing)  to 
assess  the  fatigue  usage  of  an  aircraft. 

In  summary,  the  issues  and  observations  presented  in  this  paper  were: 

1 .  Choice  of  strain  sensor  location  is  critical.  The  location  should  respond  predominantly  to 
the  principal  damaging  load,  be  in  a  low  stress  gradient  area,  should  be  capable  of 
accounting  for  asymmetric  flight  conditions,  should  not  be  subjected  to  sensor  drift  and 
should  be  readily  replaceable. 

2.  Fleet  strain  sensor  responses  are  required  to  be  normalised  against  the  response  of  the 
sensors  on  the  fatigue  test  article  being  used  for  damage  comparison, 

3.  Sensor  calibration  and  correcting  for  drift  can  be  achieved  if  sufficient  in-flight  recorded 
flight  parameters  are  available, 

4.  Maximum  Nz  does  not  always  relate  to  maximum  bending  moment, 

5.  If  the  fatigue  strain  sensors  experience  a  bi-linear  response  at  a  critical  location,  this  needs 
to  be  accounted  for  in  the  damage  calculation, 

6.  The  fatigue  damage  model  needs  to  be  carefully  calibrated  against  the  fatigue  test  result, 
using  the  same  process  intended  for  processing  fleet  data,  and  using  fatigue  material  data 

”  This  is  conveniently  accomplished  in  CRACKI  by  setting  the  flag  kc/kt  equal  to  the  ratio  of  the  positive  and 
_  negative  slopes.  For  the  case  of  the  critical  FS488  bulkhead  this  was  set  equal  to  1 .3.  _ _ 

1052 


relevant  to  the  most  critical  location.  The  model  must  also  be  validated  against  fatigue  test 
results  for  spectra  of  varying  severity.  Care  must  be  exercised  when  determining  reference 
conditions  to  be  used  to  normalise  spectra.  Changes  in  gauge  initialisation  conditions  can 
lead  to  different  reference  strain  values  between  test  articles  and  flight  aircraft, 

7.  Several  data  checking  processes  are  require  to  validate  the  recorded  data.  Spurious  data, 
such  as  strain  data  spikes,  can  lead  to  a  significant  and  unconservative  suppression  of 
damage,  when  using  sequence  accountable  damage  models,  and 

8.  As  strain  gauges  become  unserviceable  in  a  service  environment,  therefore  a  fatigue 
monitoring  system  requires  several  flight  parameters  recorded  synchronously  with  the 
strain  data,  to  validate  the  data,  to  perform  sensor  scaling  and  for  filling  in  of  missing  or 
corrupted  data. 

Even  though  the  simplified  systems  have  only  been  briefly  mentioned  in  this  paper,  an 
important  lesson  from  the  review  is  that  to  investigate  the  performance  of  a  complex  or 
sophisticated  fatigue  tracking  system,  a  simplified  system  should  also  be  maintained  in  order 
to  monitor  the  main  monitoring  system. 
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